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Design, Analysis, Fabrication, and Testing of a Nanosatellite
Structure

Craig L. Stevens

(ABSTRACT)

The satellite industry is undergoing a transition toward “smallsat” engineering. Small
satellites are becoming more attractive to customers as a method of decreasing cost. As the
launch costs remain relatively constant, the industry is turning towards nano–technology,
such as microelectromechanical systems, and distributed satellite systems to perform the
same missions that once required super-satellites. Nanosatellites form one group of these
high risk/low cost spacecraft. The Virginia Tech Ionospheric Scintillation Measurement
Mission, known as HokieSat, is a 40 lb nanosatellite being designed and built by graduate and
undergraduate students. The satellite is part of the Ionospheric Observation Nanosatellite
Formation (ION–F) which will perform ionospheric measurements and conduct formation
flying experiments. This thesis describes the design of the primary satellite structure, the
analysis used to arrive at the design, the fabrication of the structure, and the experimentation
used to verify the analysis. We also describe the internal and external configurations of the
spacecraft and how we estimate the mass properties of the integrated satellite.

The design of the spacecraft uses a composite laminate isogrid structure as a method
of structural optimization. This optimization method is shown to increase the structural
performance by over 20%. We conduct several finite element analyses to verify the struc-
tural integrity. We correlate these analyses with several static and modal tests to verify
the models and the model boundary conditions. We perform environmental testing on the
integrated spacecraft at NASA Wallops Flight Facility to investigate the properties of the
structural assembly. Finally, we create a model of the ION–F stack to verify the integrity
of the structure at the launch loads. We prove that the HokieSat structure will survive all
environmental loads with no yielding or failures.
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Chapter 1

Introduction

The Virginia Tech Ionospheric Scintillation Measurement Mission, also known as HokieSat,
is part of a student-built nanosatellite formation known as the Ionospheric Observation
Nanosatellite Formation (ION–F) mission. Constraints that are unique to the university
project and formation flying mission influence the design of the HokieSat structure. Mission
constraints typically guide the design of any satellite structure. We begin this chapter by
presenting an overview of previous space missions. We investigate how some of these past
missions influenced the design of the respective satellites. We then describe the ION-F
mission and its effect on the HokieSat structural design. Finally, we conclude this chapter
with an overview of the thesis

1.1 Previous Satellite Missions

Satellites provide numerous services for modern society. They perform essential duties for
military, governmental, and commercial organizations. The missions of these spacecraft in-
clude science ventures such as earth observation, interplanetary exploration, astronomy, and
solar physics. They also include commercial endeavors such as television signal transmission,
data transmission, and satellite telephone communication. In this section, we examine the
history of science and commercial space missions. However, we omit the history of military
missions due to the lack of available information.

The majority of the space science missions are performed by NASA–built spacecraft.
The design and size of these spacecraft are highly dependent on the mission goals. These
goals are constantly evolving due to changes in technology, political agenda, and budget.
As a result, the design and size of satellites reflect these changes. This phenomenon is
readily proven by examining the masses of civilian spacecraft launched throughout history.
Figure 1.1 displays the launch mass of several NASA spacecraft as a function of time. The
plot shows a gradual mass increase until the early 1990s at which point the spacecraft masses
suddenly begin to decrease. This sharp decrease is primarily due to the change in policies

1



Craig L. Stevens Chapter 1. Introduction 2

at NASA towards the “faster, better, cheaper” program [17] and a decrease in the overall
NASA budget [32]. These smaller spacecraft are inherently less expensive to launch due to
costs ranging from $5K per kg to $130K per kg [43]. The subsystems can therefore afford
to take a high risk/low cost approach toward the design and offer less redundancy. This
decrease in redundancy also decreases the overall cost and size of the spacecraft. NASA is
now using constellations or formations of small-satellite systems to perform missions that
once required large multi-million dollar spacecraft.

1950 1960 1970 1980 1990 2000 2010
100

101

102

103

104

105
NASA Spacecraft Mass History

Launch Year

M
as

s,
 k

g

Figure 1.1: Launch Mass History of NASA Spacecraft

The commercial spacecraft industry has also evolved throughout history, as shown in
Figure 1.2. However, the masses have not decreased as significantly due to several factors. A
major factor for this trend are the high gain antennas and large power requirements inher-
ent to the communications satellites placed in geosynchronous orbit. The communications
industry has long exploited the phenomena of “fixed” geosynchronous spacecraft to pro-
vide a stationary signal to it’s ground-based antennas. This current practice appears to be
changing, however, as distributed spacecraft systems become more prevalent (e.g. XM radio,
Globalstar, etc.).

As we have shown, the satellite industry has transformed to match the ever–changing
environment of technology. Spacecraft mass, as a result, has also demonstrated this trend.
We now discuss some examples of key spacecraft that accurately define the history of the
industry.
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Figure 1.2: Launch Mass History of Commercial Spacecraft

1.1.1 NASA Missions

Explorer 1, shown in Figure 1.3, was the first United States (US) satellite. It was launched
by the US Army on January 31, 1958 aboard a four–stage version of a Jupiter C rocket.
It was placed into a 224 × 1575 mi orbit at 65◦ inclination. The spacecraft measured
approximately 6 ft long (including the rocket case structure) and weighed 31 lb. The payload
weighed 18 lb and recorded cosmic rays and micrometeoroids. It also discovered the Van
Allen Belt, an area of intense radiation beginning 965 km above the surface of the earth,
and made contributions to theoretical spacecraft dynamics. The success of the Explorer 1
mission provided an impetus to continue the Explorer program. The program was turned
over to NASA at the creation of the agency in October of 1958 and has amassed over 75
launches [44].

The Compton Gamma–Ray Observatory (CGRO) was one of the largest NASA astro-
nomical spacecraft ever to launch (see Figure 1.4). It was launched on April 5, 1991 aboard
the Space Shuttle into a low–earth–orbit (LEO) approximately 280 mi in altitude. The obser-
vatory was safely deorbited on June 4, 2000 after nine years on orbit. It measured 25 ft long
by 12.5 ft in diameter and weighed 34,371 lb. The program was conceived in 1978 with a pay-
load containing four instruments: Oriented Scintillation Spectrometer Experiment (OSSE),
Imaging Compton Telescope (COMPTEL), Energetic Gamma–Ray Experiment Telescope
(EGRET), and Burst and Transient Source Experiment (BATSE). The instruments were
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Figure 1.3: Sketch of Explorer 1 [24]

designed to gather data on the most energetic form of radiation known. The long sched-
ule, massive size, and sensitive instrumentation all contributed to the immense development
budget of $557 million [44].

Figure 1.4: Compton Gamma–Ray Observatory [24]

The Solar, Anomalous and Magnetic Particle Explorer (SAMPEX) marked a turning
point in the NASA satellite design program towards the “faster, better, cheaper” philoso-
phy [32]. The spacecraft, shown in Figure 1.5, was launched into a 342 × 420 mi altitude,
82◦ inclination orbit on July 3, 1992 aboard a Scout. The satellite weighed approximately
348 lb and measured 4.9 ft in length and 2.8 ft in diameter. The mission goals included
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observing and measuring galactic charged particles and cosmic rays. The spacecraft was
part of the Small Explorers (SMEX) program which is designed to provide low cost, rapid
turnaround LEO science missions. It preceded several other similar satellites in the program
such as the Sub-mm Wave Astronomy Satellite (SWAS), the Fast Auroral Snapshot Ex-
plorer (FAST), the Transition Region and Coronal Explorer (TRACE), and the Wide–Field
Infrared Explorer (WIRE) [44].

Figure 1.5: SAMPEX External Configuration [24]

The Explorer 1, CGRO, and SAMPEX missions all incorporated unique satellite struc-
tural designs. Commercial spacecraft initially used the same design concept due to a lack of
space heritage. However, expansion of the satellite communications market required compa-
nies to become more productive and efficient. As a result, satellite manufacturers began to
design structures that were more modular and robust. We next discuss some key commercial
satellite missions that are representative of this trend.

1.1.2 Commercial Missions

Intelsat 1 was the first commercial communications satellite. It was launched to geosyn-
chronous orbit over the Atlantic on April 6, 1965 aboard a Delta rocket. The spacecraft
measured 2 ft in length and 2.3 ft in diameter and weighed 85 lb. The satellite allowed more
accessible transatlantic telephone communications and made scheduled transoceanic televi-
sion possible. It was reactivated in 1984 in celebration of the organization’s 20th anniversary.
This spacecraft was the first of over 23 to be put on orbit by the Intelsat organization. Cur-
rently, the organization is a commercial cooperative of over 136 nations and corporations
that provide international and transoceanic telecommunications support [44].

The Globalstar constellation consists of 48 spacecraft that work cooperatively in a dis-
tributed satellite system. The spacecraft were launched in several installments by Boeing
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Satellite Systems. The satellites, shown in Figure 1.6, weigh 988 lb and were designed such
that four can be launched simultaneously aboard a Delta class rocket. The constellation is
configured with six spacecraft in eight orbital planes. The orbits have an altitude of 764 nm
and inclination of 52◦, with arguments of perigee chosen for optimal ground coverage.

Figure 1.6: Schematic of Globalstar Satellite Configuration [5]

The ORBCOMM spacecraft constellation is the world’s first commercial communications
constellation. It consists of 35 spacecraft with a mission goal to provide a global two–way
data messaging system. The satellites were launched into six distinct orbital planes with
altitudes ranging from 484 mi to 621 mi between 1995 and 2000. All satellite designs use the
Orbital Sciences Corporation’s Microstar spacecraft platform. The Microstars are configured
as circular cylinders measuring 40 inches in diameter and 6 inches in height and weighing
99 lb. The compactness of the design allows for integration aboard a Pegasus XL rocket in an
eight–satellite stack configuration (see Figure 1.7). The configuration combines the launch
cost of several individual satellites. The ORBCOMM spacecraft constellation demonstrates
a possible commercial market for distributed small–satellite systems [27].

1.2 ION-F and HokieSat Mission

HokieSat is part of a three-satellite formation known as the ION–F mission. The ION–F
mission is comprised of three nanosatellites designed and built by students at the University
of Washington (Dawgstar), Utah State University (USUSat), and Virginia Tech (HokieSat).
The program provides technology demonstration for future high risk, low cost nanosatellite
formation missions such as TechSat21 [7]. The mission includes several nano–technology
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Figure 1.7: ORBCOMM Microstars Aboard a Pegasus Rocket [27]

demonstrations, three-dimensional mappings of the ionospheric scintillation effects on global
positioning system (GPS) signals, and ionospheric plasma density measurements. The for-
mation flying mission requirements dictate that the three spacecraft have nearly identical
initial conditions [7]. Therefore, the formation must be launched aboard the same launch
vehicle. The launch vehicle chosen for this mission is the Shuttle Hitchhiker Experiment
Launch System (SHELS), via the Space Shuttle (STS). Due to safety issues and tracking
limitations, NASA prohibits the nanosatellites from deploying separately from the Shuttle
Orbiter Payload Bay. The solution to the safety issues is the Multiple Satellite Deployment
System (MSDS) designed by AFRL (see Figure 1.8). The MSDS is designed as an opera-
tional platform that supports nanosatellites in a stack configuration aboard the SHELS[6].
Use of the MSDS allows ION-F to be deployed from the SHELS in an unpowered state,
which helps address many of the STS safety requirements. The ION-F launch configuration
consists of the three nanosatellites mounted to the MSDS in one stack. The mission profile
calls for the MSDS to deploy from the SHELS with the stack mounted to the platform.
While in this mode of operation, the MSDS issues a signal to release the power inhibits on
the nanosatellites and provide power to the electrical components to perform satellite–level
check–outs. Once a specified time has elapsed, the stack is ejected from the MSDS and sta-
bilizes itself using permanent magnets aboard USUSat. The desired attitude in this mode
is the unstable equilibrium with the stack minor axis aligned in the ram, or velocity vector,
direction. Finally, after an initial system checkout with the specified ground station, the
ION-F nanosatellites separate from each other and begin the formation flying mission [37].

The three satellites, University of Washington’s Dawgstar, Utah State’s USUSat, and
Virginia Tech’s HokieSat, are all hexagonal prisms weighing between 33 and 44 lbs. The
configuration of each satellite varies slightly based on the formation and nanosatellite mis-
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Figure 1.8: The MSDS Configuration [6]

sion requirements. The HokieSat configuration is also strongly influenced by the structural
requirements because of its position at the base of the ION-F stack.

The basic design of the HokieSat structure is a hexagonal prism 18 inches in major
diameter, and approximately 12 inches in height. The structure is designed to support the
components that are essential to perform the mission. Along with the ION-F formation flying
and science goals, HokieSat will demonstrate several low cost/high risk nano–technologies
such as micro-pulse plasma thrusters for orbital control, torque coils for attitude control,
GPS crosslink for orbit determination, and digital cameras for attitude determination. All
of these mission goals are accomplished along with the main mission goal of producing a low
cost/high risk nanosatellite with high student involvement.

1.3 Thesis Overview

This thesis describes the design, analysis, fabrication, and testing of the Virginia Tech Hok-
ieSat structure. We examine several previous satellite designs and their influence on the
existing HokieSat structural design. The mission of the spacecraft and its effects on the
satellite design are also described. We present the design variables that determine the in-
ternal and external configurations. We provide a comprehensive description of each stage of
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the HokieSat development.

In Chapter 2 we review the history of spacecraft structures with a focus on isogrid
applications. In Chapter 3 we describe the HokieSat structural design. We include the
design process and objective function analysis that were used in the optimization process. In
Chapter 4 we describe the manufacturing techniques used to fabricate the primary structure
and the methods used to protect the satellite in transit and on-orbit. Chapter 5 presents
the analyses and tests that were performed to verify the structural design. We include both
preliminary analysis, and stress, buckling, and modal analyses performed using I-DEAS
software. We also demonstrate the accuracy of the model using correlation with static,
modal, and vibrational experiments. Finally, in Chapter 6 we close this investigation with a
summary of the results and lessons learned throughout the qualification process.



Chapter 2

Literature Review

The purpose of this chapter is to review several basic concepts from the areas of satellite
design. We begin with a literature review of previous satellite structural designs. We include
conventional spacecraft design methods and materials. We conclude the literature review
chapter with a review of research on isogrid structures. Although many past satellite struc-
tural design trends are included in this chapter, we focus primarily on trends most relevant
to this mission.

2.1 Previous Satellite Structures

Aerospace structures generally require lightweight designs. The goal of these designs is to
optimize the strength per weight, or efficiency of the design. Satellite structural design has
evolved greatly over the past four decades. Traditionally, efficiency has been accomplished
using a combination of various structural designs and materials. We begin this section by
discussing basic primary structural designs and conclude by presenting traditional materials
used in spacecraft.

2.1.1 Conventional Structural Designs

Primary structures are designed using several criteria that depend on the mission require-
ments. Conventional spacecraft incorporate 4 basic primary structural designs: 1) skin–frame
structures; 2) truss structures; 3) monocoque cylinders; and 4) skin–stringer structures [31].

The skin–frame structural design uses an interior skeletal network of axial and lateral
frames to mount exterior skin panels using fasteners or rivets. The frames support bend-
ing, torsional, and axial forces. The skin reinforces the structure by supporting the shear
forces introduced by the interior member connections. The skin is sometimes minimized to
save mass, even though the thin skin leads to some structural instabilities. When the skin

10
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buckles due to shear, it transfers all additional shear loading to in–plane tension forces at
45◦ which must be supported by the connections. The buckling modes of the skin exhibit
large deformations that make it insufficient for exterior mounted components such as solar
cells. The buckling strength of the assembly is typically increased by adding intermediate
members [31].

Truss structures use an array of members that can only support axial loads. Truss mem-
bers are produced independently and arranged typically in arrays of triangles for stability.
The members are manufactured using extruded tubes made of composite, metallic, or sheet
metal materials. A stable truss is statically determinate and has no excess members to in-
troduce alternate load paths. Trusses are generally mass–efficient when the members are
configured into rectangular or triangular cross–sectional assemblies. However, they become
less efficient as the cross-section becomes more circular or hexagonal. Also, the design of
the structure creates inherent stress concentrations at interface mounting points, such as
separation systems. Components may be mounted both internally and externally and the
absence of shear panels enables easy access to a payload. However, this absence of shear
panels is not helpful to spacecraft requiring body mounted solar cells [31].

Monocoque cylinders are axisymmetric shells that do not contain any stiffeners or frames.
The shells are manufactured using metallic or sandwich panels with curved sections formed
by rolling. Typically, two or three curved sections are fabricated and assembled into the cylin-
drical configuration. The strength of monocoque cylinders is usually limited by its buckling
strength. The shells are most efficient when the loads are distributed evenly throughout the
structure. Components are typically mounted to the walls using fasteners; however, care
must be taken not to overlaod the shell and cause local failures. The monocoque cylinder
design is applicable to spacecraft with body mounted solar cells and relatively lightweight
components [31].

Cylindrical skin–stringer structures are designed using axial and lateral frame members
attached to an outer skin. These designs are similar to skin–frame structures; however, this
class of structures refers to circular cylinder configurations. The skin is sometimes mini-
mized to save mass, even though the thin skin leads to some structural instabilities. The
post–buckling behavior of the skin transfers the additionally applied shear loads to torsion
by the diagonal tension phenomenon described above. The skin and members must attach
uniformly to enable the assembly to act as a continuous structure. Typical connection meth-
ods include fasteners and/or rivets. Interior components are usually mounted to the walls at
locations along the stringer assembly. This method is more efficient than monocoque cylin-
der component mounting at introducing local loads. The skin must be designed sufficiently
stiff to enable sound mounting of exterior entities such as body mounted solar cells [31].

2.1.2 Materials

Satellite structural designs also use several different materials. Materials are chosen based
on their properties, cost, and complexity. There are two typical materials used in spacecraft
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applications: metals and fiber composites.

Metals

Aluminum alloys are the most widely used metallic materials in spacecraft manufactur-
ing [43]. The advantages include high strength to weight ratios, high ductility and ease of
machining. The stiffness to weight ratio is comparable to steel; however, the strength to
weight ratio is typically higher. The disadvantages include low hardness and a high coeffi-
cient of thermal expansion (CTE). The alloys are typically tempered to increase the material
strengths. Two typical alloys used in manufacturing are 6061-T6 and 7075-T7. Aluminum
6061-T6 contains silicon and magnesium which strengthens the alloy during tempering. This
alloy has good machinability and corrosion resistance. Aluminum 7075-T7 contains zinc and
trace amounts of magnesium. The alloy exhibits higher strength than 6061-T6, but is more
difficult to machine [22].

Beryllium is used for very high-stiffness aerospace applications. It has a specific modulus
6.2 times the specific modulus of aluminum [8]. The material is non-isotropic due to its
grain alignment and therefore exhibits low ductility and fracture toughness in its short–
grain direction. It is commonly used in lightweight optics and mirrors because it performs
well at cryogenic temperatures (i.e. low CTE and high thermal conductivity). However,
beryllium is expensive, difficult to machine, and sparsely available in the US. Beryllium
must be machined in a controlled environment because its powder is a known carcinogen
when inhaled. The parts may be safely handled once machined [31].

Steel is mainly used in aerospace applications where low–volume strength and stiffness
are important. Steel provides high wear resistance; however it is generally difficult to machine
and is not efficient for structural stability. Steels are combined with many trace elements to
address a wide range of needs. Austentic stainless steel is by far the most abundant steel
alloy used in spacecraft. It contains 12% chromium which results in a tough chromium–
oxide coating that protects parts from corrosion. Stainless steel is non-magnetic and certain
low–carbon alloys can be welded without sensitization. Stainless steels are generally used
for fasteners and mechanisms whereas many heat–resistant alloys are used for heat shields,
rocket nozzles, and other high–temperature applications [31].

Titanium and titanium alloys are used for applications requiring very high strength
materials. The materials exhibit high strength to weight ratios, low coefficients of thermal
expansion, and excellent corrosion resistance [43]. However, they are difficult to machine
and some alloys exhibit poor fracture toughness. Ti-6Al-4V, which contains 6% aluminum
and 4% vanadium, is the most popular titanium alloy used in aerospace applications. The
alloy has heritage in wings and missile bodies. Perhaps its most famous applications are the
castings used to connect the external fuel tank to the Space Shuttle and its boosters [22].
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Fiber Composite Structures

Composite structures consist of a matrix and a reinforcement. The matrix (metal, epoxy)
binds the reinforcing fibers (carbon, graphite) together into a continuous system. The effi-
ciency of composite structures is due its high specific modulus and unique load path. The
flexural shear loads are transferred from the matrix to axial loads on the high–strength fibers,
creating a structure 3 to 5 times as stiff as aluminum at 60% of the mass [31]. These fibers
may be both discontinuous or continuous entities. Discontinuous–reinforced composites are
comprised of ceramic or fiber particles that are randomly distributed throughout the matrix.
Aluminum reinforced with silicon carbide particles is the most widely used discontinuous
composite. The majority of continuous–fiber composites are generally called laminate com-
posites. Laminate composites are manufactured from several layers of woven fibers called
laminae. The laminae are composed of several parallel fibers arranged in sheets. The sheets
themselves are anisotropic and have few structural applications. However, stacking sev-
eral of the laminae with fibers aligned at different angles, called lamina angles, creates a
more stable laminate composite structure. The laminate may be customized for individual
applications by varying the fiber type and the layup. For example, some graphite/epoxy
laminates are tailored to have a nearly zero CTE and others may be laid up to exhibit ex-
traordinary specific stiffness properties. Polymer–matrix composites (PMCs) are the most
widely used continuous–fiber composites used for spacecraft. The matrices consist of two
polymers: thermoplastics, and thermosets. Thermoplastics may be remelted and solidified
multiple times whereas thermosets are not reusable after curing. These properties enable
a multitude of bonding techniques and layup procedures, many of which are currently pro-
prietary. The downside to fiber composite structures is the large development cost required
for reliable manufacturing. The large cost is due to the sensitivity of adhesive bonding to
process variables. This sensitivity makes each part a unique entity which must be tested
to verify strength. NASA and other programs require extensive testing of fiber composite
flight hardware to verify its structural integrity. The requirements typically create the need
to fabricate a protoflight structure dedicated to qualification testing followed by acceptance
testing of the flight article. This qualification procedure presently prohibits the use of fiber
composite structures on small–budget programs [31].

2.2 Structural Optimization Methods

Several methods are available to optimize the structural properties of spacecraft. The opti-
mum method may vary depending on the design task. We present three of the most widely
used methods: sandwich structures, multifunctional structures, and isogrid. We examine all
of the technologies and their benefits for satellite structural designs. We conclude with a
description of isogrid and a literature review of past research conducted in this field.
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2.2.1 Sandwich Structures

Sandwich structures are often used in skin-frame designs. A sandwich structure consists of
two thin face sheets attached to both sides of a lightweight core. The design of sandwich
structures allows the outer face sheets to carry the axial loads, bending moments, and in-
plane shears while the core carries the normal flexural shears [31]. Sandwich structures
are susceptible to failures due to large normal local stress concentrations because of the
heterogeneous nature of the core/face sheet assembly. Component mounting must therefore
use potted inserts to distribute the point loads from connections. Sandwich panel face sheets
are commonly fabricated using aluminum or graphite/epoxy composite panels. The core is
typically fabricated using a honeycomb or aluminum foam construction.

Honeycomb sandwich panelling is the lightest option for compressive or bending loading
specific applications [31]. Honeycomb sandwich cores are manufactured using thin strips
formed into honeycomb cells. The honeycomb geometry is non–isotropic with greater stiff-
ness in the longitudinal direction [43]. However, the core acts nearly isotropically for in–plane
loads when assembled in a sandwich configuration. The disadvantages of using honeycomb
cores are the potted inserts required for mounting and the thermal inefficiencies. These inef-
ficiencies stem from the low thermal conductivity of the adhesive layers used in construction
and make honeycomb prohibitive in optical and mirror aerospace applications.

Aluminum foam sandwich panels use a porous aluminum foam material for the core. The
flexural shear stiffness dominates the overall panel stiffness for relatively small panels (i.e.
less than 50 inches) [8]. Therefore, the core design is an integral part of the sandwich panel
design for small spacecraft. The shear stiffness of foam core sandwich panels is generally less
than that of honeycomb core sandwich panels of equal mass. However, radial ribs and shear
rings may be embedded in the core to overcome the low shear stiffness. A major benefit
of aluminum foam construction is an increase in thermal efficiency because the core may
be brazed to aluminum facesheets rather than epoxied [8]. Brazing provides a continuous
thermal path through the material which benefits applications such as cryogenic mirrors and
solar arrays.

2.2.2 Multifunctional Structures

Multifunctional structure (MFS) technology incorporates several functions into the primary
structure of a spacecraft. The main goal of these members is to minimize parasitic mass
by incorporating chassis, cables, connectors and thermal control components into the satel-
lite primary structural walls (see Figure 2.1). The walls are typically constructed out of
fiber composites or sandwich panels, and the electrical components are embedded during
manufacturing. The traditional ground plane/printed circuit board design is performed by
copper/polymide (CU/PI) patches, multi-chip modules (MCMs), and the current cabling
functions are performed using CU/PI flexible jumpers. The design allows for an easily-
accessible, removable, and modular electrical system [13]. The benefits of this technology
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Figure 2.1: Schematic of MFS Configuration [13]

include a 70% reduction in electronic enclosures and harnesses, a 50% reduction in space-
craft volume required for these conventional components, a reduction in labor required for
spacecraft assembly, and an extremely robust system with wide applicability to several mis-
sions [3]. Lockheed Martin has recently proven the technology as an experiment aboard the
Deep Space 1 mission [13].

2.2.3 Isogrid Structures

Isogrid uses an array of equilateral triangle cutouts to increase the stiffness per weight of
a structure. The pattern may be manufactured by machining a metallic panel, or it may
be constructed using fiber composite materials. The concept began in the early 1960s us-
ing metal structures and development continues today with research focusing primarily on
composite applications.

The Isogrid Design Handbook [23] is considered the foremost guide to isogrid structural
design. The handbook contains the results of a study conducted by Dr. Robert Meyer
beginning in 1964. The investigation examined optimum stiffening patterns for compressively
loaded dome structures. The study determined that isogrid is an efficient stiffening technique
for dome structures and the work was later extended to include plates and cylinders. This
work led to application of the technique to Delta vehicle tanks, interstages, shrouds, and
Orbital Workshop interiors.

The handbook presents the advantages of the isogrid design and the typical design sit-
uations when application of the technique is beneficial. It also defines the isogrid notation
used in nearly all of the modern literature. The theory for the sizing and analysis of isogrid
is presented and the manufacturing techniques are discussed. Correlation of the analysis
results and the structural testing results obtained for the Delta launch vehicle are discussed
to further verify the isogrid structural concept. This literature focuses primarily on the use
of isotropic materials, such as metals; however, the basic geometrical theory can be applied
similarly to composite materials.
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Paul Slysh authored several papers and articles concerning analysis and manufacturing of
isogrid structures in the 1970s and 1980s. Slysh conducted research on CNC manufacturing
of aluminum circular cylinders [34], and buckling analysis and testing correlation [35]. He
also demonstrated several uses of isogrid for structural applications.

The Isogrid Microspacecraft Structures Final Report [36] presents the design, analysis,
and fabrication guidelines developed in the manufacturing of an aluminum isogrid spacecraft.
The preliminary design and analysis were performed using the Isogrid Design Handbook.
Modifications were made to the isogrid array and it was shown that the modifications had a
negligible effect on the overall structural efficiency. The effectiveness of isogrid fabrication for
small organizations was demonstrated using Computer Numerical Controlled (CNC) milling.
Static testing data was correlated with the finite element model to investigate methods of
mass savings.

Lauer et al [21] authored a technical paper describing the design, analysis, fabrication,
and testing of an aluminum isogrid instrument mounting platform. The mounting platform
was developed to support a meteorological optical instrument and sensor with stringent
pointing requirements. The paper includes a trade study of an isogrid design versus a
honeycomb sandwich design. The results indicate that aluminum isogrid outperforms hon-
eycomb sandwich panels for this application because the sandwich panels exhibits a lack
of peel strength, high stress concentrations from mounting points, poor thermal conduction
without the use of thick face sheets, and poor thermal field–of–view to the instrument base
plate. Several instruments mounted to the isogrid platform using the node attachment points
and interface brackets. The paper presents the static and dynamic analyses performed and
correlated with vibrational testing to verify the integrity of the panel.

Several technical papers and journal articles have been written regarding the design,
analysis, and manufacturing of fiber composite isogrid structures. The Air Force Research
Laboratory has researched fiber composite isogrid development since the early 1990s [20].
Thomas Kim has extended AFRL’s research on analysis and fabrication techniques of com-
posite isogrid panels [10] and cylinders [18]. Kim and AFRL developed fiber composite isogrid
solar panel substrates for use on the Clementine spacecraft [19]. Parametric studies were
undertaken to demonstrate the feasibility of the isogrid panels for solar array applications.
As a result of these studies, fiber composite isogrid structures were shown to outperform
honeycomb sandwich structures in stiffness, mass, cost, and thermal properties.

Dorsey et al [9] conducted a trade study of two concepts for an aerobrake hexagonal heat
shield design. One concept is a sandwich panel construction with an aluminum honeycomb
core and graphite/epoxy face sheets and the other concept is a graphite/epoxy skinned isogrid
construction. The panels were compared using linear static, linear buckling, and nonlinear
static analyses. Detailed presentation of the analysis was presented and the honeycomb
sandwich panel was found to be superior for this application. We use this paper as a primary
resource for finite element modeling of the isogrid structure.

NASA Langley Research Center, TRW, and Composite Optics, Inc. conducted a re-
search and development program to evaluate the benefits to using fiber composite isogrid
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for spacecraft components [33]. The study demonstrated that there are benefits to using
composite isogrid for several applications such as solar array substrates, equipment avionics
panels, and high frequency RF reflectors. The results further reinforce the results from the
AFRL study by test/analysis correlation.

Several other resources are available to investigate the structural analysis of composite
isogrid cylinders and panels. Research has been conducted in the fields of linear bifurca-
tion and nonlinear buckling of these structures; for example Wang et al [41] conducted
post–buckling and linear bifurcation analysis in parallel with experiments and Zhang [46]
developed geometric and material nonlinear post–buckling equations for composite isogrid
cylinders. Huybrechts and Tsai [16] investigated the effects of nodal offset and grid structure
weaknesses such as missing ribs. Lockheed Martin, AFRL, and NASA have also conducted
research on composite isogrid cylinders for future Space Shuttle fuel tank applications [28].
Estimations of the compaction forces necessary to maintain structural integrity of the cylin-
ders were found using material nonlinear finite element analysis. Compaction forces are
applied to the composite during lay–up and are difficult to exact in practice. These forces
are related directly to the structural integrity of composite isogrid cylinders.

2.3 Summary

In this chapter we presented a literature review investigating past satellite structural designs.
We described basic primary structural designs and the materials widely used in spacecraft
structural design. We examined the advantages and disadvantages of each design and mate-
rial. We also presented literature describing structural optimization methods. We included
a review of modern optimization methods, such as multifunctional structures, and conven-
tional optimization methods, such as sandwich and isogrid panels. Finally, we presented
a detailed review of past research conducted in the field of isogrid structures. In the next
chapter we use this information to design the structure of HokieSat.



Chapter 3

Structural Design

The development of any structure begins by establishing a design. In this chapter, we
describe the process used to create the structural design of HokieSat. We begin with a
description of the major design constraints that guided the mechanical design. We present
the preliminary objective function analysis and results used to create a preliminary design.
We also present the iterative design procedure used to create the current design. We then
describe the configuration and the composite isogrid structure design.

3.1 Design Procedure

The current design procedure began when the Ionospheric Observation Nanosatellite Forma-
tion was established. The first step in the design procedure was to size the general spacecraft
configuration due to the large number of organizations involved in the mission. The ION-F
nanosatellites were configured as hexagonal cylinders with dimensions resembling the figures
stated in Chapter 1 to minimize the inherent complications of integration. The hexagonal
configuration allowed selection of a uniform separation system between the spacecraft.

The next step required a selection of the basic primary structural design. We rated the
four basic designs studied in the literature review and decided to use a modified monocoque
cylinder structure. We chose this design because the monocoque design had heritage in
nanosatellite structures and was readily applied to our program [31, 36, 11, 45]. The design
enabled a body–mounted solar cell configuration and allowed mounting of the relatively
lightweight components to its side panels.

The next step in the design process was to select the optimum material for the primary
structure. We presented the large number of panel materials with space heritage available
for satellite structural design in the literature review. To reduce this number, we performed
a parametric study and reduced the number of primary structural materials to three: 1)
solid metallic panel, 2) honeycomb sandwich panel, and 3) fiber composite panel. We then
evaluated each of these materials in more detail based on several design criteria. We chose

18
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these standards by applying a list of design parameters described by Grooms, Debarro, and
Paydarfar [12] to the unique programmatic and structural issues of the project. The design
criteria selected for the mission are shown in Table 3.1. The list was modified to include
student involvement in the spacecraft development, which is an integral goal of the HokieSat
mission.

We subsequently constructed an objective function to evaluate the performance of each
remaining material simultaneously. Each material was given a score, Sj, for each of the
criteria ranging from 0.0 to 10.0 based on results of the literature review and comments from
various specialists [14, 42]. The total score of the material design is thus calculated using
equations 3.1 and 3.2:

Stotal =
11
∑

j=1

(WjSj) (3.1)

The weighting factors, Wj, were chosen using the following constraint to ensure an objective
and efficient analysis:

11
∑

j=1

Wj = 1.00 (3.2)

A sensitivity analysis was conducted on the objective function using three weighting con-
ditions. The first condition was that of a general structural engineer. Here we distributed
most of the weights equally with an emphasis placed on the mechanical properties of the
structure. The second condition was based on the viewpoint of the chief engineer. This
viewpoint also distributed the weighting factors relatively evenly; however an emphasis was
placed on low mass and project scheduling. The final condition placed an emphasis on rating
the amount of student involvement resulting from application of the specified material. The
three conditional weighting factors are presented in Table 3.2 and the preliminary design
results are displayed in Table 3.3. The objective function clearly demonstrates that metallic
panels are the most effective structural design for our project. There were several reasons for
this decision. Fiber composite structures are expensive to manufacture and require costly
structural testing. The honeycomb sandwich panels require potted inserts to attach fasteners
which create safety concerns and parasitic mass. The metallic panels are relatively simple to
manufacture and minimize the safety and testing requirements. Metallic panels also allow
greater student manufacturing and handling.

The next step in the design process was to develop an optimum metallic plate design.
Several metals are used in satellite fabrication, such as aluminum, titanium, beryllium, and
stainless steel, which were discussed in detail in Chapter 2. These materials vary in cost,
manufacturing time, mass, strength, durability, and required craftsmanship. Aluminum 6061
T–651 was selected as the primary material in the spacecraft structure for several reasons.
The material is relatively abundant and economically feasible for a low budget program. It
has a density of approximately 0.1 lb/in3 which is roughly one third the density of steel and
other metals used in manufacturing. Finally, aluminum is simple to manufacture and has
relatively good workability [22]. Good workability is an important advantage to consider for
a small budget program, which must minimize cost by using university machine shops, and



Craig L. Stevens Chapter 3. Structural Design 20

Table 3.1: Design Criteria Scores for Materials
j Criteria Metallic Honeycomb Sandwich Fiber Composite

1 Mass 9.0 9.5 10.0
2 Design/development/test cost 9.0 9.0 7.0
3 Student involvement 9.0 8.5 8.0
4 Ease of fabrication/assembly 8.5 9.0 8.5
5 Ease of subsystem/integration 8.0 9.0 8.5
6 Ease of inspection/repair 10.0 8.5 8.0
7 Availability of material 10.0 9.0 8.0
8 Thermal performance 9.5 8.5 9.0
9 Test requirements 9.5 8.0 6.0
10 Analysis techniques available 9.0 8.5 8.0
11 Operations schedule 9.0 9.0 8.5

Table 3.2: Distribution of Weighting Factors for Each Condition of Sensitivity Analysis
j Criteria Condition 1 Condition 2 Condition 3

1 Mass 0.15 0.20 0.05
2 Design/development/test cost 0.10 0.20 0.10
3 Student involvement 0.10 0.05 0.20
4 Ease of fabrication/assembly 0.10 0.10 0.20
5 Ease of subsystem/integration 0.10 0.05 0.10
6 Ease of inspection/repair 0.05 0.05 0.10
7 Availability of material 0.05 0.05 0.05
8 Thermal performance 0.10 0.10 0.05
9 Test requirements 0.10 0.05 0.05
10 Analysis techniques available 0.10 0.05 0.05
11 Operations schedule 0.05 0.10 0.05

Table 3.3: Objective Function Results
Condition Metallic Honeycomb Sandwich Fiber Composite

1 9.050 8.850 8.175
2 9.075 8.975 8.300
3 9.075 8.975 8.300
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relatively inexperienced students to perform the majority of the machine work.

The next consideration in the design process was optimizing the structural and mass
properties of the spacecraft. The optimal structural design chosen for HokieSat was isogrid.
Isogrid, illustrated in Figure 3.1, uses an array of equilateral triangle cutouts to increase
the structural performance of a flat sheet of material. Ideally, machining an isogrid pattern
reduces the mass of the original plate by approximately 75% and reduces the strength of
the plate by approximately 25%. Nominally, this procedure may produce a 200% increase
in structural efficiency compared to the original flat plate [36]. Another advantage to ma-
chining the triangle array is that the plate remains isotropic [23]. Therefore, it exhibits
similar strength in all directions and locations of stress concentrations are minimized. We
conducted a preliminary analysis, described in Chapter 5, to size the isogrid and establish
the preliminary design of the spacecraft.

Figure 3.1: Photograph of HokieSat Isogrid Structure

In the final steps of the design process, we implemented an iterative method of design
optimization similar to the method proposed by Grooms, Debarro, and Paydarfar [12] (see
Figure 3.2). The steps in the iterative procedure used questions to help optimize the design.
If we answered no to any of these questions the design was modified and the process was
begun again. The process consisted of six steps. The first step ensured that all subsystems
would fit into the spacecraft. The second step used CAD software and finite element analysis
to ensure acceptable structural and mass properties. The next steps determined if the man-
ufacturing cost and schedule of the structure were acceptable. Cost–saving methods were
implemented throughout the manufacturing procedure. These methods included manufac-
turing several components in on–campus facilities and using undergraduate and graduate
student labor throughout the process. The final steps in the design process examined the
assembly, manufacturing, and operations aspects of the design. Many steps were taken to
ease handling, assembly, and manufacturing issues throughout the process. We used finite
element analysis techniques, which we discuss in the next section, coupled with development
considerations to arrive at the most efficient design. Upon successful completion of the de-
sign process, we arrived at the final HokieSat structural design. We now discuss in detail
the final structural design configuration.
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Figure 3.2: HokieSat Structural Design Process
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3.2 Structural Configuration

The HokieSat structural configuration is designed to accommodate all of the mission com-
ponents (see Figure 3.3 and Figure 3.4). The spacecraft uses body–mounted solar cells for
power generation, torque coils for attitude control, digital cameras for attitude determina-
tion, micro–pulsed plasma thrusters for orbit control and several other components for data
processing and communications. All of the electronics components connect to the isogrid
at web intersection points, known as nodes. The isogrid pattern is configured with two–
inch node spacing. This pattern allows for convenient mounting of the components while
increasing the structural performance. The rib width dimension of 0.08 inch is minimized
to eliminate mass and allow accurate machining without vibration [23, 36]. Minimizing the
rib width dimension while maximizing the rib depth is also critical to preserve much of the
panel bending stiffness.
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Figure 3.3: Internal Configuration of HokieSat

The separation system interfaces strongly govern the structural design. The separation
systems chosen for our mission are the Lightband and the Starsys separation systems. Hok-
ieSat interfaces with the Starsys separation system on the nadir panel and the Lightband
separation system on the zenith panel. The Lightband separation systems interconnect the
ION–F spacecraft. The systems support the spacecraft during launch and separate at a
specified time on orbit. The Lightband is configured as a hexagonal cylinder with a major
diameter measuring 18 inches and a total height measuring 3 inches (see Figure 3.5). The
system uses 24 #10–32 fasteners to connect to the host spacecraft. The Starsys separation
system connects the ION–F stack to the MSDS. It uses the same bolt hole pattern; however
the system uses steel to provide a stronger connection. It also has approximately the same
footprint dimensions.
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Figure 3.4: External Configuration of HokieSat

Figure 3.5: Lightband Footprint Bolt Pattern [15]
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The structural assembly consists of eight isogrid plates (see Figure 3.6). The two end
panels are hexagonal plates measuring 18 inches in major diameter and 0.25–inch in thickness.
The panels use an open isogrid plate design with 24 #10–32 through holes defined by the
Lightband separation system to connect to the side panel flanges. The side panels are
manufactured using open 0.23–inch thick isogrid plates adhered to 0.02–inch outside skins.
These composite side panels, shown in Figure 3.7, are less expensive to manufacture than a
monocoque structure. The skins reinforce the side panels and provide a stiff, stable surface
to affix body mounted solar cell arrays. The side panels are modified to extend one inch
above and below the end panel surfaces to provide more area to support the cell arrays. The
corner interfaces are designed using shear tabs to stiffen the joints and alleviate the shear
loading on the bracket fasteners. Flanges protrude at the top and bottom of the panels to
interface with the end panels and Lightband fasteners. The flanges are cut at a 60◦ angle
along one edge to allow the corner Lightband fastener to connect efficiently. Modifications to
the isogrid occur in four of the side panels to allow the nozzles of the pulsed plasma thruster
(PPT) nozzles to protrude outside the structure. Two webs are cut out of the array to
provide camera mounting for the attitude determination system. Based on previous analysis
of isogrid structures, these modifications have a negligible effect on the structural integrity
of the panels [36, 23].

Figure 3.6: End Panel Design

The structural assembly procedure requires that all of the side panels and internal com-
ponents be assembled prior to attachment of the end panels. The side panels are assembled
using two bracket designs. Bracket Design 1, shown in Figure 3.8, is the more robust bracket
that is approximately 0.25–inch thick. The bracket is fabricated using Aluminum 6061–
T651. The bracket design provides adequate shear and pull–out strength for the fasteners
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Figure 3.7: Composite Side Panel Design

and also reinforces the bending stiffness of the joint. Bracket Design 2, shown in Figure 3.9,
is brake–formed using a 0.063–inch sheet of Aluminum 6061–T651. This design allows the
PPTs and mounts to fit into the two corners. Both bracket designs connect the side pan-
els using four #10–32 fasteners. The end panels and separation systems are attached to
the flanges after all of the side panels and internal components are assembled, as shown in
Figure 3.10. The Lightband separation system requirements specify that the system is to
exhibit a flatness of less than 0.0005–inch per inch. The end panel is designed to accomodate
this requirement. However, the final step of the assembly checks the Lightband flatness to
ensure proper assembly of the system [15].

3.3 Summary

In this chapter we described the design process used to arrive at the existing HokieSat struc-
tural design. We presented the criteria and objective function used to select the optimum
design. We also presented the panel designs and the final composite isogrid structural config-
uration. In Chapter 4, we discuss the manufacturing techniques used to fabricate the design
and the quality assurance methods implemented to ensure hardware protection.
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Figure 3.8: Side Panel Assembly (Bracket Design 1)

Figure 3.9: Side Panel Assembly (Bracket Design 2)
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Figure 3.10: Structural Assembly



Chapter 4

Fabrication

The purpose of this chapter is to present the fabrication methods used to manufacture
the HokieSat structure. We begin by describing the machining methods used to fabricate
the structural assembly. We then describe the corrosion protection and quality assurance
methods implemented to maintain integrity of the structure. We conclude with a description
of the bonding process used to manufacture the composite side panels.

4.1 Structure Manufacturing

Manufacturing of the structure was completed using multiple machining methods to min-
imize cost. Several components were machined on a conventional mill in the on–campus
Aerospace and Ocean Engineering (AOE) machining facility. These machines typically pro-
vide a tolerance of ± 0.001 inches. The panels were manufactured using an alternate method
due to time, geometrical, and tolerance constraints.

The fabrication of the isogrid panels was performed using computer numerical controller
(CNC) milling machines. The CNC milling machines use a computer interface to control
the mill position. This interface enables parts to be fabricated with small tolerances. It
also minimizes machine time by using a computer–aided–manufacturing (CAM) software to
generate the mill control code, or “g-code,” from computer–aided–drafting (CAD) software
used to create design drawings. A CNC code was developed and implemented for all eight
isogrid panels using AutoCAD and SolidWorks software. The side panels were machined
from 1–inch blocks of aluminum to provide adequate thicknesses for the flanges. The end
panels were machined from 0.25–inch sheets of aluminum.

All of the other components were manufactured using traditional means in the AOE
machining facility. The skin face sheets were fabricated on a conventional mill from 0.02–
inch sheets of aluminum. The brackets were machined and hand–formed from 0.25–inch and
0.125–inch aluminum sheets. All mechanical connections in the primary structural design
were designed to use #10–32 standard fasteners.

29
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Some structural components have special tolerance requirements. The zenith end panel
outer surface is required to have no variations greater than 0.0005 inch per inch due to
Lightband separation system reliability issues [15]. This was verified by using an indicator
and a granite table as shown in Figure 4.1. The flatness must also be verified during the final
assembly as variations may be introduced by errors in the torque margins of the fasteners.

Figure 4.1: Method Used to Verify Lightband Flatness Requirements

4.2 Composite Side Panel Bonding

The side panels were designed to be reinforced using a composite structure. Each side panel
was adhered using a standard 2216 gray epoxy purchased through 3-M. The epoxy was
chosen for its effectiveness at bonding aluminum and its durability in the arduous space
environment [2]. It also exhibits relatively simple handling characteristics which enable the
bonding to be used for small programs such as HokieSat.

A meticulous procedure was implemented to ensure a sufficient cure of the bond and
satisfy all of the NASA safety criterion. The panels were first masked leaving only the
bonding surfaces exposed to ensure that none of the other surfaces were contaminated with
excess epoxy. The panels and instruments were then cleaned using seven 0.005–inch diameter
monofilament lines were laid across the isogrid panel in the lateral direction (see Figure 4.2).
The epoxy was mixed and then applied to the skin and the isogrid panels(see Figure 4.3).
The panels and the skins were then wiped with a spatula to control the thickness of the
bondline, as shown in Figure 4.4. The epoxy was less than 0.001–inch thick on the skin
and the lines on the isogrid panels ensured that there was an even 0.005–inch distribution
of epoxy over the entire surface. The skins were then placed on the isogrid panels and the
assemblies were placed in fixtures to ensure a square lay–up, as shown in Figure 4.5. Finally,
the panels were placed in an oven at approximately 80◦ Celsius for 120 minutes to cure [4].
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Figure 4.2: Isogrid Panel Surface Bonding Preparation

Figure 4.3: Application of the Epoxy to Isogrid Panel
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Figure 4.4: Spatula Method Used to Ensure Even Epoxy Distribution

Figure 4.5: Method Used to Lay–Up the Composite Side Panels for Curing
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4.3 Hardware Quality Assurance

All of the aluminum in the flight structure was coated with an iridescent chemical film
for corrosion protection according to MIL-C-5541E [40]. The film protects the aluminum
surfaces from oxidation without altering the dimensions. It also allows adequate thermal
and electrical conductivity through the panels [1].

All of the hardware is stored in a Class 100,000 clean facility. Adequate clean room
attire is required to handle the hardware to prevent contamination. The environment is
maintained at temperatures between 65 and 75◦ Fahrenheit and humidities between 40 to
60%. These ideal conditions prevent oxidation of the aluminum and minimize the risk of
damage to the electronic components (e.g. electrostatic discharge).

4.4 Summary

In this chapter we presented the manufacturing techniques used for fabrication. We also
discussed the bonding procedure used to lay–up the composite side panels. We concluded
by presenting the current methods used to assure quality of the hardware. We now discuss
the analysis and test techniques used to verify the integrity of the structure.



Chapter 5

Structural Verification

In this chapter, we describe the methods used to verify the integrity of the HokieSat struc-
ture. We begin with the preliminary static analysis that guided the nanosatellite mechanical
design. We then refine the analysis using correlation of the finite element model with static
and modal testing. Finally, we present the results of a detailed ION–F finite element analysis
to ensure survivability of the stack configuration during launch.

5.1 Preliminary Analysis

We began the structural analysis by performing a simplified analysis on the satellite to size
the preliminary design of the structure. We used an iterative procedure as shown in Chapter 3
and performed finite element analyses of the structure using the launch environment loading
conditions. Basic isogrid theory was then applied to establish criteria for choosing the initial
isogrid structural design.

The loading conditions were computed using requirements from the SHELS User’s Guide [26]
(SUG). The limit load factors are shown in Table 5.1. These load factors were considered
simultaneously and in all possible permutations. We also applied factors of safety, FS, to
the limit load factors equal to 1.25 on yield and 1.4 on all ultimate failures (see Table 5.2).
The margins of safety, MS, were calculated using the following formula:

MS =
σallowable

FS × σactual

− 1 ≥ 0 (5.1)

where σallowable is either the allowable yield stress or the allowable failure stress for the
material (depending on the factor of safety), and σactual is the stress calculated in the analysis.
The margins must be positive for all failure modes, including material failure and buckling.

The structure was first modeled using arrays of shell elements. The preliminary dimen-
sions of the structure were defined as a hexagonal prismatic shell with a height measuring
11.5 inches and a major diameter measuring 18 inches. We performed a stress analysis on

34
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Table 5.1: SHELS Structural Design Limit Load Factors
LX (g) LY (g) LZ (g)

±11.0 ±11.0 ±11.0

Table 5.2: SHELS Structural Design Factors of Safety
FSyield FSultimate

1.25 1.4

the structure for different shell element thicknesses. We then found the equivalent isogrid
panel stresses using theory described in the Isogrid Design Handbook [23]. The handbook
derives the stress equations based on the isogrid geometrical parameters. The parameters
defining isogrid geometry are shown in Figure 5.1 and presented in Table 5.3.

e1

e2

e3

b

a

h

x

y

Figure 5.1: Isogrid Parameters

We first explain the isogrid theory and assumptions to present the method used for the
preliminary analysis. We begin by examining a web element of the gridwork and assuming
it is in a state of uniaxial stress. Only one of the principal stresses in each member is
assumed to be nonzero, therefore, the uniaxial bar strains, e1, e2, and e3, are defined as the
longitudinal strains of the webs in the three corresponding directions. Applying the strain
transformation law yields the following relationship between the uniaxial bar strains and the
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Table 5.3: Isogrid Definitions
Parameter Definition

t Thickness of Skin
b Width of Rib Web
h Height of Triangle
a Distance Between Node Centers
d Depth of Web
E Equivalent Young’s Modulus
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The uniaxial bar loads for a unit thickness, Pi, are defined by recalling the generalized form
of Hooke’s law:

Pi = bEei i = 1, 2, 3 (5.3)

We now seek to develop Hooke’s law for the entire membrane. For a first approximation, the
changes in curvature and the corresponding bending stresses are neglected. Poisson’s ratio
is also assumed to be 1

3
. The membrane stress resultants, Nx, Nxy, and Ny, may thus be

found using plane stress solutions or equilibrium conditions. The relationships between the
stress resultants and the grid strains are as follows:
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where the extensional stiffness, K, is equal to the following:

K =
9

8
Et(1 + α) (5.5)

The nondimensional parameter α is computed using the following relationship:

α =
bd

th
(5.6)

Solving Equation 5.4 for the grid strains as functions of the stress resultants yields:

(

ex

ey

)

=
1

Et(1 + α)

[

1 −1

3

−1

3
1

](

Nx

Ny

)

(5.7)

γxy =
8

3

Nxy

Et(1 + α)
(5.8)



Craig L. Stevens Chapter 5. Structural Verification 37

We now find the skin stress equations using the derived relations. The skin stresses are
found using Hooke’s Law and substituting in the above equations. The generalized form of
Hooke’s law for planar stress problems is given in the following equation:

(

σx

σy

)

=
E

1− ν2

[

1 1

3
1

3
1

](

ex

ey

)

(5.9)

τxy =
E

2(1 + ν)
γxy (5.10)

The skin stresses are therefore found by substituting Equations 5.7 and 5.8 into Equations 5.9
and 5.10:
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We now find the rib stress equations using the above derivations. The rib stresses are
the normal stresses calculated along the three rib directions. Therefore, the rib stresses are
found from Equations 5.2 and 5.3 as:

σ1 =
P1

b
= Eex

σ2 =
P2

b
=

E

4
(ex +

√
3γxy + 3ey) (5.12)

σ3 =
P3

b
=

E

4
(ex −

√
3γxy + 3ey)

We formulate the rib stress equations by substituting in Equations 5.7 and 5.8 into Equa-
tion 5.12 to obtain:

σ1 =
1

3t(1 + α)
(3Nx −Ny)

σ2 =
2

3t(1 + α)
(Ny +

√
3Nxy) (5.13)

σ3 =
2

3t(1 + α)
(Ny −

√
3Nxy)

We next choose the skin thickness, t, to be zero to simplify the analysis and create a worst
case loading condition. We substitute Equation 5.6 into Equation 5.13 and establish the zero
skin–thickness condition to obtain:

σ1 =
h

3bd
(3Nx −Ny)

σ2 =
2h

3bd
(Ny +

√
3Nxy) (5.14)

σ3 =
2h

3bd
(Ny −

√
3Nxy)
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Due to the isotropic nature of isogrid it is possible to relate the extensional stiffness parame-
ters and rib stress equations to a monocoque plate. In this case, the open isogrid is modeled
as a solid plate of equal thickness and reduced stiffness. We model the reduced stiffness by
using an equivalent Young’s modulus, E, that is based on the stiffness reduction due to the
grid geometry. This formulation reduces to the following:

E = E
b

h
(5.15)

where the E is Young’s modulus of the isogrid material. Thus, it is possible to create a
monocoque plate that represents the equivalent isogrid panel.

We created a finite element model in I-DEAS [38] using a linear shell element array
(see Figure 5.2). We first simplified the analysis by minimizing the number of parameters.
The width of the rib, b, and the distance between node centers, a, were previously chosen
based on machining and integration constraints as discussed in Chapter 3. These constants
therefore make the equivalent Young’s modulus constant. The web depth (panel thickness),
d, is the only other independent parameter and is equal to the monocoque panel thickness in
this case. We performed an iterative analysis by calculating the rib stresses at different web
depths. The results are shown in Table 5.4. The values of the yield and ultimate stresses
of Aluminum 6061-T651 are 35 kips per square inch (ksi) and 38 ksi, respectively [39]. The
margins were calculated using Equation 5.1 and the factors of safety shown in Table 5.2.
The preliminary results show that 0.200–inch thick plates are sufficient. However, we were
forced to increase the panel thickness for the following reasons:

• meeting the stiffness requirements of the entire payload assembly (ION–F and MSDS) [2]

• surviving the conservative testing requirements (discussed later in the chapter)

• neglecting the component masses and assuming an simplified load path

• threading the component fasteners into the isogrid panels

• increasing the stack mass

The ION–F stack stiffness was a major concern in the design. HokieSat is a major contributor
to the overall stack stiffness due to its position at the base of the stack. A preliminary stack
modal analysis was performed and the results demonstrated that 0.200–inch plates were
insufficient. We were also concerned about incorrect load paths in the model and failure to
model non–structural mass (components). Providing sufficient thread length for fasteners
for component integration was also another concern. Finally, satisfaction of the conservative
test requirements, which will be explained later in this chapter, and a substantial stack mass
increase further required an increase in panel thickness. Therefore, we increased the plate
thickness to 0.250–inch to accommodate all of the requirements.

In the next section, we refine the analysis to model the actual isogrid webs. We present
the modal analysis and testing used to verify the model. We discuss the analysis and test
correlation of the isogrid end panel, isogrid side panel, and isogrid assembly models.
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Figure 5.2: Preliminary Analysis Mesh Configuration

Table 5.4: Preliminary Analysis Results
d (inch) σmax (ksi) MSmin

0.063 74.2 -0.663
0.125 36.0 -0.306
0.150 30.2 -0.173
0.175 25.6 -0.025
0.200 22.2 0.124
0.225 19.6 0.274
0.250 17.8 0.407
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5.2 Isogrid Satellite Model

We next refined the model and created a finite element model of the physical isogrid structure.
We modeled the isogrid panels using arrays of beam and shell elements. We began by creating
models of the isogrid side and end panels. We then assembled the panels into the isogrid
structural assembly. We verified the model in several steps throughout the process using
modal analysis and testing correlation.

We first modeled an isogrid end panel using an array of 0.25–inch thick beam and shell
elements. The isogrid webs were modeled as several 2–inch discrete beam elements, as shown
in Figure 5.3. The edge stiffener, or separation system mounting area, is modeled using
0.25–inch thick linear quadrilateral and triangular shell elements. The separation system
mounting points were modeled as nodes which created a nonuniform element geometry.

Figure 5.3: Isogrid End Panel FEM

We next performed a modal analysis to investigate the unrestrained stiffness properties
of the end panel. We used the Lanczos solver in I-DEAS to calculate the first 2 resonances
of the panel. The solver incorporates frequency shifting for efficient solving of the normal
modes. The first two modes are shown in Figures 5.4 and 5.5. The first mode exhibits a
twisting/bending mode shape (hyperbolic parabaloid) at a natural frequency of 105 Hz. The
second mode is a “drum” mode occurring at 182 Hz. A “drum” mode occurs when the center
of the panel vibrates similar to a drum head.

We modeled an isogrid side panel using an array of beam and shell elements. The side
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Figure 5.4: Isogrid End Panel FEM First Mode

Figure 5.5: Isogrid End Panel FEM Second Mode
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panel was modeled similar to the end panel model; however, we included the flanges and
overhangs. The stiffeners were modeled using 0.23–inch thick linear quadrilateral shell ele-
ments. The webs were modeled using 0.23–inch thick linear beam elements. We represented
the flanges and overhangs using solid and shell elements, respectively. The elements were
offset from the neutral–axis nodes of the webs and stiffeners to create the proper stiffness
properties of the panel. Rigid elements were used to connect the element nodes and transfer
the loads [9] between the elements.

We also performed a modal analysis on the side panel to examine the unrestrained
stiffness properties. The first two modes are shown in Figures 5.6 and 5.7. The unrestrained
model exhibits a fundamental torsional mode of vibration at 131 Hz. The top and the bottom
of the panel vibrate 180◦ out of phase. The second mode of vibration is a plate bending
mode shape occurring at 171 Hz. The plate bends about its minor axis.

Figure 5.6: Isogrid Side Panel FEM First Mode

We next verified the accuracy of the models using modal experiment data correlation. We
performed a tap test using a tap hammer and piezoelectric accelerometers. The experiment
was conducted at Virginia Tech in the Mechanical Engineering Modal Analysis Laboratory
and the Aerospace and Ocean Engineering Structures Laboratory. The panels were supported
using tape and bungee cord configurations, as shown in Figure 5.8. All instruments were
calibrated according to MIL–STD–45662A. The panel was struck with the tap hammer
which measures the impulse. The accelerometers measured the response and the signals
were processed using a Fourier analyzer system. The frequency response function (FRF)
was calculated using a fast Fourier transform algorithm and the resonances and phases were
examined. The results for the panels are shown in Figures 5.9, 5.10, and 5.11. The end panel
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Figure 5.7: Isogrid Side Panel FEM Second Mode

and side panel mode shapes correlate well with the analysis. The side panel analytical natural
frequencies are within 1% of the experimental data. However, the frequencies of the end panel
analytical modes are approximately 6% below the experimental natural frequencies. This
error is most likely due to deficiencies in inertial properties modeling and stiffness modeling
(fillets) and is considered acceptable. We consider both finite element models verified within
acceptable margins.

We next configured the FEM panels into the isogrid structural assembly. The panels
were connected using coincident edge nodes that transfer the loads between the corner shell
elements. We did not model the flanges and the overhangs to reduce complexity and because
the overhangs have relatively little contribution to the structural integrity of the assembly.
We first performed a modal analysis to examine the stiffness properties of the model. The
results are shown in Figures 5.12 and 5.13. The first mode of the assembly has a natural
frequency of 249 Hz. At this frequency, the mode shape exhibits large deflections of the end
panels (also called a “drum mode”) that resonate 180◦ out of phase. The second mode of
the structure occurs at 263 Hz. The second mode shape is also a “drum mode;” however,
the nadir panel vibrates in phase with the zenith panel. The analysis demonstrates that
components mounted on the center of these panels will experience the greatest accelerations
during launch.
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Figure 5.8: End Panel Modal Test Configuration

Figure 5.9: Isogrid End Panel Modal Testing Results (fn = 111 Hz)



Craig L. Stevens Chapter 5. Structural Verification 45

Figure 5.10: Isogrid End Panel Modal Testing Results (fn = 193 Hz)

0

5

10

0

5

10

−5

0

5

x

First Mode (f
n
 = 131 Hz)

y

z

0

5

10

0

5

10

−5

0

5

x

Second Mode (f
n
 = 169 Hz)

y

z

Figure 5.11: Isogrid Side Panel Modal Testing Results
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Figure 5.12: Isogrid Assembly FEM First Mode

Figure 5.13: Isogrid Assembly FEM Second Mode
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A modal survey was also conducted on the isogrid structure to evaluate the correlation
between the analytical and experimental data. The structure was tethered from a crane
with elastic cords to provide unrestrained boundary conditions. A 75 pound shaker with a
four-inch vertical stinger was used to apply a burst chirp impulse to the structure ranging
from 20 Hz to 1000 Hz. A three-axis accelerometer was attached at different locations on
the spacecraft for each test. A statistical analysis was performed on the results and the
mean values for the first and second modal natural frequencies are shown in Table 5.5. A
comparison demonstrates that the first and second mode shapes are similar and the first
mode analytical natural frequency deviates approximately 1% from the mean experimental
result. These results demonstrated that the isogrid assembly model was a sufficient model
of the spacecraft isogrid structure.

Table 5.5: Modal Survey Test Data
Mode Analysis (Hz) Experiment (Hz)

1 249 246
2 263 272

5.3 Composite Satellite Model

We next refined the isogrid model further to incorporate the epoxied skin side panel (com-
posite) construction. We began the analysis by modifying the isogrid side panel model
described above. We created 0.020–inch thick shell elements offset from the web and flange
neutral–axis nodes (see Figure 5.14). We modeled the skin using linear quadrilateral and
triangular shell elements to efficiently fit the geometry. The nodes of the skin elements were
connected to the web and flange elements using rigid elements, as described in the previous
section [9, 16].

We also conducted a modal analysis in I-DEAS to determine the structural properties
of the composite structure. Figures 5.15 and 5.16 show that the mode shapes are similar to
the isogrid panel modes. However, the corresponding first mode natural frequency increases
to 159 Hz and the second mode natural frequency increases to 219 Hz. The analysis results
therefore demonstrates a gain in structural stiffness of approximately 21% by adding the
skins.

We once again verified the model using modal experimentation. The side panels were
tested using two configurations. The panels were again hung vertically using tape as de-
scribed above (see Figure 5.17), and hung horizontally using a bungee cord configuration.
The accelerometer was placed at several locations on the panel and the tap hammer was
used to induce an impulse. The frequency response functions (FRFs) were examined result-
ing in the modes depicted in Figure 5.18. The mode shapes were also verified by finding the
Chladni patterns [29] of the panel. A five–pound shaker was connected to the panel in the
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Figure 5.14: Composite Side Panel Mesh

Figure 5.15: Composite Side Panel FEM First Mode (fn = 159 Hz)
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Figure 5.16: Composite Side Panel FEM Second Mode (fn = 219 Hz)

horizontal configuration using a #10–32 vertical stinger which allowed efficient connection
to existing threaded holes. Sand was then evenly dispersed over the top of the panel. A
signal generator was used to create sine wave signals at the first two resonant frequencies.
Each signal was amplified and used as input to the shaker. As the panel resonated at its
respective natural frequency, the sand migrated from the excited regions of the panel to
the regions of least response, known as nodal regions. The results, shown in Figures 5.19
and 5.20, show excellent correlation with the nodal regions computed in the analysis. The
modal experiments demonstrate that the first 2 mode shapes and frequencies correlate with
the analysis to within 1% error. We therefore considered the FEM an accurate model of the
composite side panels.

We next performed static testing on the composite panels to mitigate concerns with the
epoxy procedure. We constructed a modified plate bending test to evaluate the peel strength
of the bonds. The panel was placed on four 1–inch diameter aluminum dowels arranged in
a rectangular configuration (see Figure 5.21). The load was applied to the center web using
an Instron 4204 Universal Testing Machine and rectangular aluminum jig measuring 0.3”
× 0.3” × 2”. The jig and dowels were covered in felt to prevent scratching of the iridite
protective coating. A jack screw lowered the head and the displacement of the head was
recorded. A load cell mounted on the head measured the resistance force. A prototype panel
was first tested until audible cracking was heard. We tested the flight panels to 70% of the
corresponding load. The results are shown in Figure 5.22. None of the panels experienced
any yielding or failures. The results also validate the assumption to neglect the thruster
holes in the side panel FEM since all of the panels exhibit similar stiffness curves.
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Figure 5.17: Side Panel Modal Test Configuration

0

5

10

0

5

10

−5

0

5

x

First Mode (f
n
 = 160 Hz)

y

z

0

5

10

0

5

10

−5

0

5

x

Second Mode (f
n
 = 220 Hz)

y

z

Figure 5.18: Composite Side Panel Modal Analysis Results



Craig L. Stevens Chapter 5. Structural Verification 51

Figure 5.19: Composite Side Panel Chladni Pattern (Mode 1)

Figure 5.20: Composite Side Panel Chladni Pattern (Mode 2)
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Figure 5.21: Composite Side Panel Static Test Configuration
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Figure 5.22: Plate Bending Test Results



Craig L. Stevens Chapter 5. Structural Verification 53

5.4 Spacecraft Environmental Testing

We conducted the HokieSat environmental testing at NASA Wallops Flight Facility. Vibra-
tional, strength, and mass properties tests were performed to examine the structural integrity
of the composite spacecraft assembly. We first tested the prototype structure to investigate
the integrity and stiffness properties of the restrained satellite assembly. We then tested
the flight structural assembly to test the integrity of the flight components and determine
preliminary values of the mass properties.

The SHELS User’s Guide [26] requires three types of vibrational and strength tests. The
first test typically conducted is a sine sweep, which is a low level modal test (approximately
0.5 g’s). The sine sweep test uses the vibration table to excite the test article using a sine
wave input signal at a range of frequencies. The response is then recorded from mounted
accelerometers and both signals are used to compute the frequency response function using
fast Fourier transform theory. The test is conducted on three mutually orthogonal axes to
determine the complete three–dimensional spectrum. We excited the satellite assembly for
frequencies ranging from 20 Hz to 2000 Hz.

The second type of test conducted is a random vibration test. The random vibration
test also uses a vibration table to excite the test article. The random frequency spectrum
is typically a stationary random process determined using load–coupling analysis and data
from a launch vehicle. The stationary random process is typically quantified using an au-
tocorrelation function or a power spectral density. We use a form of the power spectral
density called the acceleration spectral density to quantify the accelerations induced by the
STS during launch. The acceleration spectral density (ASD) used for the ION–F random
vibration test is shown in Figure 5.23. We subjected the HokieSat structural assembly to
the same vibroacoustic test environment for 60 seconds.

The final type of test is the sine burst test. The sine burst test is a quasi-static test
designed as a strength test for complicated structures. The test is also performed on a
vibration table during vibrational testing which makes it more economical than centrifuge
or static testing. The shaker induces accelerations on the spacecraft with amplitudes equal
to the required limit load factor. The frequency of the sine burst signal is required to be
less than one–third the fundamental frequency of the test item to prevent load coupling and
dynamic amplification [25]. We performed this test on the HokieSat structural assembly to
ensure survivability of components and reveal any design flaws in the developmental process.
The sine burst input signal used for the HokieSat test procedure is shown in Figure 5.24.
The test is performed on each axis separately to simplify the testing procedure, however, this
creates relatively conservative loading requirements. The load factor used in our case is the
magnitude of the limit loading vector, 19.05, times the factor of safety for all yielding, 1.25.
This corresponds to three uniaxial tests at 23.8 g’s acceleration. We tested the spacecraft
at approximately 27 g’s for an added factor of safety.

Prototype spacecraft environmental testing was performed at NASA Wallops Flight Fa-
cility. Mass models of the major components were constructed and attached to the satellite
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to simulate the integrated system. We also fabricated a fixture to mount the spacecraft to
the shaker and simulate the Starsys separation system. Fifteen accelerometers were used to
record the accelerations of the major components and panels. We placed the accelerometers
at several key locations throughout the spacecraft as shown in Figures 5.25 and 5.26. We
inspected the spacecraft for any yielding or failure after each test. The test sequence and
results are tabulated in Table 5.6. The assembly passed all testing with no damage except
for the final sine burst test. The rectangular torque coil was damaged in the thrust test
due to inadequate mounting, as shown in Figure 5.27. The sine sweep results, shown in
Figure 5.28, demonstrate a structural fundamental frequency of approximately 78 Hz. The
computer electronics enclosure FRF, shown in Figure 5.29, exhibits the nadir panel first
mode at approximately 99 Hz. The low end panel natural frequencies are attributed to the
added mass of the components. The ill–placed GPS mass model at the center of the zenith
panel and high mass concentration are the primary reasons for the lower resonant frequency
and higher FRF magnitude of the zenith panel. The prototype dynamic testing provided
valuable information about the satellite stiffness properties and survivability of the space-
craft in the launch environment. Using the results of these tests, we were able to devise
integration strategies in an attempt to increase the fundamental frequencies of the space-
craft. The structure also exhibited no yielding or buckling during the testing which aided to
verification of the design.

Figure 5.25: Prototype Vibrational Testing Accelerometer Configuration (Zenith Panel)

We also conducted the flight spacecraft environmental testing at NASA Wallops Flight
Facility. Similar vibrational testing was performed while adding mass properties testing
to determine the inertial properties and the center of mass location of the spacecraft. We
began by assembling the spacecraft with all key structural components. Mass models were
fabricated for most of the electronics to mitigate overtesting of the electronics boards and
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Figure 5.26: Prototype Vibrational Testing Accelerometer Configuration (Nadir Panel)

Table 5.6: Prototype Structure Dynamic Test Sequence and Results
Test Description Result

Sine Sweep X 20 – 2000 Hz, 0.5 g RMS Pass
Random Vibe X 9 g RMS, 1 min Pass
Sine Burst X 24 g, 23 Hz, Pass
Sine Sweep Y 20 – 2000 Hz, 0.5 g RMS Pass
Random Vibe Y 9 g RMS, 1 min Pass
Sine Burst Y 24 g, 23 Hz Pass
Sine Sweep Z 20 – 2000 Hz, 0.5 g RMS Pass
Random Vibe Z 9 g RMS, 1 min Pass
Sine Burst Z 24 g, 23 Hz Fail
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Figure 5.27: Prototype Torque Coil Damaged During Thrust Sine Burst Test
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Figure 5.28: Prototype FRF Magnitude for Zenith Panel
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Figure 5.29: Prototype FRF Magnitude for Computer Electronics Enclosure

connections. The test configuration is shown in Figures 5.30 through 5.32 with accelerometers
once again placed at key locations throughout the spacecraft assembly. We relocated several
components in an attempt to stiffen the end panels and modified the torque coil mounting
scheme. We also modified the test procedure to include sine sweep testing after the strength
and vibroacoustic tests. This modification enables verification of the structural integrity of
the spacecraft by comparing the two frequency response functions. The FRF is examined
for large frequency shifts in resonance peaks or large changes in magnitude. Any failures
or shifting is usually evident from this analysis. The procedure and results are shown in
Table 5.7. The structure passed all tests with no yielding or failures. Improvements were
also demonstrated from the prototype testing. The fundamental frequency of the structure
increased 35% to approximately 105 Hz, as seen in the CEE FRF shown in Figure 5.34. The
first mode remained a “drum mode;” however, it occured on the nadir panel instead of the
zenith panel. This change was primarily due to the application of the epoxied honeycomb
and the relocation of the GPS hardware. The fundamental frequency of the zenith panel,
shown in Figure 5.33, increased over 156% from 78 Hz to nearly 200 Hz using this integration
technique. We also see less energy in the fundamental mode due to damping from the epoxy.
The CEE assembly was lightened which resulted in a 6 Hz increase in fundamental frequency.
The random vibration testing also provided valuable information on the system load coupling.
The information learned from the dynamic testing dramatically aided in the development of
the spacecraft assembly.
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Figure 5.30: Flight Dynamic Testing Accelerometer Configuration

Figure 5.31: Flight Dynamic Testing Accelerometer Configuration (Zenith Panel)
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Figure 5.32: Flight Dynamic Testing Accelerometer Configuration (Nadir Panel)

Table 5.7: Flight Structure Dynamic Test Sequence and Results
Test Description Result

Sine Sweep X 20 – 2000 Hz, 0.5 g RMS Pass
Random Vibe X 9 g RMS, 1 min Pass
Sine Burst X 24 g, 23 Hz, Pass
Sine Sweep X 20 – 2000 Hz, 0.5 g RMS Pass
Sine Sweep Y 20 – 2000 Hz, 0.5 g RMS Pass
Random Vibe Y 9 g RMS, 1 min Pass
Sine Burst Y 24 g, 23 Hz Pass
Sine Sweep Y 20 – 2000 Hz, 0.5 g RMS Pass
Sine Sweep Z 20 – 2000 Hz, 0.5 g RMS Pass
Random Vibe Z 9 g RMS, 1 min Pass
Sine Burst Z 24 g, 23 Hz Pass
Sine Sweep Z 20 – 2000 Hz, 0.5 g RMS Pass
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Figure 5.33: Flight FRF Magnitude For Zenith Panel
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Figure 5.34: Flight FRF Magnitude For Computer Electronics Enclosure
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Finally, we experimentally determined the mass properties of the spacecraft. HokieSat
was placed on a mass properties table in several different configurations as shown in Fig-
ures 5.35, 5.36, and 5.37. These configurations enabled the center of mass to be measured
in three dimensions. However, we were unable to tilt the spacecraft due to safety considera-
tions; therefore we did not obtain data for the products of inertia Ixz and Iyz. We therefore
assumed that the z–axis is a principal axis and calculated the principal moments of inertia
using eigenvalue theory for rigid body dynamics. The results are shown in Equations 5.16.
The center of mass location is measured from the center isogrid node on the nadir panel
outer surface. The center of mass is very close to the centroid of the satellite which will
enable easy ballasting during the final spacecraft assembly. The location also helps satisfy
the ION–F mass properties SUG requirements.

Figure 5.35: Mass Properties Testing Configuration

~rc/o = {0.10871, 0.03608, 5.81398} inches (5.16)

~Ip = {0.2799, 0.3017, 0.3341} slug-ft2
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Figure 5.36: Mass Properties Testing Configuration

Figure 5.37: Mass Properties Testing Configuration
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5.5 ION-F Model

We constructed a finite element model of the ION–F stack configuration. The other satel-
lites, Dawgstar and USUSat, and the Lightbands were modeled using previous stack model
properties [2]. The model is shown in Figure 5.38. We created a composite isogrid structure
for Dawgstar in I-DEAS using an array of elements similar to the HokieSat FEM assembly.
USUSat was constructed using 0.25–inch thick linear quadrilateral and triangular shell ele-
ments. The USUSat isogrid was not modeled due to its relatively little contribution to the
stack stiffness. Non–structural mass was added as point masses at central nodes in the cor-
ners of the other two spacecraft to account for the component masses. We also represented
component masses in HokieSat by distributing point masses at the component mounting
locations. The Lightband model was attached to the satellites at the end panel attach-
ment points. The separation systems were modeled using uniform 0.150–inch thick linear
quadrilateral shell elements.

`

HokieSat

Lightband

Lightband

Dawgstar

USUSat

Figure 5.38: ION–F FEM Mesh Configuration

We first verified the boundary conditions of the stack FEM using static strength and
stiffness testing. We assumed that the first mode is a cantilever mode. We also assumed
that the largest accelerations during launch are along the STS x–axis (roll axis). We thus
tested HokieSat in a cantilever configuration as it will be oriented in the Space Shuttle.
The test was conducted in three phases [30]. The first phase involved testing of the truss
fixture built to apply the loads to the spacecraft (see Figure 5.39). The truss measured 35
inches in length and was assembled using aluminum members. The truss applied a significant
moment to the spacecraft to simulate the launch load conditions. The truss was attached
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to several solid aluminum entities that allowed connection to the spacecraft and application
of the loads. The entire fixture was mounted to a rigid back wall constructed out of steel
I-beams to provide rigid boundary conditions. A load was then applied at the end of the
fixture and the corresponding deflections at that point were recorded using a linear dial
gage. The next phase of the testing included the isogrid structural assembly. The spacecraft
was mounted to the back wall using a separation system fixture to simulate the correct load
path (see Figure 5.40). We next mounted the truss fixture to the spacecraft as shown in
Figure 5.41. The loads and deflections were then applied and measured, respectively. The
last phase of the static testing examined the composite structural assembly in a similar set
up as the isogrid testing. This testing procedure provided a thorough investigation of all of
the configurations. We used the truss testing as a tare measurement of the experiment. This
measurement enabled values of the satellite deflections to be calculated. The experiment
also allowed a comparison of the isogrid panel assembly and the composite panel assembly
stiffnesses. The results are plotted in Figure 5.42. The composite side panels demonstrate
a 32% increase in stiffness in the cantilever mode while increasing less than 8% in total
mass. The results therefore show a 22% increase in stiffness per mass of the spacecraft
in the cantilever mode. These results show similar correlation with the side panel modal
analysis results above. The results also allow correlation of the test and model boundary
conditions. We first created a finite element model of the truss and attach it to the satellite
separation system nodes as shown in Figure 5.43. We then solved the model for the loading
conditions used in the testing and determine the corresponding deflection. Using an iterative
procedure, we determined the stiffness of the truss material required to give the measured
truss deflection. The results are shown in Figure 5.44. We demonstrated an error in stiffness
of less than 1% using a linear least squares analysis. We considered this an acceptable error.

Figure 5.39: Truss Fixture Testing Configuration
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Figure 5.40: Separation System Fixture

We next correlated the testing boundary conditions of the composite structural assembly
with the FEM. We began by solving the composite model and truss fixture test configuration
model at the corresponding test load conditions. We refined the boundary conditions using an
iterative procedure until the deflections matched the measured deflections within acceptable
error. The results are shown in Figure 5.45. The truss exhibited geometric nonlinearities
at the higher loads. We therefore correlated the linear section of the experimental curve
to the FEM to less than 5% error using a linear least squares analysis. The corresponding
boundary conditions incorporated changes to the original assembly model. The nadir Starsys
separation system attachment points are constrained in all translational degrees of freedom.
The flanges are modeled using solid elements due to their contribution to the structural
stiffness. The end panels are connected to the flanges using rigid elements to simulate the
clamping effect of the separation systems. We therefore considered these boundary conditions
to be correct.

We also performed a modal analysis on the ION–F stack configuration. The boundary
conditions of the stack interface plane were chosen based on the correlation analysis above.
The first and second modes are shown in Figures 5.46 and 5.47. The fundamental mode
occurs at a frequency of 47 Hz. Both modes are cantilever modes flexing nominally about
the major and minor axes of the stack. The strain energy plot reveals that the majority of
the flexing in the assembly occurs in the Lightband FEM. We assumed that the model is
sufficient for our analysis; however further investigation of the Lightband structural prop-
erties is recommended. A fundamental frequency of 47 Hz for the ION–F stack reveals
possible stiffness problems for the MSDS and stack assembly. The SHELS User’s Guide [26]
requires that the payload have a fundamental frequency greater than 35 Hz. Satisfaction
of these requirements may be difficult to attain as a payload assembly. The ION–F stack
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Figure 5.41: Satellite Testing Configuration
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Figure 5.42: Results of Cantilever Strength and Stiffness Tests
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Figure 5.43: Truss FEM Analysis
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Figure 5.44: Correlation of Truss Model and Truss Testing
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Figure 5.45: Correlation of Composite/Truss Model and Testing

environmental testing will determine the accuracy of the model.

We next performed a stress analysis of the ION–F stack. The SUG requirements stated in
Table 5.1 were first investigated to determine the integrity of the stack. The results from the
analysis were shown in Table 5.8. The margins of safety were calculated using Equation 5.1
and the required factors of safety. The results revealed that HokieSat and the ION–F stack
exhibit no failures and pass the SUG structural requirements.

We next investigated survivability during sine burst testing. As stated above, the fre-
quency of the sine burst signal is required to be less than one–third the fundamental fre-
quency of the test item to prevent load coupling and dynamic amplification. Therefore, the
frequency of the sine burst should be no more than 15.67 Hz as determined by the modal
analysis. This low frequency could create test procedural limitations due to the relatively
large stroke required at this low frequency. We will assume that a facility is available to
conduct the stack tests; however, further investigation is recommended. The sine burst test
corresponds to three uniaxial tests at 23.8 g’s acceleration. We therefore performed a stress
analysis for the sine burst test by applying uniform accelerations along each of the three
orthagonal axes. The worst case stresses are exhibited while applying the acceleration along
the spacecraft x-axis (major axis). The x-axis testing results are plotted in Figures 5.48
and 5.49. The other results are shown in Appendix A. The plots demonstrate that the
HokieSat structure survives all test loading with no yielding or failures.
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Figure 5.46: ION–F FEM First Mode (fn = 47 Hz)

Figure 5.47: ION–F FEM Second Mode (fn = 48 Hz)



Craig L. Stevens Chapter 5. Structural Verification 71

Table 5.8: ION–F FEM Stress Analysis Results
Gravity Vector (g’s) σmax(ksi) MSyield MSultimate

{11, 11, 11} 24.2 0.157 0.122
{−11,−11,−11} 24.2 0.157 0.122
{11,−11,−11} 24.8 0.129 0.094
{−11, 11,−11} 22.0 0.273 0.234
{−11,−11, 11} 23.0 0.217 0.180
{−11, 11, 11} 24.8 0.129 0.094
{11,−11, 11} 22.0 0.273 0.234
{11, 11,−11} 23.0 0.217 0.180

Figure 5.48: Sine Burst Stress Analysis (x–axis)
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Figure 5.49: Sine Burst Rib Stress Analysis (x–axis)
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5.6 Summary

In this chapter we presented the analysis and testing techniques used to verify the structural
integrity of the HokieSat structure. The preliminary analysis was presented and the isogrid
theory used in the approximation was derived. The isogrid finite element model was de-
veloped and verified using modal experimentation. The composite side panel finite element
model was constructed using offset elements and the model was also verified using modal
experimentation. We demonstrated a nominal 22% gain in structural efficiency by applying
the composite side panel design. The composite side panel manufacturing and strength were
verified using plate bend testing. The HokieSat prototype and flight structural assemblies
underwent vibrational testing at NASA Wallops Flight Facility resulting in no catastrophic
damage. We created a finite element model of the ION–F stack configuration and verified the
boundary conditions using static testing. We determined the first two modes of the ION–F
stack and performed a stress analysis on the stack to satisfy the NASA SHELS user’s guide
requirements. Finally, we performed a stress analysis under the sine burst testing conditions.
We thus have verified the structural integrity of the HokieSat composite structure.



Chapter 6

Summary and Conclusions

The purpose of this thesis was to design, analyze, fabricate, and test a nanosatellite for flight
qualification aboard the NASA STS. In Chapter 1, we began the design process with a liter-
ature review of past spacecraft missions. We then examined the designs of these spacecraft
to determine the most plausible configuration for our mission. In Chapter 2, we investigated
several materials and methods used to optimize the structural properties of spacecraft as-
semblies. We chose aluminum isogrid as the most efficient design for our program. We then
described the design of the spacecraft and the entire satellite configuration in Chapter 3.
In Chapter 4, we described the CNC manufacturing techniques used to fabricate the iso-
grid and the conventional methods used to fabricate the remaining structural components.
We described the meticulous lay–up procedure required for the composite side panels. In
Chapter 5, we presented the entire verification process used to determine survivability of
the structure. We used isogrid theory to size the preliminary design of the spacecraft. We
applied the theory to results of the finite element analysis to arrive at the design. We then
create an isogrid finite element model to more accurately model the structure and increase
our panel thicknesses to 0.250 inch. We then created the composite side panel model using
offset shell elements and investigated the properties of the assembly. We verified the mod-
els using modal analysis techniques. We performed environmental testing on the satellite
assembly at NASA Wallops Flight Facility. We devised integration methods to raise the
fundamental frequency of the structure and reduce the dynamic amplification of the loading
on critical components. We then used the data to create a FEM of the ION–F stack. We
verified the boundary conditions of the model by correlating the displacement data recorded
from static cantilever testing. We conducted a modal analysis revealing that the first mode
of the ION–F stack is 47 Hz. Finally, we conducted a stack level stress analysis. We proved
that the structure will survive all environmental and test loads.

We developed a satellite structure that incorporates a conventional isogrid design with a
modern composite assembly technique. The isogrid configuration allows for efficient mount-
ing of the components including several revolutionary nanotechnologies. We also demon-
strated a 22% gain in structural efficiency by incorporating epoxied skins in the composite
structural configuration. The environmental testing results demonstrated that the epoxied

74
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honeycomb construction increased the stiffness of the zenith panel by over 156% and also
increased dampening of the assembly. The testing showed a HokieSat structure fundamental
frequency of 105 Hz. The composite side panel manufacturing used a space–rated 2216 gray
epoxy which allowed for a simple lay–up procedure. The development process incorporated
several undergraduate and graduate students at all levels. The students were able to fab-
ricate and handle the hardware, and the environmental testing was conducted primarily by
students. We verified the integrity of the key structure in the unique ION–F stack configu-
ration using finite element analysis. This configuration is essential for ION–F to fly in one
of the first autonomous formation flying missions.
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Appendix A

Finite Element Analysis Results

The appendix contains plots of the stress contours obtained in the sine burst test finite
element analysis. Both the shell stresses and rib stresses are plotted. The results shown are
the Von–Mises stresses calculated in the analysis.

Figure A.1: Sine Burst Stress Analysis (y–axis)
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Figure A.2: Sine Burst Rib Stress Analysis (y–axis)

Figure A.3: Sine Burst Stress Analysis (z–axis)
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Figure A.4: Sine Burst Rib Stress Analysis (z–axis)
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