
PREBUCKLING AND POSTBUCKLING BEHAVIOR 

OF STIFFENED COMPOSITE PANELS WITH 

AXIAL-SHEAR STIFFNESS COUPLING 

by 
Richard Douglas Young 

Dissertation submitted to the Faculty of the 

Virginia Polytechnic Institute and State University 

in partial fulfillment of the requirements for the degree of 

DOCTOR OF PHILOSOPHY 

in 

Engineering Mechanics 

APPROVED: Sidhe 
M. W. Hyer, Chair 

. (a Aan AO VN edtpeeclio 
E. R. Johnson K. L. Reitsnider 

  

July 12, 1996 

Blacksburg, Virginia 

Key words: Composite, Anisotropic, Stiffened, Postbuckling, Tailored



C.2. 

LD 

5KGSS 

YVRS6 

IANS 
YC8&S 
Oa



PREBUCKLING AND POSTBUCKLING BEHAVIOR OF STIFFENED 

COMPOSITE PANELS WITH AXIAL-SHEAR STIFFNESS COUPLING 

by 

Richard Douglas Young 

Committee Chair: Michael W. Hyer 

Engineering Mechanics 

(ABSTRACT) 

To advance structural tailoring methods in composite structures, an experimental and 

numerical investigation of the prebuckling and postbuckling responses of flat rectangular 

graphite-epoxy composite panels with a centrally located I-shaped stiffener subjected to a 

uniform end shortening is presented. Axial-shear stiffness coupling is introduced by rotat- 

ing the stiffener and/or prescribing skin laminates with membrane and bending stiffness 

coupling. A panel’s axial-shear coupling response is defined as the ratio of the panel’s 

shear load to its compression load when a simple end shortening is applied. 

Experimental results are reported for five panels. The baseline test panel has an unro- 

tated stiffener and a [445/745/0,/90] ; skin laminate. Two panels have either the stiff- 

ener or the entire skin laminate rotated 20°, and the remaining two panels have both the 

stiffener and the skin laminate rotated by 20°, either in the same direction, or in opposite 

directions. Extensive experimental data are obtained electronically during quasi-static 

tests. Finite element models are defined which accurately represent the conditions in the 

experiment, and geometrically nonlinear analyses are conducted. Measured and predicted 

responses are compared to verify the numerical models. The panels’ stiffness, buckling 

parameters, load vs. end shortening relations, out-of-plane deformations, and axial-shear 

coupling responses are reported. The finite element analyses, based on two-dimensional



plate elements, are utilized to address failure due to skin-stiffener separation by estimating 

the skin-stiffener attachment forces and moments at failure. 

The results of a parametric study which isolates the mechanisms which contribute to 

axial-shear stiffness coupling are reported. It is found that rotating the stiffener or intro- 

ducing skin anisotropy typically reduces the axial stiffness and buckling loads. The axial- 

shear coupling response due to rotating the stiffener is constant in prebuckling and 

increases after skin buckling, and the magnitude of the response can be adjusted by vary- 

ing the stiffener rotation and rigidity. Skin membrane stiffness coupling creates axial-shear 

coupling responses that are constant in prebuckling and decrease in magnitude after skin 

buckling. Skin bending stiffness coupling creates axial-shear coupling responses that are 

zero in prebuckling and increase in magnitude after skin buckling. Examples are presented 

which demonstrate how different mechanisms can be tailored independently and then 

superimposed to effectively tailor a stiffened panel’s axial-shear coupling response in the 

prebuckling and postbuckling load ranges.
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1. Introduction 

Stiffened laminated composite panels are finding an increased number of applications in 

structural design. Stiffened panels, generally consisting of beam-like members adhesively 

bonded or mechanically fastened to a thin laminate, or skin, are typically utilized because 

of their structural efficiency and their ability to carry additional load after the skin has 

buckled. The use of laminated fiber-reinforced composites has grown due to their high 

strength-to-weight and stiffness-to-weight ratios, and the ability to tailor laminate proper- 

ties for specific applications. 

Most early applications of composite materials were developed using conventional 

metal design practices. As more is learned about tailoring laminate properties, conven- 

tional design practices are being rethought and modified to exploit the potential of struc- 

tural tailoring. In aircraft design, for example, structural tailoring has been employed to 

build stiffness coupling into the wing structure in order to control aeroelastic deforma- 

tions. Wing structures have been designed to exhibit bend-twist stiffness coupling to sup- 

press flutter of rear-swept wings and suppress divergence of forward-swept wings. In most 

applications, bend-twist stiffness coupling of the wing structure was generated by incorpo- 

rating axial-shear stiffness coupling in the stiffened skins of the wing. 

There are two techniques that have been applied for structural tailoring of stiffened pan- 

els. Axial-shear stiffness coupling has been incorporated in metallic stiffened panels by 

utilizing skewed stiffeners, i.e., stiffeners not aligned with the primary direction of load- 

ing. In stiffened panels with laminated composite skins, axial-shear stiffness coupling has 

been generated by rotating the principal direction of orthotropy of the laminated skin rela- 

tive to the principal direction of loading. To realize fully the potential of structural tailor- 

ing of composite stiffened panels, designs should be considered which exaggerate the use 

of anisotropy in the laminated skins, and possible apply both anisotropic skins and skewed 
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stiffeners. The axial-shear stiffness coupling available with each tailoring method, and the 

effects of combining the tailoring methods, will need to be quantified. 

Since stiffened panels have been shown to exhibit substantial postbuckling strength, 

some design practices allow the skin of certain stiffened components to buckle at load lev- 

els below design ultimate load conditions. If axial-shear stiffness coupling is to be used in 

structures with postbuckled skins, it will be necessary to determine if axial-shear stiffness 

coupling is altered when the skin is allowed to buckle. If buckling changes the coupling, 

then it may be possible to tailor the structural stiffness to vary as a function of load. 

With the above issues in mind, the problem of the prebuckling and postbuckling behav- 

ior of composite plates with anisotropic skins and skewed stiffeners was studied in depth 

in the present investigation. The goal of the present investigation is to demonstrate the 

nature of the axial-shear stiffness coupling that can exist in a simple stiffened panel. The 

results of the investigation are primarily intended to promote the use of structurally tai- 

lored composite stiffened panels for applications where a specific coupled load-displace- 

ment response is desired. There may be direct applications for structures with combined 

loads, particularly if the ratio of the combined loads varies as a function of the load. In 

addition to promoting the application of structural tailoring, the results of this study may 

also be helpful in explaining the response of stiffened panels that have laminated compos- 

ite skins which have some degree of anisotropy, or stiffeners that are not exactly aligned 

with the principal direction of loading. 

In most generic structural applications designers try to minimize the amount of stiffness 

coupling. Stiffness coupling in laminated composite plates typically reduces the buckling 

load and induces a more complicated response, which makes the structure more difficult to 

analyze. The concept of inducing substantial stiffness coupling to create a tailored struc- 

tural response is not globally accepted, nor is the concept appreciated. The current investi- 

gation is meant to provide insight into the nontraditional structural responses that are 

possible with structural tailoring and to inspire innovative applications that can only be 

achieved by using the tailorability of composite materials. 

Since stiffness coupling concepts are not widely understood and used, this chapter will 

start with a brief introduction to stiffness coupling in laminated composites plates. Exam- 

ples are then presented to demonstrate the variation in membrane and flexural stiffnesses 

created by rotating the principal direction of orthotropy of several composite laminates. 
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Also to follow in this chapter is a survey of some of the literature felt to be relevant to the 

prebuckling and postbuckling response of stiffened composite panels with anisotropic 

skins and skewed stiffeners. This is followed by an overview of the specific problem 

addressed in this study and the approach that was used. 

1.1 Stiffness Coupling in Laminated Composite Plates 

The term composite, as used in the context of materials for structural applications, gen- 

erally describes a matrix material reinforced with continuous filaments. A tutorial which 

outlines the mechanics of composite plates is included in this document as Appendix A. 

This tutorial includes a description of the principles of classical lamination theory, the for- 

mulation of the nonlinear strain-displacement relations, laminate constitutive relations, 

and definitions for membrane and flexural equivalent engineering constants for laminated 

composite plates. The terminology and nomenclature used in the field of composites varies 

from one reference to another. The current work contains equations taken primarily from 

the two textbooks, Mechanics of Composite Materials! by R. M. Jones, and Nonlinear 

Analysis of Plates” by C. Y. Chia. 

In Section A.4 the constitutive relations for a symmetrically laminated composite plate 

are given as 

N €° M K 
x Ay, Aj Aig * x Dy, Diy Di¢ x 

— oO — 

Ny = JAjy Ag. Arg ey My = |Dio D4. D6 Ky ° (1.1) 

Nyy Aig Arg Age] ‘¥zy My D6 D6 D6) \Kxy 

where N; and M; are the membrane and bending stress resultants, respectively, E°, EY , and 

Vey are the reference surface strains, kK, , Ky, and K,, are the curvatures at the reference 

surface, and A;; and D;; are the membrane and bending stiffnesses, respectively. Equation 

(1.1) can be expressed in inverted form as 

£° N K 
* 411 419 16 x x dy, 219 Ay x 
0 N _ 

€) B19 497 46 y Ky = [diy doy dye My , (1.2) 
oO 

Y xy B16 I6 466) Nyy Ky dig dog Age} My 
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where [a] = [Ay ! and [d] = (py!, and aj; and dij are the laminate membrane and bending 

compliances, respectively. The Aj¢, Az¢6, 216, and az¢ terms represent coupling between the 

inplane extensional and shear strains. For a balanced laminate, these coupling terms are 

equal to zero. The Dj¢, D6, dj, and dy¢ terms represent coupling between the out-of- 

plane bending and twisting curvatures. For orthotropic laminates (lamina oriented at 0° 

and 90° only), these terms are equal to zero. 

Stiffness coupling can cause a structure to display unusual displacements when 

deformed. If these unusual displacements are constrained, then unusual restraining forces 

are generated. First consider coupling of the membrane stiffnesses, then consider coupling 

of the bending stiffnesses. 

1.1.1 Membrane Stiffness Coupling 

Consider a laminated composite rectangular plate with no membrane stiffness coupling, 

1.€., Ayg = Ar6 = 216 = a6 = 0, loaded by a tensile load in the x-direction only, as shown in 

Fig. 1-1(a). In the absence of membrane stiffness coupling, the membrane stress-strain 

relations are given by 

ey ay Qi 0 N,. 

Ey = a1 Ay, O Ny . (1.3) 

Yxy 0 0 age Nyy 

If N= (Napplied and Ny and N,, = 0, then Eq. (1.3) reduces to 

Ee? 

* a1, 4, 9 (Ny) applied 

EY = |a, 4, 9 0 (1.4) 

Vey 0 0 ag 0 

or 

ey ~ yy (NV) applied ey ~ 412 (NV) applied Vey =O. (1.5) 

The equivalent membrane Poisson’s ratio v xy for the laminate is defined as 

-€° -a 
_ y _ 12 

Vyy = = (1.6) 
Ey a1 
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That Vey = 0 is a direct result of the coupling term a ¢ being identically equal to zero. The 

undeformed and deformed configurations for this case are shown in Fig. 1-1(a). 

  

  

  

      

  

    
  

  

      

Undeformed Shape 

mms Pe formed Shape 

(a) Q16> 926 = 0 <_ — 

<— y { —> 

N x7 (NV. x) applied — , _ +» (Nx)applied 

Ny, Nxy = 0 —_ — 

(b) Q16> Arg, #0 +_ —_, 

<—_— y > 

N,= (Napplied <— L_. —_+»> (Nx)applied 

Ny Nyy =0 —_* 

(c) a16, 426 ~ 0 — —> 

— y L. —_» 

N, = (NV applied +«— , . (NV x)applied 

_ —_ + —p> 

N, = 0, Vy = 0       

> so > 

(Nyy) reaction 

Fig. 1-1 Rectangular plate with membrane stiffness coupling, N,. = (Vy)applied 

If membrane stiffness coupling is introduced, a,¢ and ay¢ are nonzero and the membrane 

stress-strain relations are given by 

£° N 
* 411 412 16 x 
oO —_ 

Ey = [ayy 499 Ay] | Ny (1.7) 
oO 

Yxy 416 A6 I66) Nay 

If N= (applied: and Ny and N,, = 0, then Eq. (1.7) reduces to 
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ey (N,) 411 412 416 applied 
€? = . 

y “12 922 “26 0 ’ (1.8) 
oO 

Vay 416 76 466 0 

or 

o- Oo= oO =a 1.9 
ex “11 (N,) applied ey “12 (N,) applied Vxy 16 (N,) applied (1.9) 

The equivalent membrane Poisson’s ratio v xy for the laminate is defined as 

—€° -a 
vo = -_2 | (1.10) y 

xy 
ee yy 

A nonzero shear strain is created when only an axial stress resultant is applied. The equiv- 

alent membrane coefficient of mutual influence n xy , JS defined as the ratio of the shear 

strain to the axial strain, or 

0 a 
aby 16 (1.11) 

1. x ys e? a 

x 11 

The undeformed and deformed configurations for this case are shown in Fig. 1-1(b). 

If the same laminate has N, = (Ny) applied and Ny = 0 and the shear deformation is 

restrained, i.e., Yxy = 0, then a shear stress resultant reaction (V,);eaction 18 created. For 

this case Eq. (1.7) reduces to 

ey G11 412 416 (N,) applied 

EYL = [412 422 426 0 (1.12) 

0 G16 426 66 (Ny) reaction 

Specifically, 

416 O 
(Ny) reaction = 66 (N,) applied = Nyx, x (N,) applied (1.13) 

The undeformed and deformed configurations for this case are shown in Fig. 1-1(c). 
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1.1.2 Bending Stiffness Coupling 

Consider a laminated composite rectangular plate with no bending stiffness coupling, 

1.e., Dyg = Dog = di6 = dy6 = 0, loaded only by the bending moment resultant M, as shown 

in Fig. 1-2(a). In the absence of bending stiffness coupling, the moment-curvature rela- 

tions are given by 

Ky di, 4, 0|| Mx 
Ky = |di. dz, 0 M, , (1.14) 

Ky 0 0 de My 

If M, = (M,)applied: and M, and M,, = 0, then Eq. (1.14) reduces to 

Ry di dy, (M,) applied 

Kf = dy dy 0}] 0 , (1.15) 
Ry 0 0 d€ 0 

or 

K, = di, (M) applied Ky = d,5 (M.) applied Ky =0 , (1.16) 

As indicated in Eqs. (1.16), simple bending of a flat plate causes curvature in two direc- 

tions. The top surface of the plate is in tension in the x-direction and has Poisson contrac- 

tion in the y-direction. The bottom surface of the plate is in compression in the x-direction 

and has Poisson expansion in the y-direction. The through-the-thickness variation of E, 

translates into a nonzero value of Kk y and results in a saddle-shaped deformation. This is 

sometimes referred to as the anticlastic effect. The undeformed and deformed configura- 

tions for this case are shown in Fig. 1-2(a). That Kiy= O is a direct result of the coupling 

term dj, being identically equal to zero. The equivalent flexural Poisson’s ratio v f for the 

laminate is defined as 

(1.17) 

If bending stiffness coupling is introduced, d)¢ and dy¢ are nonzero and the bending 

moment-curvature relations are given by 
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  Undeformed Shape 

mae Deformed Shape 

(a) a6, d¢ =O 

M, = (M,applied 

M,, Myy = O 

  

(b) adie dy6 #0 

M, = (M,)applied 

M, M,, =0 

  

(c) d 16° d6 #0 Jy applied (M xy) reaction 

M, = (M, applied 

M, =9, Ky = 0 

   

    

(M,,) reaction 

Fig. 1-2 Rectangular plate with bending stiffness coupling, M, = (My )applied 

“x di) dy a6 x 

Kf = din doy dy) ) Myf - (1.18) 

Ky dig Ang Teg) My 

If M, = (M,)applied and M, and M,, = 0, then Eq. (1.18) reduces to 

K, di, din Aig (M,) applied 

yf = [412 422 46 0 (1.19) 

Kay dig Ayg A 66 0 
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or 

Ky, = a (M,) applied Ky = diy (M,) applied Ky = 416 (M,) applied (1.20) 

The equivalent flexural Poisson’s ratio vi for the laminate is defined as 

-K, —-d 
_~ J_ 12 

vy = eZ (1.21) 

A nonzero twisting curvature is created when only an M, bending stress resultant is 

applied. The equivalent flexural coefficient of mutual influence nf x 1s defined as the 

ratio of the twisting curvature to the axial bending curvature, or 

d K 16 nf .=—= 8 (1.22) 
me Kay 

The undeformed and deformed configurations for this case are shown in Fig. 1-2(b). 

If the same laminate has M, = (M,)gpplieq and My = O and the twisting rotation is 

restrained, i.¢., K,, = O, then a twisting moment stress resultant reaction (M,,)reaction 18 
y 

created. For this case Eq. (1.18) reduces to 

K, dy, dj5 dig (M,) applied 

Ky f = [yo doy dye 0 : (1.23) 

Ky dig dy6 d ce (M,,) reaction 

and solution leads to 

(M,,) -“6(y) =n (My (1.24) xy’ reaction — dee x’ applied Ny, x x’ applied " 

The undeformed and deformed configurations for this case are shown in Fig. 1-2(c). 

Bending stiffness coupling can cause skewing of out-of-plane deformations. To demon- 

strate this skewing, consider the buckling deformations of two rectangular plates that are 

loaded in compression, with clamped boundary conditions on the loaded top and bottom 

edges and simple supports on the sides. A contour plot of the out-of-plane buckling defor- 

mation for a plate that does not have any bending stiffness coupling is shown in Fig. 1-3(a). 
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—___1     f 

(a) d165 dy¢ = 0 (b) di65 dy6 #0 

Fig. 1-3 Skewing of buckling deformations caused by bending stiffness coupling 

The contour plot shows that the out-of-plane deformation for this plate is symmetric with 

respect to the vertical and horizontal center lines. A contour plot of the out-of-plane buck- 

ling deformation for a plate that has substantial bending stiffness coupling is shown in Fig. 

1-3(b). The bending stiffness coupling causes bending and twisting curvatures in the buck- 

ling deformation, and the out-of-plane deformation of the plate is skewed. 

1.1.3 Stiffness Coupling of Built-Up Structures 

The previous discussion has addressed stiffness coupling of thin plates. Section A.6 

demonstrates that the stiffness of a structure that is formed by joining thin plates is most 

easily influenced by tailoring the membrane stiffness of the subcomponents. To study this, 

consider a box beam with bending load applied as shown in Fig. 1-4. Assume that the 

upper and lower face sheets have membrane stiffness coupling such that a,¢ > 0. The 

bending load on the box beam causes the upper face sheet, Skin(2), to be loaded in tension, 

i.e., (N,)9*"@ > 0. Applying these conditions to Eq. (1.9), the shear strain in the Skin(2) is 

positive and Skin(2) deforms as shown in the top portion of Fig. 1-4(b). This deformation 

is consistent with the behavior previously displayed in Fig. 1-1(b). Conversely, the bend- 

ing load on the box beam causes the lower face sheet, Skin(1), to be loaded in compres- 

sion, i.€., (N, Skin) < 0. The shear strain in the Skin(1) is negative and Skin(1) deforms as 

shown in the lower portion of Fig. 1-4(b). With the upper and lower face sheets shearing in 

opposite directions, the net result is that the box beam twists when subjected to a simple 

bending load, (M,,)P°%, as shown in Fig. 1-4(c). 
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(a) Undeformed (b) Face Sheets 

ZW Skin(2) 

    
     

    

Fig. 1-4 Deformation of box beam with tailored face sheets under simple bending 

1.1.4 Tailoring of Laminate Membrane and Bending Stiffnesses 

The membrane and bending stiffnesses of a laminate are functions of the material prop- 

erties and orientation of each lamina forming the laminate. To demonstrate how the mem- 

brane and bending stiffnesses can vary for different laminates, several examples are 

considered below. The laminates considered are assumed to be constructed from Hercules, 

Inc. AS4-3502 graphite-epoxy unidirectional preimpregnated tape. Nominal lamina elas- 

tic properties for this graphite-epoxy system are given in Table 1-1. In each example a 

baseline laminate stacking sequence is defined. The baseline laminate is then rotated by an 

angle B about the laminate’s normal, such that the principal direction of inplane orthotropy 

of the laminate is no longer aligned with the x-y coordinate axes, as shown in Fig. 1-5. For 

instance, a baseline [+45/0/90], laminate with B = 20° is equivalent to a 

[65 /-—25/20/-70] ; laminate. For each baseline laminate, membrane and bending stiff- 

nesses are presented by plotting equivalent engineering constants as B is varied from 0° to 
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Table 1-1 Typical Material Properties: Hercules AS4-3502 Graphite-Epoxy> 
  

  

E, 19.40 Msi 

E, 1.48 Msi 

Gi, 0.82 Msi 

Vio 0.30 

Vy 0.62 (Ref. 4) 

toly 0.0055 in. 
  

  

90° orientation in 
baseline laminate 

  

O° orientation in 
baseline laminate 

Fig. 1-5 Entire baseline laminate rotated B from x-y-z geometric coordinate axes 

90°. In each plot, the equivalent engineering moduli defined in Section A.5 are normalized 

by the moduli for 2024-T3 aluminum alloy (E4,;= 10.50 Msi, G4; = 3.95 Msi). The moduli 

Ee and E J , where o and f indicate inplane and bending, respectively, are divided by E4), 

and GY and Gf are divided by G4). This normalization is done to permit comparison of 

the extensional and shear moduli on a single figure, while scaling the results relative to an 

aluminum plate of the same thickness. Note that comparing the stiffness of composite and 

aluminum plates of equal thickness does not reflect the difference in weight density 

between the materials. Also, structural stability is difficult to quantify by considering the 

equivalent engineering constants only. The following examples are included to demon- 

strate stiffness tailoring, and should not be extended to quantify structural efficiency. 

Unidirectional Laminate [0] ,, Rotated by B 

For a laminate composed of 16 layers, all having the same orientation, A;; and Dj; vary 

exactly as Q;;- Figure 1-6 shows how the equivalent engineering constants for a [0] ,¢ 

laminate vary when the laminate is rotated from B = 0° to B = 90°. Since this laminate is 
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Fig. 1-6 Equivalent engineering constants for 

unidirectional laminate [0] ,, rotated by B 

uniform through the thickness, the membrane and flexural equivalent engineering con- 

stants are equal. The moduli E° and Ef have a large value for B near zero, but decrease 

quickly when B increases from zero. The moduli GYy and Gf, have a small value for all 

values of B and are largest at B = 45°. The coefficients of mutual influence n Sy, and 

nf , are equal to zero for B = 0° and 90°, but are large compared to Poisson’s ratios v ty 

and vi for intermediate angles, reaching maximum magnitudes when B = 12°. 

Orthotropic Laminate, with Alternating Lamina Orientations, Rotated by 6 

Figure 1-7 shows how the equivalent engineering constants for a [0/90],. laminate 

vary when the laminate is rotated from B = 0° to B = 90°. The stacking sequence prescribes 

that the baseline laminate is assembled with alternating 0° and 90° lamina, with minimal 

clustering of lamina of the same orientation. Alternating the lamina orientations causes the 

equivalent membrane and flexural engineering constants to be nearly equal. The baseline 

laminate has an equal number of lamina in the 0° and 90° directions, giving E?(0°) = 

E° (90°) and an E°? that is a minimum when B = 45°. The moduli GY, and Gf are a min- 

imum for B = 0° and 90°, and are large when B = 45°. Poisson’s ratios Vey and vi are 

almost equal to zero for § = 0° and 90°, but are quite substantial for intermediate values of 

B. The coefficient of mutual influence n xy, x is equal to zero for B = 0°, 45°, and 90°. The 
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Fig. 1-7 Equivalent engineering constants for orthotropic 

laminate [0/90] ,. rotated by B 

coefficient of mutual influence n f yx is equal to zero for B = 0° and 90°, and has a small 

nonzero value at B = 45°. For intermediate values of B, both coefficients of mutual influ- 

ence Ney and 1 f , can become quite large, obtaining maximum negative and positive 

values when B = 12° and 78°, respectively. 

Orthotropic Laminate, with Lamina of the Same Orientation in Groups of Four, 
Rotated by B 

Figure 1-8 shows how the equivalent engineering constants for a [0,/90,] ; laminate 

vary when the laminate is rotated from B = 0° to B = 90°. This baseline laminate is similar 

to the [0/90] ,, laminate of the previous example, except that the stacking sequence pre- 

scribes that lamina of the same orientation are grouped together. In Eq. (A.31) the expres- 

sion for Aj; is expressed as a summation of the product of Q;; times the thickness for each 

lamina. This simple summation indicates that A;; is not sensitive to the stacking sequence, 

i.e., the order in which the laminae are assembled. Thus, the membrane equivalent engi- 

neering constants Ee ; GY, , Vey , and 72 xy, x are unchanged from the previous example. 

In Eq. (A.31) Dj is defined as the through-the-thickness integral of the product Oz. 

Unlike the simple summation in Aj, the contribution of each lamina to D;; for the laminate yy? 

is weighted by the square of the z-location of the lamina. This weighting makes Dj; sensi- 
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Fig. 1-8 Equivalent engineering constants for orthotropic 

laminate [0,/90,), rotated by B 

tive to the stacking sequence. In this baseline laminate grouping the four O° laminae and 

locating them further from the reference surface gives the 0° laminae greater weight than 

the 90° laminae when contributing to Dj. The equivalent engineering constants for flexure 

differ from those obtained for the [0/90] ,, laminate. As a result of grouping E! (0°) is 

much larger than Ef (90°), and Gf is substantially reduced when B = 45°. Grouping of 

layers also causes the relationship for the flexural coefficient of mutual influence nf, | to xy, x 

be shifted in the negative direction relative to the relationship for n 4 ; forthe [0/90] ,. 

laminate. 

Practical Structural Laminate Rotated by B 

Figure 1-9 shows how the equivalent engineering constants fora [+45/445/0,/90] ; 

laminate vary for values of B from 0° to 90°. This laminate satisfies the rule-of-thumb 

guideline established by some aircraft manufacturers which requires that laminates have a 

minimum of four fiber orientations with at least 10% of the laminae in each direction. This 

rule-of-thumb was created to minimize the presence of structural response and failure 

mechanisms that are difficult to understand and predict. Unfortunately, this rule-of-thumb 

also restricts the amount of structural tailoring available to a designer. Several observa- 

tions can be made by comparing the equivalent engineering constants for a 
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Fig. 1-9 Equivalent engineering constants for laminate 

[+45/+45/0,/90] ; rotated by B 

[£45/445/0,/90] . laminate shown in Fig. 1-9 with those for the other laminates shown 

in Figs. 1-6 to 1-8. In general, the equivalent engineering constants for a 

[+45/4F45/0,/90] ; laminate are less sensitive to the laminate orientation, B. Since this 

laminate has layers in more directions, it is more likely that a laminate orientation which 

reduces the stiffness of one layer also increases the stiffness of another layer, thus causing 

a smoothing effect. Compared to other laminates, the equivalent moduli vary less dramati- 

cally with changes in B, and the stiffness couplings as reflected by the coefficients of 

mutual influence are much smaller. The [+45/445/0,/90] ; laminate also differs from 

the other laminates in that the membrane equivalent engineering constants of this laminate 

show no correlation with the flexural equivalent engineering constants. In the 

[+45/45/0,/90] ; laminate the membrane stiffness is dominated by the 0° layers, 

while the flexural stiffness is dominated by the +45° layers because they are further from 

the laminate midplane. 

With some of the basic principles of elastic coupling and structural tailoring addressed, 

attention is turned to a review of literature that is relevant to the prebuckling and postbuck- 

ling response of stiffened composite panels with anisotropic skins and skewed stiffeners. 
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1.2 Literature Review 

Structural tailoring of stiffened panels has been used for over 40 years to address practi- 

cal aircraft design issues. The predominant application of structural tailoring to date has 

been in the area of aeroelastic tailoring. This literature review opens by first describing the 

development of structural tailoring of stiffened panels, beginning with metallic structures, 

and then showing how the introduction of composite materials affected design practices. 

Previous studies are cited which describe stiffened panel designs which employed skewed 

stiffeners or anisotropic skins to create membrane stiffness coupling in wing cover panels 

to induce bending stiffness coupling in wing structures. The literature review then presents 

studies which considered nonorthogonal stiffeners, outside the context of structural tailor- 

ing. Up to this point in the review, all of the literature is limited to buckling-resistant 

designs. The remainder of the review presents material to support extension of stiffness 

tailoring in the postbuckling response range. This material addresses analytical and exper- 

imental work in the area of postbuckling of unstiffened and stiffened laminated composite 

shells. 

1.2.1 Structural Tailoring of Stiffened Panels 

Previous studies in structural tailoring which utilize stiffness coupling in stiffened panels 

have been limited exclusively to aeroelastic tailoring applications. It is important to note 

that aeroelastic tailoring is only one possible application of structural tailoring, and that 

the current study is not intended to solely address aeroelastic tailoring. With this in mind, 

the following discussion is presented to describe the development and current state of 

structural tailoring design practices. 

A survey article published in 1986 presents the historical background of aeroelastic tai- 

loring, the theory underlying the technology, a summary of trend studies that have been 

performed, and a list of 89 references on the topic. In this reference aeroelastic tailoring is 

defined as “the embodiment of directional stiffness into an aircraft structural design to 

control aeroelastic deformation, static or dynamic, in such a fashion as to affect the aero- 

dynamic and structural performance of that aircraft in a beneficial way.” Some of the 

papers reviewed as a result of the above survey article, plus papers found independent of 

the survey article, are discussed below. 

The earliest documented use of stiffness tailoring was in 1949 when Munk patented a 
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wooden propeller design which utilized the directional properties of fibrous wood to cause 

the propeller blades to twist favorably as the thrust increased. In the same time period, 

emphasis on the use of rear-swept or forward-swept wings for high-speed flight created 

increased interest in the aeroelastic behavior of swept wings. Simple flexure of a swept 

wing induces twisting curvature about an axis normal to the direction of flight. In rear- 

swept wings, this twisting curvature produces a forward rotation of the wing cross section 

parallel to the direction of flight, thus reducing the local angle of attack. This effect, known 

as “wash out’, reduces the aerodynamic lift. Conversely, in forward-swept wings this 

twisting curvature produces an increase in the local angle of attack, “wash in”, which 

increases the aerodynamic lift. Greater lift causes greater flexure, which causes more 

“wash in’, causing greater lift. Above a critical speed, termed the divergence speed, an 

instability phenomenon results as the aerodynamic forces predominate over the restraining 

structural forces, causing deformations to increase until structural failure occurs. In 1948 

Diederick and Budiansky® examined “bending-torsion” divergence of swept wings and 

identified a drastic drop in divergence speed with forward sweep. 

In 1949 Mansfield’ recognized that swept wings will likely have ribs that are not at right 

angles to the stringers, thereby causing skewness in the structural geometry that would 

induce bend-twist stiffness coupling. A general theory was developed to depict the elastic 

behavior of a conventional single-cell wing stiffened with swept ribs (or stringers). In 

1952 Mansfield® extended his earlier work to show that a conventional two-spar single- 

cell structure with swept stringers could be designed to maintain a constant angle of attack 

along the span despite flexural distortion. 

The research activity of the 1950’s was followed by nearly a 20 year lapse of interest in 

structural tailoring. Around 1970 the birth of modern composite materials spurred a 

renewed interest in structural tailoring. The directional properties of composite materials 

could be applied to provide a significant level of anisotropy to induce coupling between 

bending and twisting deformations. As discussed in Ref. 5, General Dynamics released the 

TSO computer program in 1972. This program applied the unique properties of composite 

materials in the aeroelastic and strength optimization of aircraft lifting surfaces. 

Early research applications for composites in structural tailoring involved flutter sup- 

pression. In 1972 Soong” considered a built-up NACA delta-wing modeled with beam- 

type members, and layered anisotropic plates. Soong concluded that “flutter speed is 

increased when spars, stiffeners, and major stiffness direction of plates are made to be par- 
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allel to, or more swept back than, the leading edge of the wing.” Also in 1972, Cooper and 

Stroud!? investigated selective reinforcement of wing structure for flutter prevention by 

bonding patches of composite material to the skin of a metallic delta-wing. In 1974, Hous- 

ner and Stein!! reported flutter analysis of rear-swept wings with balanced composite 

skins. Varying only the ply orientation of symmetrical cross-ply laminates, bend-twist cou- 

pling stiffness was not introduced. 

In 1975 Rockwell International was selected to design a highly maneuverable advanced 

technology (HiMAT) remotely piloted research aircraft. The design employed composite 

materials to tailor the stiffness of the canard and wing skins in order to modify twist, pro- 

viding additional performance in transonic maneuverability. The design methodology 

employed is documented in Ref. 12. 

In 1977 Gratke and Williams!* showed that the twist due to flexure of a rear-swept 

metallic wing could be influenced through substructure orientation. Gratke and Williams 

investigated four substructure arrangements for a 35 degree rear-swept wing and showed 

that selected rearrangement of the wing substructure could advantageously influence the 

wing twist due to flexure, and increase performance without increasing weight or cost. 

In 1979 Gimmestad!* presented a computer code for aeroelastic optimization of a com- 

posite high-aspect-ratio wing. The wing structure was modeled as a composite box beam 

with anisotropic beam bend-twist stiffness coupling effects included, and aeroelastic 

loads, jig shape, stability, and flutter were considered. To demonstrate the computer code, 

Gimmestad presented the results of an aeroelastic design study of a high-aspect-ratio wing 

which was rear-swept 35°. Two materials were considered. The first was a graphite-epoxy 

composite material with the wing covers made of a [0,/+45/90] laminate. Bend-twist 

stiffness coupling was obtained by rotating the entire lay-up of the cover panels -20°, -10°, 

O°, and 10° relative to the wing elastic axis. The second material considered was 7075-T6 

aluminum alloy. The wing cover panels were stiffened with stringers and were modeled 

using smeared stringer theory. A baseline configuration had the stringers parallel to the 

elastic axis. Anisotropy was obtained by rotating the stringers -45°, -20°, -5°, and 20° rela- 

tive to the elastic axis. For each configuration aeroelastic and flutter analyses were con- 

ducted, with results showing some of the effects of anisotropy on the aeroelasticity of a 

high-aspect-ratio wing. Gimmestad concluded that anisotropic effects created by rotating 

stringers in a metallic structure are similar to those in composite structures, although the 

benefits were not as pronounced. Gimmestad’s conclusion that the benefits are not as pro- 
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nounced does not seem to be supported by the results presented in the reference. 

In 1975 Krone!» presented landmark results demonstrating the use of materially tailored 

wing skins to eliminate divergence of swept-forward airfoils, overcoming the severe 

weight penalty encountered in the conventional metallic designs. These results renewed 

interest in the swept-forward wing concept. Weishaar!® extended Krone’s work in 1979, 

again tailoring laminated composite wing skins to induce bend-twist stiffness coupling, 

thereby precluding divergence of swept-forward wings. In this work more attention is 

given to identifying the mechanisms of bend-twist stiffness coupling and divergence sup- 

pression. In 1981 Sherrer, et al.'? conducted low-speed wind tunnel tests to provide exper- 

imental data illustrating the above findings. In 1984 aeroelastic tailoring was posed as a 

multivariable optimization problem by Oyibo.!8 

Reviewing the above references, it is noted that structural tailoring of metallic structures 

was achieved by modifying the location and orientation of internal beam-like components. 

With the introduction of composite materials, this concept was abandoned in favor of tai- 

loring the laminated cover skin. It is important to note that the above references have 

imposed common assumptions when developing analytical models. The following 

assumptions were made regarding the structure: 

1. stress-strain relations were linear; 

2. there was no buckling of the skin; 

3. in most cases, stringers were smeared into equivalent stringer-sheets which carried only 

end loads. 

1.2.2 Arbitrarily Oriented Stiffeners (Not Skewed to Obtain Stiffness Coupling) 

In the review of structural tailoring of stiffened panels, it was noted that Mansfield’®, 

d!4 examined skewing the stringers and ribs at particular orienta- Soong”, and Gimmesta 

tions in order to obtain stiffness coupling. The current section of the review presents work 

in which stiffeners had arbitrary orientations, and stiffness coupling was not considered. 

In 1976 Shastry and Rao!? presented a finite element vibration analysis of isotropic 

plates with arbitrarily oriented stiffeners. The purpose of this work was to measure the reli- 

ability and precision of the beam and triangular plate elements used in the stiffened plate 

analysis. 

In 1986 Al-Shareedah and Seireg”? studied isotropic plates with arbitrarily oriented stiff- 
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eners loaded by transverse pressure. Their analysis followed a generic energy formulation, 

and applied the undetermined multipliers method to attach the stiffeners to the plate at dis- 

17! in 1990 to analyze and crete points. This method was applied by Phillips and Giirda 

optimize geodesically stiffened composite panels. Phillips considered inplane loading of 

orthotropic plates with rotated balanced stiffeners. Balanced stiffener configurations have 

equal numbers of stiffeners at +6 and -6 orientations. Thus, no axial-shear stiffness cou- 

pling is generated. 

In 1990 Won”? presented an analysis for an isotropic plate stiffened with arbitrarily 

oblique and equally spaced eccentric stiffeners, loaded by transverse pressure. Won fol- 

lowed an energy formulation, smearing the effect of the stiffeners over the plate. Won’s 

contribution was to include the joint stiffness of intersecting stiffeners in the smeared stiff- 

ness. 

All of the references found used only linear strain displacement relations. 

1.2.3 Buckling and Postbuckling 

Reference 23, by Becker, is an example of an early design handbook for isotropic stiff- 

ened panels. Becker addressed local buckling of stiffener sections, and buckling of plates 

with sturdy stiffeners (no local buckling). Results are presented in numerous charts and 

tables. 

References 24 - 26 are recent reviews of theoretical and experimental work with lami- 

1.74 reviewed the classical expressions for nated composite plates and shells. Kedward, et a 

predicting initial buckling of flat plate elements (18 references), while Arnold and 

Kedward2> reviewed initial buckling, postbuckling, and failure characteristics of compos- 

ite stiffened panels (82 references). Leissa”® presented a comprehensive summary of buck- 

ling and postbuckling behavior of laminated composite plates and shell panels. Most of the 

392 included references dealt with symmetric, balanced composite plates, with approxi- 

mately 20% of the references on stiffened plates. 

h2? Nemeth’ provided valuable insight into the importance of anisotropic bending stiff- 

nesses on the buckling of composite plates. 

1.2.4 Postbuckling of Unstiffened Panels 

References 28 - 42 examine postbuckling of unstiffened panels. An even distribution of 

analysis and experiments is represented. All analyses are based on von Karman nonlinear 
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strain-displacement relations, and Kirchoff-Love assumptions. The works of Stein?!, Shar- 

mon and Humpherson*?, Chan**, and Feng* are primarily analytical with only supple- 

mental experimental results included. Jensen and Lagace’! and Jeffrey*? provided two- 

part studies, relying equally on analysis and experiments, while Rouse*? presented experi- 

mental results only. In each reference it was shown that plates supported on the edges can 

demonstrate considerable reserve load carrying capacity beyond their initial buckling load. 

Early references considered only isotropic material, with later work including the effect 

of varying degrees of anisotropy. Jensen and Lagace*! and Jeffrey** considered the most 

highly anisotropic laminates, including unbalanced and unsymmetric laminates. The 

| was to isolate the different elastic couplings inherent in objective of Jensen and Lagace’ 

unbalanced and unsymmetric laminates, and determine their effects on panel buckling and 

postbuckling behavior. The elastic couplings considered were bending-stretching, the 

stretching-shearing and bending-twisting combination, and stretching-twisting coupling. 

Feng*> used an unstiffened plate analysis with edge constraints to provide forces at the 

edge of a stiffener as input into a separate program for bondline strength analysis. For 

shear panel tests Feng claims predicting a failure load due to stiffener disbonding which 

was within 2% of the average of the experiments. The details of the bondline analysis are 

not included in the reference. 

While all of the references considered axial compressive loading, Feng” ; Stein*®, Zhang 

and Mathews>®, and Chia?? also considered combined compression and shear loading. 

Stein*© observed a larger reduction in postbuckling stiffness under pure shear loading than 

under pure axial loading. Stein also noted that a plate buckled in shear retains 90% of its 

axial stiffness. In contrast, a plate buckled in compression retains only 20% of its shear 

stiffness. Stein quantified these findings by stating that the shear results depend to a great 

extent on inplane boundary conditions. 

1.2? 30,31,37 Levy, et al.“” and Stein addressed the issue of mode changing in postbuckled 

plates. 

1.2.5 Postbuckling of Stiffened Panels 

References 43 - 49 examined postbuckling of stiffened composite panels. All of the ref- 

erences dealt with flat laminated composite skins reinforced with composite open-section 

stiffeners. There was no work in the literature with rotated stiffeners and postbuckled 
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skins. Even though all these references considered laminated skins, the attention given to 

the presence and influence of anisotropy was minimal. Below is a summary of the config- 

urations each reference considered. 

1. described an analysis procedure for design of stiffened plates loaded in Dickson, et a 

biaxial compression or tension, and shear. The primary thrust of this work was in address- 

ing stringer instability after advanced postbuckling of the skin. Skin buckling lowered the 

skin’s inplane stiffness, forcing the stiffeners to carry a proportionately greater share of the 

applied load. Also, skin buckling induced secondary forces and deformations on the stiff- 

eners. The increase in stiffener load and induced stiffener deformations combined to make 

the stiffeners more susceptible to local, column, and torsional instability. Dickson exam- 

ined torsional or torsional-flexural buckling of the stiffeners while incorporating the effect 

of the attached postbuckled skin. Dickson considered only balanced symmetric skins but 

did retain bending stiffness coupling terms Dj¢ and D2¢ in the analysis. Experiments con- 

sisted of compression loading of three panels, each with four I-shaped longitudinal stiffen- 

ers. 

Starnes, et al.*6 presented the results of on experimental study of postbuckled compres- 

sion loaded panels with four I-shaped longitudinal stiffeners. Starnes considered quasi-iso- 

tropic skins only. Nonlinear structural analyses were conducted using a general nonlinear 

finite element analysis computer code, STructural Analysis of General Shells°°->* 

(STAGS). The results from the STAGS code correlated well with the test results up to fail- 

ure. A strong argument for modeling stiffeners as branched shells rather than discrete 

beams was made by comparing the buckling solutions of STAGS models applying various 

levels of modeling detail and the buckling solutions obtained using the PASCO”? com- 

puter code. In the experiments some panels supported as much as three times their initial 

buckling loads before failing. Failure of all panels appeared to initiate in a skin-stiffener 

interface region. No analysis of this local skin-stiffener separation failure was included. 

1,46 prompted Dickson, et al. to The skin-stiffener failure observed by Starnes, et a 

investigate stiffener attachment concepts for stiffened graphite-epoxy panels. These con- 

cepts included adhesive bonding, adhesive bonding reinforced with mechanical fasteners, 

and cocuring the stiffener and skin after stitching the stiffener attachment flange to the 

skin. Also considered was the effect of a graphite-epoxy pad or insert in the skin under the 

stiffener attachment flange. This investigation was primarily an experimental study. To 

compliment the experiments, an analytical procedure described in Wang and Biggers* 
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was used to examine the effect of the padded-skin concept and relative stiffnesses of the 

skin and stiffener attachment flange on the skin-stiffener interface stresses. 

Rouse*’ presented results of an experimental study of the postbuckling response and 

failure of inplane shear-loaded graphite-epoxy panels stiffened with two I-shaped longitu- 

dinal stringers. Finite element analysis with STAGS was used to estimate buckling loads. 

Rouse observed failure due to skin-stiffener separation. 

Stein*® presented a numerical study of postbuckled compression-loaded panels with 

open-section stiffeners. Stein noted combinations of large twisting strains and bending 

strains in postbuckled panels which would lead to delamination of the stringers. Stein 

observed that anisotropic attachment flanges could increase the twisting strains, thus pro- 

moting skin-stiffener separation. 

General purpose finite element codes such as STAGS have been useful in verifying and 

correlating experimental results, but were considered inappropriate for preliminary design 

or parametric studies. Attempts were made to develop procedures which were computa- 

tionally efficient and convenient, yet retained the level of modeling detail required to rep- 

resent local response phenomena. One such attempt was presented by Sheinman and 

Frostig.”? Arbitrary stiffened laminated panels were modeled by plate elements. A varia- 

tional principle in terms of out-of-plane deflection and the Airy stress function was used to 

obtain nonlinear equilibrium equations, boundary conditions, and continuity conditions 

between elements. In this analysis, all anisotropic terms were retained, and examples in 

the reference included laminates with extensive anisotropic coupling. 

It is important to note that in the literature nearly all postbuckled stiffened panels studied 

experimentally failed due to premature skin-stiffener separation along the bondline, while 

most analyses do not address this mode of failure. Several papers that address the inter- 

laminar normal and shear stresses at the skin-stiffener interface are listed in Refs. 54 - 61. 

In general, the references include local detailed analyses of varying complexity, and con- 

sider only specific loading conditions. This area of research is under development, with 

current capabilities falling short of reliable prediction of failure due to skin-stiffener deb- 

onding for stiffened panels under general loading. 
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1.2.6 Summary of the Literature Review 

The literature review presented above spans several research topics. To define the objec- 

tive of the current study, the findings from different areas of research are related and short- 

comings in the current understanding of structural tailoring are identified. 

The primary thrust of work in structural tailoring of stiffened panels was to develop 

wing configurations with directional stiffness properties, or stiffness coupling. Early refer- 

ences in this area examined metallic constructions and suggested rotating the orientation 

of underlying ribs and stringers to induce directional stiffness properties. Twenty years 

later the introduction of composite materials spurred research in tailoring the wing skins to 

induce directional stiffness properties. Only two references, Ref. 13 and Ref. 14, pursued 

the earlier suggestions of rotating the stiffening members of the structure. Reference 14 

was the only source which included results for metallic structures with rotated stringers 

and composite structures with tailored wing skins, and compared the effectiveness of these 

two tailoring techniques. Little has been written on how the methods differ in their contri- 

bution to the directional stiffness of the structure. Acommon limitation to all references on 

aeroelastic tailoring was the assumption that the structures were buckling resistant. Thus, 

in the aeroelastic tailoring work stiffness coupling was examined, but the effect of the cou- 

pling on buckling loads, and any postbuckling phenomena were not considered. The 

remainder of the references in the literature review do not have a primary objective of 

inducing a tailored structural response. The references on arbitrarily oriented stiffeners 

were mostly concerned with demonstrating analytical techniques, and there was no men- 

tion of orienting the stiffeners to create stiffness coupling. Based on the available litera- 

ture, it does not seem that the full potential for stiffness tailoring of stiffened panels has 

been realized. 

' examined the effect of certain couplings on buckling and postbuck- Jensen and Lagace* 

ling behavior of anisotropic plates, noting that these couplings tend to reduce buckling 

loads. Even though this reference considers several types of coupling, no previous investi- 

gation of the postbuckling of unstiffened panels focused on obtaining a specific coupled 

structural response and quantifying how this response was affected by panel buckling. 

Jensen and Lagace*! briefly mentioned aeroelastic tailoring through stiffness coupling of 

wing skins, and went on to state that conventional aircraft wing panels are often designed 

to operate in the postbuckled region. Lagace®* quantified this statement by noting that 

postbuckling is often allowed in upper wing skin panels for loads between limit load and 
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ultimate load. Thus, a study examining tailoring for stiffness coupling should consider the 

effect of these couplings on the buckling load and postbuckling response, as well as how 

postbuckling changes the desired coupling. 

Several references reported that stiffened panels could carry loads considerably higher 

than their initial buckling load, thus supporting the extension of structural tailoring into the 

postbuckling load range. It is expected that geometrically nonlinear deflections in the post- 

buckling load range will alter the response of a tailored panel. If buckling does change the 

coupling response, then these changes should be quantified, and possibilities for load- 

dependent directional stiffness tailoring should be examined. 

Finally, it was noted that nearly all postbuckled stiffened panels observed in experiments 

failed due to skin-stiffener separation. If stiffened panels are to be tailored for application 

in the postbuckling load range, it would follow that the issue of skin-stiffener separation 

should be considered. Predicting failure of tailored stiffened panels may be difficult, or 

impossible, since there is no general solution for skin-stiffener separation under arbitrary 

loading. 

Preliminary results from the current study were reported by Young et al. in 1993. 

Young reported on the combined effects of tailoring both the skin anisotropy and the stiff- 

ener orientation on the buckling and postbuckling response of composite stiffened panels. 

The structural configurations considered by Young were adopted by Noor et al.®4 in 1996. 

Noor included the effect of uniform thermal loads and developed hierarchical sensitivity 

coefficients of the buckling and postbuckling responses, namely addressing the sensitivity 

of the buckling load and strain energy density to variations in material properties, laminate 

stiffnesses, and laminate orientation. Although Noor considered the same structural con- 

figurations as Young, Noor did not expand on the topic of structural tailoring through stiff- 

ness coupling and did not contribute to the results of Young in regards to any of the issues 

listed above. 

1.3 Objective of the Current Study 

Previous work in structural tailoring has shown how unique couplings introduced by 

rotating stiffener orientations, or rotating the principal axis of orthotropy of a wing skin 

could provide design advantages, yet it is clear there is much still to be done in the way of 
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exploiting the influence of material anisotropy and stiffener orientation. The objective of 

the present work is to provide experimental and numerical results which describe the pre- 

buckling, buckling, and postbuckling response of composite stiffened panels which exhibit 

axial-shear stiffness coupling. The stiffened panels are tailored by employing anisotropic 

skins with membrane and bending stiffness coupling, and skewed stiffeners. The influence 

of each tailoring method on the structural response is quantified and explained. Under- 

standing of the mechanisms which control the structural response can then be applied to 

gain insight into exploiting the response, and inspiring innovative design practices for 

future applications. 

1.4 Approach 

The present study consists of an experimental and numerical investigation of the pre- 

buckling, buckling, and postbuckling responses of stiffened panels tailored to exhibit 

axial-shear stiffness coupling. While considering both the prebuckling and postbuckling 

responses, the approach used in the present work was: 

1. To conduct an exploratory experimental program to examine the axial-shear stiffness 

coupling in a flat rectangular laminated composite panel with a single stiffener, quanti- 

fying the differences in structural response obtained by rotating the stiffener orientation 

and/or the orientation of the principal direction of orthotropy of the laminated skin. 

2. To develop finite element models which accurately represent the physical model. 

3. To verify the finite element models by comparing numerically-predicted results with 

experimental results. 

4. To address failure of the panels due to skin-stiffener separation 

5. To use the verified models to conduct a parametric study to isolate the mechanisms 

which contribute to the observed responses. 

6. To apply lessons learned to present particular examples which exploit the observed 

behavior. 

Throughout the investigation, efforts were made to explain the mechanisms of the 

observed responses. The investigation was kept straightforward by considering a simple 

structural configuration and a simple loading, while using a relatively familiar problem as 

a baseline. 
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1.4.1 Structural Configuration 

The structural configuration that was selected for the present study consists of a rectan- 

gular graphite-epoxy laminated composite panel with a single centrally located I-shaped 

graphite-epoxy stiffener. Axial-shear stiffness coupling is introduced by rotating the orien- 

tation of the stiffener or the principal direction of orthotropy of the skin, or both. The 

structural parameters varied in the study are shown in Fig. 1-10. The stiffener orientation 

is represented by the angle a, and the orientation of the principal direction of orthotropy of 

the skin laminate is represented by the angle B, both measured relative to the axial, or x, 

direction. A uniform end shortening displacement u is applied to the upper end of the panel 

in the axial direction, and the axial displacement of the lower end is restrained. The upper 

and lower ends are clamped and the unloaded sides are simply supported. The axial com- 

pressive force corresponding to the applied end shortening is represented by P,, and the 

shear force reaction generated by the axial-shear stiffness coupling is represented by P,. 

If the upper end of the panel is free to shear in the lateral, or y, direction, then the lateral 

displacement associated with shear is represented by v. The amount of axial-shear stiff- 

ness coupling in the panel is represented by the ratios of P,, to P, and v to u. 

This configuration allows several questions raised in the literature review to be 

addressed. By including both the stiffener orientation and laminate orientation as vari- 

  

      
  

Fig. 1-10 Structural parameters studied 
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ables, the two tailoring techniques can be assessed independently, or in conjunction with 

each other. The use of a single discrete stringer, rather than smeared stringer properties, 

provides information concerning the internal load distribution, component interaction, and 

stringer deformation. The values of the geometric and material parameters for the panel 

skin and stiffener have been selected as representative of a lightly loaded stiffened panel 

with postbuckling strength. Thus, the present study considers the prebuckling and post- 

buckling load ranges. In each load range the effectiveness of the stiffness tailoring tech- 

niques are quantified by assessing the effect on the structures’ overall response. Attention 

is given to understanding the prebuckling response, the onset of buckling, and the post- 

buckling response. 

1.4.2 Chapter Outline 

An exploratory experimental program consisting of five test panels with two stiffener 

orientations and three skin orientations was conducted. The experimental program is dis- 

cussed in Chapter 2. The test specimens, fabrication, preparation, instrumentation, and 

experimental procedures are described in detail. A portion of the experimental results are 

provided in Chapter 2. 

Results from the numerical portion of the current study are divided into four chapters. 

Chapter 3 describes the development of detailed numerical models that were specifically 

designed to simulate the prebuckling and postbuckling responses of each test panel. Mod- 

eling techniques are defined by individually assessing the effects of several modeling 

details on the predicted buckling and postbuckling response. 

In Chapter 4 the results of nonlinear analyses conducted using the detailed numerical 

models are compared to the measured structural responses from the experiments. The load 

vs. end shortening responses, prebuckling and initial postbuckling stiffnesses, buckling 

loads, postbuckling deflections, and axial-shear coupling responses are reported and com- 

pared. The numerically-predicted and measured results are compared to verify the accu- 

racy of the numerical models. The axial-shear coupling responses reported in Chapter 4 

demonstrate unique structural behavior that has not been identified in other studies on 

structural tailoring. 

The issue of failure of stiffened panels due to skin-stiffener separation is addressed in 

Chapter 5. The numerically-predicted skin-stiffener attachment forces and moments at 

loads corresponding to experimental failure are presented and discussed. 
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In Chapter 6 the unique axial-shear coupling responses reported in Chapter 4 are exam- 

ined in greater depth. The observed responses are studied and the mechanisms which con- 

trol the nature of the observed responses are identified. Additional configurations are 

prescribed to further examine and exploit the controlling mechanisms. The results of a 

parametric study which isolates and combines the controlling mechanisms are presented. 

Finally, in Chapter 7 conclusions are drawn based on the experimental and numerical 

findings. Suggestions are made as to the implications of the findings on current and future 

design practices. Also, recommendations are made for further research to extend the cur- 

rent study, and to address some important issues that were not addressed in the current 

study. 
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2. Description of the Experiments 

To initiate the research, an exploratory experimental program was developed. The pri- 

mary aim of the experiments was to observe the axial-shear coupling response of stiffened 

panels in prebuckling and postbuckling. Since there were no similar experiments identified 

in the open literature, a few examples demonstrating structural behavior which exhibited 

axial-shear stiffness coupling in panels were needed in order to guide analytical modeling, 

benchmark analytical results, and assist in identification of any unexpected physical phe- 

nomena. 

2.1 Test Panels 

The five panels tested in this study were fabricated by the author at the NASA Langley 

Research Center. The panels were fabricated from Hercules, Inc. AS4-3502 graphite- 

epoxy unidirectional preimpregnated tape (pre-preg). Nominal lamina elastic properties 

for this graphite-epoxy system were given in Table 1-1 on page 12. All components were 

constructed from 16-ply laminates. 

The baseline stacking sequence for the skin laminate was [+45/+45/0,/90] st Each 

panel used this stacking sequence, with the entire laminate rotated an angle B equal to 

—20°, 0°, or 20° relative to the axial direction. This laminate, although not overly biased, 

was stiffest in the 0° direction, and provided axial-shear stiffness coupling when the lami- 

nate was rotated off axis. 

The stiffener was an open-section I-stiffener with all sections made with 

a[+45/0/90],, laminate. The stiffener sizing was selected such that the stiffener would 

not dominate the stiffness of the panel, yet would be rigid enough to maintain a node line 

along the length of the stiffener after skin buckling. The stiffener geometry is shown sche- 
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matically in Fig. 2-1(a). Each panel used this stiffener geometry, with the stiffener rotated 
an angle a equal to 0° or 20° relative to the axial direction. A value of 20° was selected in 
order to introduce maximum shear coupling without sacrificing axial stiffness, and was 
based in part on information presented in Refs. 7 and 17. There was also a practical limita- 
tion on stiffener orientation in order for the stiffener to be potted on the loaded ends. 

Photographs of typical test panels are shown in Figs. 2-1(b) and 2-1(c).The panels were 
sized so that the unsupported panel would be 21.0 in. long and 16.0 in. wide. The configu- 
rations selected are shown in Fig. 2-2. Each configuration is represented by a schematic 

which indicates the stiffener and skin orientations. These schematics are used to specify 

the configurations when presenting graphical experimental and numerical results in the 

chapters to follow. Below each schematic is the configuration’s identifying name. Config- 

uration BO,0 has an unrotated skin and an unrotated stiffener, and represents the baseline 

configuration. Configuration BO,2 has the skin laminate rotated 20° relative to the axial 

direction. Configuration B2,0 has the stiffener rotated 20° relative to the axial direction. 

Configuration B2,2 has the skin and stiffener rotated 20°, in the same direction. Configu- 

ration B2,n2 has the skin and stiffener rotated 20°, but in opposite directions. 

  

ke— 1.50 ————"| 

(a) Stiffener geometry, 
dimensions in inches.      

(b) Stiffener-skin cross section. (c) Potted panel: stiffener rotated, « = 20°. 

Fig. 2-1 Typical test panels 
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a = Stiffener Angle Pctamm ts | NK\ \ \\ 
Baseline B0,0 BO,2 B2,0 B2,2 B2,n2 

a= 0° a=0° a = 20° a = 20° a = 20° 
B=0° B=20° B=0° B=20° B=-20° 

Fig. 2-2 Test panel configurations 

    
  

                              
  
  

To fabricate the panels, the skins and stiffeners were laid up independently, then co- 
cured in an autoclave. To allow the same tooling to be used for all panels, and to provide 

for trimming the panel edges, the panels were made oversized. The fabrication process is 

outlined below. 

2.1.1 Tooling 

The panels were fabricated by hand lay-up of pre-preg and cured in an autoclave. Before 

panel assembly was initiated, tooling was designed and fabricated. The tooling is identi- 

fied in Fig. 2-3 in a cross section schematic of a typical panel just prior to autoclave cur- 

ing. 

  

Aluminum plate 

  

    
   

  

    

4 ——__ Vacuum bag 

Aluminum mandrels = | _— Fiberglass fabric 

| Teflon peel-ply 

Aluminum plate / Pp     Aluminum plate 7 
4 

I.     y 
    

    
   

Teflon peel-ply      
Steel caul-plate Fiberglass fabric 

Fig. 2-3 Fabrication cross section prior to autoclave cure 
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The steel caul-plate under the panel was 0.25 in. thick, 21 in. wide, and 36 in. long. The 

aluminum plates were 6061 aluminum alloy and were 0.090 in. thick. The aluminum plate 

above the stiffener was 1.5 in. wide and 32.5 in. long. The aluminum plates on each side of 

the stiffener were fabricated in pairs. The pair used to make panels with a stiffener orienta- 

tion of a = 0° were formed by first cutting a plate that was 16.5 in. wide and 32.5 in. long, 

and then cutting this plate along the axial center-line. The pair used to make panels with a 

a = 20° stiffener orientation were formed by first cutting a plate that was 16.4 in. wide and 

32.5 in. long, and then cutting this plate along a diagonal at 20° from the axial center-line. 

A sketch of each pair of plates is shown in Fig. 2-4(a) and Fig. 2-4(b). 

The aluminum mandrels shown in Fig. 2-3 were machined from 2024 aluminum stock. 

The mandrels were 32.5 in. long and the cross section dimensions are given in Fig. 2-4(c). 

Referring to the view sketched in Fig. 2-4(c), the top and bottom sides were machined flat 

and parallel, and the left side was machined flat and perpendicular to the top side. These 

three sides were polished because they were mold surfaces. 

    

0.125R 

32.5” 32.5” 1.0” 

¢— 0.71”   

  4. 16.5” + 16.4” \ 
\ Wa 125R 

(a) Aluminum (b) Aluminum (c) Aluminum 
plates, a = 0° plates, a = 20° mandrels 

                        

    

Fig. 2-4 Tooling dimensions 

2.1.2 Pre-preg Cutting 

The pre-preg from which the panels were fabricated came in rolls of 12 in. width and had 

to be kept frozen prior to use. To assist in handling, the pre-preg for all laminates was cut 

at one time, then resealed in individual bags and stored in the freezer. The pre-preg was 
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paper backed and was cut with razor blades or a paper cutter equipped with templates for 

different layer angles. 

2.1.3 Laying-up the Skin Laminate 

Three skin configurations were used for the five panels. The baseline 

[£45 /445/0,/90] ; laminate was rotated at orientations of B = [-20°, 0°, 20°] resulting 

in [25/-65,/25/-20,/70] , [#45/445/0,/90] _ and [65/—25,/65/20,/—70] ; 

laminates, respectively. Each skin laminate was assembled to form a rectangular plate that 

was 32.5 in. long and 18.0 in. wide. The procedure for each panel was identical. 

Each skin laminate was laid up one layer at a time. Each layer required several strips of 

pre-preg to be pieced together. The pieces were placed with fibers running parallel to the 

joining edges, so the layer had no seams or cut fibers on the interior of the plate. See Fig. 

2-5 for an example of this procedure. After piecing together each layer, an iron was used to 

tack the layer to the layer under it, the edges were trimmed with a razor blade, and then the 

paper backing was removed. Debulking was performed as needed to remove air trapped 

between the layers. Debulking was performed at least once for every four layers placed. 

—\ — 
(a) Strips as cut from 12 in. wide roll of pre-preg 

piles 
(b) Strips assembled in 32.5 in. by 18.0 in. lamina 

  

  

  

      
Fig. 2-5 Strips of pre-preg joined into seamless 65° layer 
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Debulking was accomplished by placing the partially constructed laminate on a table, 

between an assembly of layers of Teflon peel-ply material and fiberglass fabric, covering 

the assembly with a vacuum bag, and drawing a vacuum on the assembly for 15 minutes. 

Care was taken not to contaminate the panel during this process. Leaving a piece of Teflon 

peel-ply or backing paper from the pre-preg in between the laminates layers would pro- 

duce a delamination. 

2.1.4 Laying-up the Stiffener 

The stiffeners for all five panels were identical. Once assembled, the stiffener was cen- 

trally located on the laminated rectangular skin at an orientation of @ = 0° or 20° relative to 

the skin centerline and co-cured with the skin. The stiffeners were fabricated with a length 

of 32.5 in. 

The stiffener assembly was composed of four laminates and two strips of unidirectional 

tape. As shown in Fig. 2-6, laminates (a) and (b) formed half of the cap and attachment 

Oo 0° pre-preg 

C > 
*\ Aluminum 

mandrel 

{4 

(a) 

  

(1) (2) 

Sub-laminates before assembly Assembled laminates 
(a) [445/0/90/F45/0/90) (1) [£45/0/90/445/0/90/ (90/0/+45) 5] 

(b) [90/0/445/90/0/+45 ] (2) [£45/0/90/+45/0/90/ (90/0/#45) 9] 
(c) [£45/0/90], (from mandrel) (3) [+45/0/90],, 

(2) [44570790], (rom mandrel) (4) [ (£45/0/90) ,/90/0/+45/90/0/#45] 
(5) [ (£45/0/90) ,/90/0/445/90/0/#45] 

Fig. 2-6 Stiffener assembly 
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flanges. These components were laid up as flat 8-ply laminates, trimmed to 1.5 in. width, 

and debulked. The other two laminates, (c) and (d), formed the web as well as the other 

half of the cap and attachment flanges. These laminates were channel shaped, and were 

formed by wrapping 8 layers around a polished aluminum mandrel, debulking them 

against the mandrel, and trimming their edges. To assemble the stiffener, the left and right 

halves of the web were clamped together. The radii in the aluminum mandrels created a 

triangular-shaped void at the top and bottom of the stiffener web. The triangular-shaped 

void was filled with 0° pre-preg, and then the cap and attachment flange laminates were 

placed to complete the assembly. The aluminum mandrels were left in place until after cur- 

ing. The stacking sequences for components (a) - (d) and the resulting laminates after 

assembling the stiffener components are shown in Fig. 2-6. The stacking sequences were 

selected to provide nearly quasi-isotropic laminates while minimizing the degree of asym- 

metry inevitable when constructing an I-stiffener in this fashion. 

The panel was now ready for final assembly and preparation for curing. A cross section 

schematic of an assembled panel just prior to autoclave curing was shown in Fig. 2-3. The 

steel caul-plate was used as a base and it was cleaned and waxed. The plate was covered 

with fiberglass fabric and Teflon peel-ply material. The skin laminate was then placed on 

the peel-ply layer, and the stiffener placed on the skin laminate at the desired orientation. 

The entire panel was covered with a layer of peel-ply material. Aluminum plates were 

placed over the stiffener cap and the exposed skin. The entire assembly was then covered 

with fiberglass fabric and a vacuum bag. The vacuum bag was sealed to the caul-plate with 

a pliable sealant. A vacuum port and thermo-couple were inserted into the vacuum bag. 

The fiberglass fabric was used as a bleeder cloth to absorb excess resin during curing. The 

aluminum plates served two purposes. They gave a better surface finish on the skin by 

reducing the significance of wrinkles in the vacuum bagging. They also butted up against 

the edge of the attachment flange to provide a well-formed corner at the stiffener-skin 

interface. 

The entire assembly was then inserted into an autoclave for curing under vacuum, exter- 

nal pressure and heat according to the resin manufacturer’s specifications. The cured panel 

was removed from the vacuum bagging. Mandrels were removed by first cooling the panel 

in a freezer, and then tapping on the end of the each mandrel with a brass rod and hammer. 

The panel was then sent to a machine shop to be cut to the final dimensions. The final pan- 

els were 24.0 in. long and 16.5 in. wide, with the stiffener cap trimmed to a width of 1.2 in. 
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(Note: Panel B2,2 was damaged during panel preparation. To remove the damage, the 

stiffener cap was trimmed to a final width of 1.0 in., rather than the 1.2 in. dimension 

shown in Fig. 2-1(a).) 

2.1.5 Potting the Panels 

To protect the loaded edges of the panels during testing, the top and bottom ends of each 

panel were potted in 1.5 in. of casting compound encased in a aluminum frame. A photo- 

graph of a potted panel was shown in Fig. 2-1(c). The aluminum frames were constructed 

of 1.5 in. by 1.5 in. by 0.1875 in. 6061-T6 aluminum structural angle. Four pieces of angle 

were welded to form a frame that was 1.5 in. deep and had inside dimensions of 3.375 in. 

by 18.5 in. 

To pot a panel the following sequence was followed: 

1. A fixture for supporting the panel in a plane perpendicular to a table was devised. 

2. One of the aluminum frames was placed on the table beneath this supporting fixture, 

with the flanged side of the frame away from the table. 

3. A bead of sealant, 0.125 in. thick, was placed between the lower edge of the frame and 

the table surface. 

4. The panel was placed with the end centered in the frame. The panel was clamped to the 

supporting fixture, holding the panel flat against the supporting fixture and perpendicu- 

lar to the table. 

5. The frame was filled with a casting compound. HYSOL TE5467 aluminum filled epoxy 

and HD3615 hardener were used. 

6. After the casting hardened the panel was inverted and the other end was potted. 

2.1.6 Grinding Loaded Ends Flat and Parallel 

The bead of sealant used in step 3 above caused the panel and casting compound to 

extend 0.125 in. beyond the aluminum frame. This allowed the loaded ends of the panel to 

be ground flat and parallel without machining the aluminum frames. When the panels were 

ground, they were supported such that the weight of the potted ends did not warp the 

panel. 

2.1.7 Surface Shape Measurement 

The potted panels were sent to the Quality Assurance and Inspection Office, NASA Lan- 

gley Research Center, to be measured for initial geometric imperfections. The panels were 
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measured after potting because the potted configuration represented the as-tested initial 

shape. To measure the panel shape, the panels were placed on an optical bench standing 

upright on the lower potted end. A robotic arm with a contacting probe was used to mea- 

sure the x-y-z coordinates of the exposed portion of the unstiffened side of the panel. The 

location of six points on the panel, three points across the width of the panel near each pot- 

ted end, defined the reference plane in a least squares sense. The robotic arm was then pro- 

grammed to transverse the unstiffened side of the panel making measurements at 0.25 in. 

intervals, and reporting the x-y-z coordinates of each surface point relative to the reference 

plane. Measurements were taken starting 0.25 in. inside the potted ends and the side edges. 

The original test plans did not call for measuring initial geometric imperfections, since 

the buckling of flat panels is not imperfection sensitive. The first panel tested, B2,0, was 

not measured for initial geometric imperfections. Poor correlation between experimental 

and analytical predictions for this panel prompted the measuring of the initial geometric 

imperfections for the remaining panels. 

2.1.8 Strain Gaging 

Electrical resistance strain gages were used to measure strains. Strain gage patterns were 

specified for each panel to meet three objectives: 

1. Monitor load introduction: Gages were located at several locations across the panel 

width close to the potted ends. 

2. Provide strain data to be used to compute resultant axial and shear loads, P, and P,,,: 

The panels were loaded with an applied end shortening in a uniaxial load frame. The 

resultant axial load P, was recorded by a load cell, but the resultant shear load P,, could 

not be measured directly. Gages were located at several locations across the width at 

panel midlength for this purpose. 

3. Monitor local deformations associated with panel buckling: Gages were located on the 

panel skin away from the stiffener where bending due to skin buckling was predicted to 

be a maximum. Gages were also placed at several locations on the stiffener to monitor 

the stiffener load and cross section deformation. 

Finite element models were developed for each configuration. Linear bifurcation buck- 

ling modes obtained using the STAGS analysis code were used to define strain gage pat- 

terns. The lowest eigenvalues were closely spaced, so the first and second mode 

deformations were considered. Drawings were created that specified strain gage locations 
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and numbering, and the strain gages were mounted by Modern Machine and Tool, Hamp- 

ton, VA. The strain gages that were used consisted of three-arm rosettes and unidirectional 

gages (Micro Measurement CEA-06-125UR-350 and CEA-06-125UW-350). Leads that 

were 10 ft. long were attached to the gages and labeled with the respective gage number. In 

the prescribed gage pattern nearly all of the gages were “backed-up”, 1.e., gages were 

located on the front and back of a laminate in pairs. When strain gages are “backed-up” or 

“back-to-back,” the average of the surface strains is the midplane strain, while the differ- 

ence in surface strains is twice the bending strain. 

The strain gage pattern specified for panels B2,2 and B2,n2 is shown in Figs. 2-7 to 2-9. 

A total of 130 gages were used for each panel to address the objectives listed above. The 

strain gage pattern for the panel skin is shown in Fig. 2-7. Gages located along lines 4 in. 

from each potted end were used to monitor load introduction, while gages located across 

the panel midlength were used to compute resultant loads. Gages in the center of the 

unsupported skin were used to indicate skin buckling. In Fig. 2-7 three locations along the 

stiffener, Locations A, B, and C, indicate stiffener cross sections that were gaged. The gage 

patterns at Locations A and B are shown in Fig. 2-8. Location A was heavily gaged to pre- 

dict accurately the load carried in the stiffener at panel midlength. The gages on the stiff- 

ener web indicated warping of the stiffener cross section. The gage pattern at Location C is 

shown in Fig. 2-9(a). The gage patterns for Locations B and C were similar. Finally, a few 

gages were placed on the stiffener cap near the potted ends to monitor load introduction 

into the stiffener and to indicate bending in the plane of the stiffener cap. The location of 

these gages is shown in Fig. 2-9(b). 

(Note: As mentioned earlier, panel B2,2 was damaged during panel preparation. To 

remove the damage, the stiffener cap was trimmed to a final width of 1.0 in., rather than 

the 1.2 in. dimension shown in Fig. 2-1(a). The change in cap width is reflected in the loca- 

tion of strain gages on the stiffener cap for panel B2,2 in Figs. 2-8(a) and 2-9(b).) 

2.1.9 Final Panel Preparation 

The shadow moiré interferometry technique was used during testing to monitor visually 

the out-of-plane displacement of the panel’s skin. To prepare the panel, the strain gage 

leads on the unstiffened side of the panel were grouped and taped down, and this side was 

painted white. A description of the shadow moiré interferometry method is given in Ref. 

65. 
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All dimensions are in inches. 

The small numbers represent 

the strain gage numbers. 
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Fig. 2-7 Strain gage pattern B2,2 and B2,n2; skin gages 
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Specimens: B2,2-1 B2,N2-1 

Location A: 11.1875 in. along web from bottom 
Configuration is perpendicular to web 
viewed from bottom 

  

Specimens: B2,2-1 B2,N2-1 

Location B : 8.00 in. along web from bottom 
Configuration is perpendicular to 
web viewed from bottom 
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Fig. 2-8 Strain gage pattern B2,2 and B2,n2; stiffener locations A and B 
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Specimens: B2,2-1 B2,N2-1 

Location C: 4.25 in. along web from bottom 
Configuration is perpendicular to web 
viewed from bottom 
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Fig. 2-9 Strain gage pattern B2,2 and B2,n2; stiffener location C and end of cap 
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During testing, the unloaded edges of the panel were supported by steel knife edges. The 

knife edges were loosely clamped to the vertical edges of the panel, supporting the panel’s 

skin along a line 0.25 in. from the panel’s edge. 

2.1.10 Direct-Current Differential Transducers 

Direct-current differential transducers (DCDT’s) were used to measure longitudinal and 

lateral displacements of the testing machine platens, and out-of-plane displacements of the 

panel at selected locations. All DCDT’s were mounted to the bottom platen of the test 

machine using magnetic mounts and supporting hardware. 

Seven DCDT’s were used to measure displacements on the stiffened side of the panel. 

The locations of these DCDT’s on panels B2,2 and B2,n2 are shown in Fig. 2-10. DCDT’s 

1 through 6 measured the out-of-plane displacement of the skin, and DCDT 8 measured 

the inplane displacement in the stiffener cap. 

During testing a uniform end shortening was applied to the panels under displacement 

control. The stiffness coupling in the panels caused substantial lateral displacements of 

the load frame platens. Five DCDT’s were positioned to measure the displacement of the 

top platen relative to the bottom platen. The locations of these DCDT’s are shown in Fig. 

2-11. DCDT 9 measured the lateral platen displacement in the plane of the panel, DCDT’s 

10 and 11 measured the axial displacement, or stroke, between the platens, and DCDT’s 12 

and 13 monitored the platen displacements normal to the plane of the panel. As indicated 

in Fig. 2-11, the panels were rotated relative to the platens so that the entire width of the 

panel could be loaded. 

2.1.11 Loads 

The axial load P&P was measured by the test machine’s load cell. The shear load PS? 

could not be measured directly. The shear load PP was estimated using strain data from 

three-arm strain-gage rosettes located across a horizontal cross section of the panel. The 

strain gages used to estimate the shear load for panel B2,2 are shown in Fig. 2-7 at the 

panel midlength (10.5 in. from the bottom potting material) and in Fig. 2-8(a) at the stiff- 

ener cross section “Location A.” The strain readings from back-to-back strain gage pairs 

were averaged to obtain the reference surface strains Ee, EY , and ¥° y? and then multiplied 

by the membrane stiffnesses Aj; (see Eq. (1.1)) to compute the membrane stress resultant 

Ny at each strain gage location. The N, y stress resultants at each location were multi- 
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Fig. 2-10 DCDT pattern for panels B2,2 and B2,n2; stiffened side of panel 
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Fig. 2-11 DCDT pattern for panels B2,2 and B2,n2; top load frame platen 

plied by the width of the panel adjacent to each strain gage and summed to obtain the inte- 

grated panel shear load, PSP ; 

2.2 Testing Procedure 

The panels were loaded in compression in a 300-kip-capacity hydraulic test machine 

located in the Aircraft Structures Laboratory at the Langley Research Center. Readings 

from the load cell, strain gages, and DCDT’s (142 channels) were acquired electronically 

and were recorded at the rate of one reading of all channels per second. Moiré-fringe pat- 

terns were recorded on UCA video tape and with still photographs. 

Prior to conducting each test, a procedure was executed to level the platens of the test 

machine. A load of 2.0 kips was applied to the panel. Readings from back-to-back strain 

gage pairs located near the corners of the panel were used to detect bending or uneven load 

introduction. Because of the asymmetry of the panels, strains from diagonally opposed 

gages were compared. The load was removed and the orientation of the top platen was 

adjusted to correct for uneven loading. The above sequence was then repeated until the 

load introduction was satisfactory. 

For the actual test, an end shortening was applied under displacement control at approx- 

imately 0.010 in. per minute. The panels were loaded until they failed. 
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2.3 Experimental Results 

During loading each panel initially remained flat, and then deformed smoothly from the 

flat prebuckled state to a stable postbuckling equilibrium state. Each panel exhibited sub- 

stantial postbuckling strength. Failure occurred due to skin-stiffener separation. As the u 

and v displacements of the top platen, and the net axial and shear loads, PP and POP ; 

reflect the panel’s global response, these quantities are presented for each panel as a guide 

to the overall observed behavior. 

2.3.1 Measured Panel Axial Load vs. End Shortening 

The axial load vs. end shortening response of each panel is shown in Fig. 2-12. Buckling 

is indicated by the change in slope of this response curve. Tangents to the axial load vs. 

end shortening response on each side of the slope change were used to define two lines for 

each panel. The slopes of these lines define the prebuckling and initial postbuckling axial 

stiffness, commonly referred to as EA, while the intersection of these lines defines the 

buckling load. The procedure for computing panel stiffnesses and the buckling parameters 

will be described in greater detail in Section 4.2, where the procedure is applied to the 

experimental and numerically-predicted results. Failure of each panel is indicated in Fig. 

2-12 by the open circles at the ends of the curves. 

Experimental prebuckling and initial postbuckling axial stiffnesses, buckling loads and 

end shortening at buckling, and failure loads and displacements are given in Table 2-1. 

Compared to the baseline configuration, panel BO,0, the configurations with rotated skins 

and/or rotated stiffeners had lower buckling loads, and lower axial stiffnesses in the pre- 

buckling and initial postbuckling equilibrium states. All of the panels displayed a reduc- 

tion in stiffness when the skin’s buckled. This reduction in axial stiffness is typical of the 

postbuckling response of stiffened panels. In Table 2-1, the initial postbuckling stiffness of 

each panel is between 57% and 68% of the prebuckling stiffness of the same panel. 

2.3.2 Integrating Stress Resultants 

AS mentioned in section 2.1.11, the shear load PS? was estimated using strain data. The 

strain distribution across the width of a panel varied with load level. Reference surface 

membrane strains €° and xy in the skin at the midlength of panel B2,2 are shown for two 

load levels in Fig. 2-13. From Table 2-1, (P,) = 5.12 kips for this panel. At a prebuck- 

ling load of 4.2 kips, the membrane strains are nearly uniform across the panel width. For 
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Table 2-1 Experimental Stiffness, Buckling Loads, and Failure Loads 
  

  

  
    

          
    

  
    

      
    

        
    

  
              
  

EA (kip) Buckling Failure 

Configuration Pre- Post- (P_) op uo? (P.) os op op 

| buckled | buckled | (kip) (mil) | (kip) | (mil) | (mil) 

BO,O 16,380 9,350 6.65 9.74 31.2 82.6 0.710 

Ni BO,2 16,020 | 9,230 6.46 9.82 29.0 78.7 3.86 

B2,0 13,180 8,520 5.55 9.57 19.43 56.9 29.4 

\\ B2,2 14,430 8,790 5.12 8.38 22.3 68.8 46.8 

WN B2,n2 13,840 | 9,300 5.16 8.62 18.44 49.8 23.4 

| | 
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Fig. 2-13 Variation across the width of the reference surface strains €° and Vey 

the postbuckling load of 10.0 kips, the membrane strains show substantial variation across 

the width. To estimate the shear load PoP from strain gage data, accurate material proper- 

ties must be used to compute stress resultants from strain data, and the method for integrat- 

ing the stress resultant across the width of the panel must be accurate. In the following 

sections, the nominal material properties are adjusted to define the material properties of 

the as-fabricated test panels, and the accuracy of the method used to integrate the stress 

resultants is accessed. These tasks are achieved by integrating the axial stress resultant N,. 

across the width of a panel to compute the integrated axial load P&P (int) | The integrated 

axial load P? ('"!) is compared to the axial load P®? that was measured by the load cell. 

Adjusting Material Properties for Test Panels 

Nominal material properties for AS4-3502 graphite-epoxy tape material were shown in 

Table 1-1. Rather than use the nominal properties, thickness measurements and the pre- 

buckling response of the baseline configuration, panel BO,0, were used to define the mate- 

rial properties of the as-fabricated test panels. 
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Thickness measurements were made along the centerline of the unsupported panel skins 

of all the panels. The average thickness for the 16-layer skins was 0.0784 in., or tpy= 

0.00490 in. 

The nominal material properties in Table 1-1 are compression properties from Ref. 3, 

p.116. If these properties were used to estimate the membrane stiffnesses A;; of panel BO,0, 

then the prebuckling panel stiffness defined by the slope of the integrated axial load 

pexp (int) vs, end shortening response was 4.7% lower than the prebuckling panel stiffness 

defined by the slope of the load cell data P&? vs. end shortening response. To achieve bet- 

ter correlation, the nominal material properties were modified by using the rule-of-mix- 

tures procedure described in Ref. 66 to change the fiber volume fraction, V, from the 

assumed value of 0.62 given by Ref. 4 to a value of 0.660. The modified material proper- 

ties are summarized in Table 2-2. 

Table 2-2 Modified Material Properties: Hercules AS4-3502 Graphite-Epoxy 
  

  

E, 20.9 Msi 

E, 1.578 Msi 

Gio 0.886 Msi 

Vio 0.297 

V f 0.660 

toly 0.00490 in. 
  

  

Accuracy of the Integration Method 

The method for estimating resultant loads by integrating stress resultants could be 

checked by comparing the integrated axial load P®?("!) and the load cell data P??. 

Using the modified material properties from Table 2-2, this comparison is shown in Fig. 2- 

14 for each panel. The good correlation of these two quantities in the prebuckling and ini- 

tial postbuckling load ranges indicates that the modified material properties and the 

method for integrating the stress resultants are reasonable. Far into the postbuckling load 

range, the strain distribution becomes less uniform, as shown in Fig. 2-13, and the integra- 

tion method over-predicts the axial load. 

2.3.3 Axial-Shear Force and Displacement Coupling 

When a panel with axial-shear stiffness coupling is subjected to a uniform axial end 
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shortening, the type of coupling exhibited depends on the boundary condition on the trans- 

verse displacement v. Two ideal boundary conditions are considered in Fig. 2-15. The first 

case assumes that v = 0 and is represented in Fig. 2-15(a). In this situation an axial end 

shortening induces both axial and shear force reactions. This case represents pure force 

coupling with the amount of force coupling defined by the ratio P,,, to P,. The second case 

considered assumes that v is uniform, but is unspecified, and the net shear force is equal to 

zero. As shown in Fig. 2-15(b), instead of a shear force reaction, an axial end shortening 

induces a shear displacement. This case represents pure displacement coupling with the 

amount of displacement coupling defined by the ratio v to u. The experimental response 

was bounded by these two cases. The test machine provided a constraint on the v displace- 

ment that was neither rigid nor free. As a result, the panels exhibited a mixture of force and 

displacement coupling, i.e., a mixed coupling response, as shown in Fig. 2-15(c). 

Pole Py Rs PW ‘ 

  

> vu = 'v u 

xy v | i> c> = 
Px P xy 

Ap x Py P A ~ 

(a) Pure force coupling (b) Pure displacement (c) Mixed coupling 
(v =0, Pyy #0) coupling (v # 0, Pxy = 0) (v #0, Pyy #0) 

Fig. 2-15 Axial-shear force and displacement coupling: boundary condition on v 

Measured Panel Force Coupling vs. End Shortening 

The amount of force coupling in the experiment is defined as the ratio of the panel shear 

load to the panel axial load, Ppl PP . Recall that Py was estimated using strain data 

while P&P was measured by the test machines’s load cell. The experimental force cou- 

pling vs. end shortening response of each panel is shown in Fig. 2-16. Skin buckling of 

each panel is indicated in this figure by the open circles. During initial loading the force 

coupling varied rapidly with increasing load. This rapid variation in coupling probably 

corresponded to nonuniform load introduction and seating of the test machine and panels. 

The force coupling in the panels with the unrotated stiffener was small for the entire load- 

ing spectrum. The panels which had the stiffener rotated displayed an increase in force 

coupling after skin buckling. 
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Fig. 2-16 Experimental force coupling vs. end shortening response 

Measured Panel Displacement Coupling vs. End Shortening 

The amount of displacement coupling in this experiment is defined as the ratio of the 

panel shear displacement to the panel end shortening, v/u. The experimental displace- 

ment coupling vs. end shortening response of each panel is shown in Fig. 2-17. Skin buck- 

ling of each panel is indicated in this figure by the open circles. The behavior resembles 

that of the force coupling shown in Fig. 2-16. During initial loading the displacement cou- 

pling varied rapidly. The initial variations in displacement coupling occurred when the u 

and v displacements were less than 0.005 in. and the aforementioned seating of the test 

machine and panels translated into substantial displacement coupling. As the end shorten- 

ing increased, the panel behavior stabilized. The displacement coupling in the baseline 

configuration BO,0 was near zero for all loads. For the panel with the unrotated stiffener 

and the skin rotated 20°, panel BO,2, the displacement coupling was about 10% before the 

skin buckled and reduced to less than 10% after the skin buckled. The panels which had 

the stiffener rotated displayed an increase in displacement coupling after the skin buckled. 

The panel with the skin and stiffener both rotated in the same direction displayed the max- 

imum displacement coupling, reaching 68% just prior to failure. 
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Fig. 2-17 Experimental displacement coupling vs. end shortening response 

2.3.4 Out-of-Plane Skin Displacements 

Moiré-fringe patterns representing the out-of-plane displacement of the skin were used 

to identify the buckling mode of each panel and to monitor the postbuckling out-of-plane 

deformations. All panels had a buckling mode with two lateral half waves. 

The panels with the unrotated stiffener had buckling modes with three axial half waves. 

The development of the out-of-plane skin displacement in the postbuckling response for 

panel BO,O0 is illustrated by the sequence of moiré-fringe patterns, as viewed from the 

unstiffened side of the panel, shown in Fig. 2-18. Panel BO,O had the skin and the stiffener 

unrotated, and the postbuckling skin displacement was typical of a traditional postbuckled 

stiffened panel.The development of the out-of-plane skin displacement in panel BO,2 was 

very similar to that shown for panel BO,0. 

When the stiffener was rotated, the skin panel was divided into sections that were 

tapered in width. The buckling modes for panels with the stiffener rotated were initially 

dominated by single axial half waves located where the skin sections were the widest. 

With additional loading, additional axial half waves developed in the narrower skin sec- 
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Fig. 2-18 Panel B0,0: moiré-fringe patterns of developing 
out-of-plane skin displacement during buckling 

tions. The development of the out-of-plane skin displacement in the postbuckling response 

for panel B2,2 is illustrated by the sequence of moiré-fringe patterns, as viewed from the 

unstiffened side of the panel, shown in Fig. 2-19. Panel B2,2 had the skin and stiffener 

rotated in the same direction. The rotated stiffener created a node line along the stiffener 

and caused the postbuckling deflections to be skewed. The development of the out-of- 

plane skin displacement in panels B2,0 and B2,n2 was very similar to that shown for panel 

B2,2. 

2.3.5 Failure 

All of the panels failed when the skin of the panel separated from the stiffener. In each 
case this separation was a dynamic event, causing damage and greatly reducing the load 
carrying capacity of the panel. Photographs of the stiffened side of the panels which illus- 
trate that the skin and stiffener separated are shown in Fig. 2-20. In Fig. 2-20(a) a photo- 
graph shows the skin of panel BO,0 separated from the stiffener along the entire length of 
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Fig. 2-19 Panel B2,2: moiré-fringe patterns of developing 
out-of-plane skin displacement during buckling 

the stiffener. In Fig. 2-20(b) a photograph shows the skin of panel B2,0 separated from the 

stiffener in the upper half of the panel. As illustrated in this photograph, a portion of the 
first layer of the panel skin stayed attached to the stiffener when the skin and stiffener sep- 
arated. 

Moiré-fringe patterns of the out-of-plane skin displacements of each panel just prior to 
failure, and just after failure, are shown in Fig. 2-21(a) and Fig. 2-21(b), respectively. The 

photographs in Fig. 2-21(a) show the last moiré-fringe patterns that were recorded prior to 
skin-stiffener separation. The ultimate load for each panel is shown to the left of the moiré- 

fringe patterns in Fig. 2-21(a). The photographs in Fig. 2-21(b) show the moiré-fringe pat- 
terns that were recorded after skin-stiffener separation. Separation of the skin and stiffener 
results in large out-of-plane deformations in the skin, and a reduction in the panel axial 
load, (P,.) °?. The residual load in each panel after skin-stiffener separation is shown to 
the left of the moiré-fringe patterns in Fig. 2-21(b). The moiré-fringe patterns indicate that 
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Fig. 2-20 Photos of failed panels illustrating skin-stiffener separation 

panels BO,0 and BO,2 had skin-stiffener separation over the entire length of the stiffener, 

panel B2,0 had skin-stiffener separation over the top half of the stiffener length, and panels 

B2,2 and B2,n2 had skin-stiffener separation over the bottom half of the stiffener length. 

The ultimate axial loads and corresponding load frame platen displacements at failure 

for each panel were reported previously in Table 2-1. It is important to note that the panels 

with the stiffener rotated 20° had significantly lower failure loads and residual load carry- 

ing capacity than the panels with the unrotated stiffener. 

2.3.6 Additional Experimental Results to be Shown in Chapter 4 

The primary objectives of the exploratory experimental program were to demonstrate 

the structural behavior of these tailored panels in order to guide analytical modeling, 

benchmark analytical results, and assist in identification of any unexpected physical phe- 

nomenon. General experimental procedures and results which reflect the global response 

of the test panels have been presented. The focus now shifts to development of finite ele- 

ment models which accurately represent the physical conditions. In Chapter 3 modeling 

procedures are defined which were used to create numerical models for each panel. The 
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Fig. 2-21 Moiré-fringe patterns prior to and after skin-stiffener separation 
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numerical models created to simulate the response of each panel are verified in Chapter 4 
by correlating numerically-predicted results with experimental results. The experimental 

results presented in Chapter 4 include: 

* load versus end shortening relations 

* out-of-plane displacement contours of the panel skin as indicated by moiré-fringe 

patterns 

* out-of-plane displacements of the panel skin at discrete points measured using 

DCDT’s 
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* axial-shear force coupling: axial force readings from the load cell, and shear force 

computed by integrating measured shear strains from electrical resistance strain 

gages 

¢ axial-shear displacement coupling: end shortening and transverse displacements of 

the load frame platens measured using DCDT’s. 
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3. Development of Numerical Models 

All numerical results were computed using the STAGS finite element code (Ref. 50). 

This code was used with success in Refs. 46 and 47 to analyze the postbuckling response 

of stiffened panels, and was selected for the current effort because of its nonlinear solution 

capabilities, and its algorithms to resolve singularities at the buckling load. 

Prior to conducting the experiments, preliminary analyses using crude models were con- 

ducted in order to obtain estimated buckling loads and buckling modes for each specimen. 

These results were used to prescribe the location of instrumentation for data acquisition 

during testing. 

After completing the experiments, great efforts were made in interpreting experimental 

data and developing a finite element model which could accurately represent the condi- 

tions in the experiments. The ultimate goal of the model development was to understand 

the response seen in the experiments. To define the level of detail required in the model, a 

study was conducted to quantify the effect of several modeling details on the predicted 

response of a composite plate with skewed material axes and skewed stiffeners. The panel 

with the stiffener and skin both rotated in the same direction, panel B2,2, was selected for 

this study. The lessons learned from the study were then applied to develop the numerical 

models for the other panels. 

The procedure for the study was as follows. First, a simple baseline finite element model 

was defined. Because the panel response predicted by this model did not correlate with the 

experimental results, a list of possible modeling refinements was developed that could 

possibly make the model more closely resemble the test panel. The effect of each model- 

ing refinement was assessed by creating additional models, each model introducing only 

one refinement to the baseline model, and comparing the response of each new model to 

the baseline model. After each modeling refinement was assessed independently, a model 
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was assembled that incorporated all of the refinements. The predicted response of this 

model was then compared to the baseline model and the experimental data for panel B2,2. 

The following sections in this chapter discuss the development and refinement of the 

model. 

Because the panels shown in Fig. 2-1(c) had the top and bottom edges potted, the bottom 

edge of the model was fully constrained while the top edge was loaded by specifying uni- 

form u- and v-displacements. The net axial and shear loads, P, and P,,, are determined by 

summing the reactions in the model. The plate element used in the finite element models 

was the STAGS 410 displacement-based 4-node quadrilateral shell element with 3 transla- 

tional and 3 rotational degrees of freedom per node, as shown in Fig. 3-1. The translational 

degrees of freedom u, v, and w are the translations expressed in the fixed element-local 

x-y-z coordinate system. The rotational degrees of freedom Ru, Rv, and Rw are the rota- 

tions about the x-, y-, and z-axes, respectively. The rotation about the shell element normal, 

Rw, is called the drilling degree of freedom. 

Linear buckling and nonlinear postbuckling analyses were conducted for each model. 

The panel’s global response was reflected in the predicted linear buckling load and nonlin- 

ear load vs. end shortening response. These results are presented for each model as a guide 

to the overall predicted behavior. Recall from Table 2-1, (P,) ope 5.12 kips for panel 

B2,2. In this chapter, load vs. end shortening results for loads up to 15 kips are considered. 

(Note: The finite element model for panel B2,2 modeled the stiffener cap with a 1.0 in. 

width to account for the modification to the panel that was made during the fabrication and 

reported in Section 2.1.4.) 

  

Fig. 3-1 Directions of translational and rotational degrees of freedom 

62 Development of Numerical Models



3.1 The Baseline Model 

The baseline model, which was the starting point for model development and is shown 

in Fig. 3-2(a), represented only the unsupported section of the panel, i.e., the 21.0 in. 

length between the potted ends and the 16.0 in width between the knife edge supports. The 

panel was assumed to be perfectly flat. The boundary conditions were typical of a 

clamped-clamped—simply-supported—simply-supported panel with a uniform end short- 

ening: 

° Top edge: u = constant, (, w, Ru, Rv, Rw) = 0. 

¢ Bottom edge: (u, v, w, Ru, Rv, Rw) = 0. 

¢ Sides: (w, Rv) = 0. 

The stiffener was modeled as a discrete beam stiffener, rotated 20° from the x-axis, and 

located with an eccentricity relative to the reference plane of the skin. Nominal material 

properties from Table 1-1 on page 12 were used in the baseline model. 

A linear buckling analysis using the baseline model predicted (P,) orn 6.52 kips, as 

compared to (P,) P= 5.12 kips for panel B2,2. The axial load vs. end shortening 

response for the baseline model and the experiment are compared in Fig. 3-2(b). The 

results from the baseline model do not correlate well with the experimental response. The 

baseline model over-predicted the stiffness and the buckling load of the panel. Below is a 

list of modeling refinements that were employed to make the baseline model more closely 

simulate the response of the panel: 

. The discrete beam stiffener was replaced with a branched shell model. 

. The length of the panel in the potted sections on each end was included in the model. 

. The width of the panel outside the knife edge supports was included in the model. 

. The modified material properties shown in Table 2-2 were used. 

. The top edge of the model was allowed to translate uniformly in the y-direction. 

N
n
 

BP 
WO

 
N
 

. Initial geometric imperfections were introduced. 

The next section discusses the degree to which each of these refinements influenced the 

predicted response of the finite element model. 
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Fig. 3-2 Baseline model and experiment B2,2 

3.2 Incremental Modifications to the Baseline Model 

Each of the model refinements just mentioned was independently introduced into the 

baseline model to show how each model refinement altered the predicted response. 

3.2.1 Branched Shell Stiffener Model 

The discrete beam stiffener in the baseline model was replaced with a branched shell 

model as shown in Fig. 3-3. The cap, web, and attachment flanges of the stiffener geome- 

try shown in Fig. 2-1(a) were modeled with plate elements. The strips of 0° fibers that 

filled the void at the top and bottom of the web (Fig. 2-1(b) and 2-6) were modeled as dis- 

crete beams located at each side of the web. The stiffener model was attached to the skin 

model by imposing full displacement compatibility of coincident nodes. To provide coin- 

cident nodes, the reference surface of the stiffener attachment flange was located at the 

midplane of the panel skin, and the attachment flange laminate was assigned an eccentric- 

ity of +0.080 in. based on its physical dimensions. 
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A linear buckling analysis of the model with the branched shell stiffener predicted 

(P,) or 7.06 kips. The axial load vs. end shortening response for this model and the 

baseline model are compared in Fig. 3-3(b). As can be seen in the figure, the prebuckling 

response of the two models were the same, but the model with the branched-shell stiffener 

had a higher buckling load and higher postbuckling stiffness. The buckling load and post- 

buckling stiffness were higher because the attachment flange of the branched shell stiff- 

ener provided out-of-plane and inplane stiffness to the panel skin over a finite width, rather 

than along a line. 

u = constant 

Branched Shell Stiffener 
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(a) Model with branched shell stiffener (b) Axial load vs. end shortening response 

Fig. 3-3 Branched shell stiffener 

3.2.2 Extended Length in Potting 

The panels had a total length of 24.0 in. The top and bottom edges were potted in 1.5 in. 

of casting compound, as described in Section 2.1.5. While the baseline model included 

only the 21.0 in. length of unsupported panel between the potted ends, the model shown in 

Fig. 3-4(a) used an extended length to represent the potted portion of the panel. The uni- 

form end shortening was still applied at the top edge of the model. The dashed lines on the 

model indicate the sections of the model located within the potting. It was assumed that 
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the potting provided support perpendicular to the panel components. This support was 

modeled by setting w = 0 for nodes within the potting and constraining the u- and v-dis- 

placements such that the beam stiffener exited the potted regions at a constant 20°. A lin- 

ear buckling analysis of the model with the extended length predicted (P,) orn 6.47 kips. 

The axial load vs. end shortening response for this model and the baseline model are com- 

pared in Fig. 3-4(b). The buckling loads from the two models were similar, but the 

extended length model was less stiff for all loads. This was the case because axial strain 

was allowed to occur within the potted ends of the extended length model. For a given 

amount of end shortening, the longer model had a lower strain, and therefore, a lower axial 

load. 

3.2.3 Extended Width Outside Knife-Edge Supports 

The panels had a total width of 16.5 in. The unloaded edges had knife-edge supports 

located 0.25 in. from the panel edges. While the baseline model included only the 16.0 in. 

width of panel between the knife-edge supports, the model shown in Fig. 3-5(a) represents 

an extension to include the entire width. The dashed lines on the model indicate where the 
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w = 0 constraint was imposed. A linear buckling analysis of the model with the extended 

width predicted (P,) on 6.74 kips. The axial load vs. end shortening response for this 

model and the baseline model are compared in Fig. 3-5(b). The buckling loads from the 
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(a) Baseline model (b) Axial load vs. end shortening response 

Fig. 3-5 Extended width outside knife-edge supports 

two models were similar, but the extended width model was stiffer for all loads. The dif- 

ference in stiffness increased in the postbuckling response, as the buckled skin transferred 

load into the stiffener and the skin supported by the knife-edges. 

3.2.4 Modified Material Properties 

Earlier it was discussed how the ply thickness and fiber volume fraction were altered to 

provide better correlation between the axial load obtained by integrating the stress result- 

ants, P2*P (nt) , and the load cell data P&P , The modified material properties were sum- 

marized in Table 2-2. A linear buckling analysis of the model which used the modified 

material properties predicted (P,) ont 4.97 kips. The axial load vs. end shortening 

response for this model and the model with nominal material properties are compared in 

Fig. 3-6. Using the modified material properties reduced the prebuckling panel stiffness by 
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Fig. 3-6 Modified material properties: axial load vs. end shortening response 

only 4.4%, but reduced the buckling load by 31%. The large reduction in the buckling load 

reflected the loss of local bending stiffness caused by reducing the ply thickness by 11%. 

3.2.5 Unspecified v-displacement on the Top Edge 

The baseline model had v = 0 on both of the loaded edges. For panel B2,2 subjected to 

end shortening, this constraint caused the force coupling shown in Fig. 2-15(a). If the 

model was modified so that the v-displacement of the top edge was uniform and unspeci- 

fied, then P= O and the displacement coupling situation in Fig. 2-15(b) was created. A 

linear buckling analysis of the model which had the v-displacement unspecified predicted 

(P,) orn 5.83 kips. The axial load vs. end shortening responses for this model and the 

baseline model are compared in Fig. 3-7(a). Releasing the constraint of the v-displacement 

lowered the buckling load and reduced the axial stiffness. The displacement coupling (v/z) 

for this model and the force coupling (P,,/P,) for the baseline model are compared in Fig. 

3-7(b). The behavior of the coupling in the two cases was very similar. The coupling 

response was constant in prebuckling and increased substantially in postbuckling. The 

experimental results for panel B2,2 presented in Figs. 2-16 and 2-17, demonstrate a mix- 

ture of force coupling and displacement coupling, each to a lesser degree than shown in 

Fig. 3-7(b). The mixture of force coupling and displacement coupling indicates that the 

test machine imposed a constraint on the v-displacement that was between fixed and 

unconstrained. 
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Fig. 3-7 Unspecified v-displacement 

3.2.6 Initial Geometric Imperfections 

When trying to correlate the response of the test panels with the predicted results, mea- 

sured surface shape data were used to prescribe initial out-of-plane geometric imperfec- 

tions. Surface shape data were obtained by the procedure described in Section 2.1.7. The 

procedure for including measured shape data is described below. 

Converting Surface Shape Data into Mathematical Approximations of the Initial 
Geometric Imperfections 

The measured surface shape data, Weasyred> Were used to compute Fourier series repre- 

sentations of the surface shape, w (x, y) . Four different series representations were con- 

sidered: 

NTERMS NTERMS 

-z y (FA) co » kml) mx aE. cos ea ty (3.1) 

n=] v 

NTERMS NTERMS 

-z y (FB) __s 4 kmal) ux aes sin (n a Ty (3.2) 

n=l 
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NTERMS NTERMS 

W(xy) = = YF) ypcos 2D sin@—OR 3.3) 
n=] 

and 

NTERMS NTERMS 

A _ dma) 1x ee (n-—1) ty W(x, y) = 2X SY) (FD) yy sin cos, GA) 
n=] 

where (FA) ns (FB) mns (FO) nn, and (FD),,,, are Fourier coefficients computed by numeri- 

cal integration using the trapezoidal rule, NTERMS is the range of terms in the series, and 

Land W are dimensions over which the surface shape was measured. To determine which 

Fourier series best represented the measured data, an error parameter was defined by 

y (w ~ W measured) 2 

ERROR = |Ndata (3.5) 
2 

(Wneasured) 

Ndata 

  

  

This error parameter was computed for each series representation as a function of 

NTERMS. The variation of the error parameter with increasing value of NTERMS is shown 

for panel B2,2 in Fig. 3-8. The results in this figure indicate that the series given in Eq. 

(3.1) best represented the measured surface shape. A value of NTERMS = 7 was selected in 

order to avoid high frequency oscillations in the derivatives of w. Contour plots of the 

measured surface shape and the computed Fourier representation of the shape are shown in 

Fig. 3-9. The magnitude of the imperfection is normalized by the skin thickness and 

exceeds half the skin thickness in both the positive and negative z-directions. 

The surface shape was measured on the unstiffened side of the skin after the panels were 

potted. The potting and frame around the potting interfered with measuring the surface 

shape of the skin in locations that were within 0.25 in. from the potting and inside the pot- 

ting. Thus the length L in the Fourier series representation of the measured data was equal 

to 20.5 in. When the Fourier series representation was applied to define the shape imper- 

fection in the finite element models, part of the finite element model was located in the 

region where the shape could not be measured. At these locations in the model, the imper- 

fection was computed by evaluating the Fourier series representation at the nearest point 

on the panel where the surface shape was measured. An external user-written subroutine 
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Fig. 3-9 Surface shape for panel B2,2 

was used to define an initial geometric imperfection in the form of higher-order initial 
strain imperfections in the STAGS finite element analysis. Details of the implementation 
of the initial geometric imperfections can be found in Ref. 51. 

Applying Shape Imperfections to Baseline Model 

The flat baseline model was modified by introducing an initial geometric imperfection as 
defined by the measured surface shape. The axial load vs. end shortening response for the 
imperfect model and the baseline model are compared in Fig. 3-10. The measured imper- 
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Fig. 3-10 Initial geometric imperfection: axial load vs. end shortening response 

fection shape for this panel seemingly had little affect on the over-all response of the 

model. The bifurcation behavior of the flat baseline model created a buckling deformation 

that had little directional dependence, i.e., the baseline model may have buckled into a 

mode in the opposite direction of the buckling observed during the experiment. On the 

other hand, when an end shortening was applied to the imperfect model, compressive 

membrane stresses caused nonzero out-of-plane displacements prior to skin buckling. 

Near the buckling load the out-of-plane displacements of the imperfect panel grew 

smoothly and developed into a postbuckled pattern in the skin. The imperfection removed 

the bifurcation behavior observed with the baseline model, and increased the likelihood 

that the predicted and experimental deformations would be in the same direction. 

3.3 The Advanced Model 

Based on the model refinements just discussed, an advanced finite element model was 

developed to simulate the response of panel B2,2. This model is shown in Fig. 3-11(a). 

The stiffener was represented by branched plates, the entire length and width of the panel 

was included in the model, and the modified material properties in Table 2-2 were used. 

The measured shape data shown in Fig. 3-9(a) were converted into a Fourier series repre- 

sentation (Fig. 3-9(b)) and applied as an initial geometric imperfection. The question of 

the constraint on the v-displacement was addressed by specifying that the u- and v-dis- 
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placement of the top edge be defined by measured experimental data u®? and v?. 

A nonlinear postbuckling analysis of the advanced model of panel B2,2 was conducted. 
The axial load vs. end shortening response for the baseline model, advanced model, and 
the experiment are compared in Fig. 3-11(b). The advanced model accurately simulated 
the overall response of the panel in the prebuckling and postbuckling range of loading. 

          
  

u=uoP 

v= yoP ds 
Oy Baseline Model 

IS o 

. » 

2 : 

P x, lO & j 

kips _ \ 
@° Advanced Model 

Lines with e 
out-of-plane 5- /@ 
displacement ‘ ; 
constrained Experiment B2,2 

0 | l I | 
0 0.01 0.02 0.03 0.04 

u, in. 

(a) Advanced model (b) Axial load vs. end shortening response 

Fig. 3-11 Advanced model and experiment B2,2 

3.4 Nonuniform Initial Loading 

Previous refinements to the finite element model were directed toward accurately pre- 
dicting the overall response of a panel. Considering the local panel response, one more 
modification was introduced to the finite element model. 

The experimental strain data for panel B2,2 indicated that the initial load introduction 
into the panel was nonuniform. Load introduction into the panel skin was monitored by 
strain gages located across the panel width, 4.0 in. from the top and bottom potting, as 
shown in Fig. 2-7. Load introduction into the stiffener was monitored by strain gages 
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located on the stiffener cap near the potted ends, shown in Fig. 2-9(b). 

Numerically-predicted strains for an end shortening u = 0.25u,, were obtained from a 

nonlinear static analysis using the advanced finite element model. The predicted strains are 

compared to the measured strains in Fig. 3-12. The strains shown are normalized by the 

strain at buckling, L.e., E. = €,/ (u,,/24) . The measured strain values in the skin were 

low in the center of the panel. The measured strain values in the stiffener cap indicated 

bending, with the gages on the cap near the top potting showing a negative normalized 

Strain, i.e., the stiffener cap was in tension when the remainder of the panel was in com- 

pression. In the experiment, the strain values in the stiffener cap remained tensile until just 

prior to buckling of the skin. 

In an effort to better match the experimental load introduction, the finite element model 

was modified further by adding a nonuniform initial displacement to the uniform end 

shortening. The nonuniform initial displacement was defined on each end of the model and 

consisted of a nonuniform u-displacement and a rotation about the y-axis. Experimental 

data from strain gages on the skin were used to infer the shape of the nonuniform u-dis- 

placement, while data from strain gages on the stiffener cap were used to infer the end 

rotations. 

The finite element analyses were conducted several times. After each analysis the pre- 

dicted strains were compared to the measured strains, and a new nonuniform initial dis- 

placement was defined which reduced the discrepancy. After a few iterations the predicted 

strains correlated well with the measured strains for this single point in the loading history, 

namely about 25% of the panel buckling load. The predicted strains obtained with the non- 

uniform initial displacement model are compared to the experimental strains in Fig. 3-13. 

The magnitude of the nonuniform initial inplane displacement was small. The variation 

across the width of the skin was less than 0.001 in., and even with the end rotation 

included, the maximum nonuniform initial displacement was less than 0.003 in. These val- 

ues are well within the tolerances held for machining and fixturing test specimens. How- 

ever, a nonuniform initial displacement of 0.003 in. represented a significant percentage of 

the end shortening at buckling (see Table 2-1), and thus could be considered an important 

source of error. 

To conduct analyses at higher loads, the nonuniform initial displacement was held con- 

stant, and a uniform end shortening was added. A nonlinear postbuckling analysis of the 
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nonuniform initial displacement model of panel B2,2 was conducted. The axial load vs. 

end shortening response for the advanced model, the nonuniform initial displacement 

model, and the experiment are compared in Fig. 3-14. The results in Fig. 3-14 indicate that 

the nonuniform initial displacement which had a substantial effect on the local strain dis- 
  

tribution shown in Fig. 3-13 had very little effect on the overall panel response.   

Nonuniform Initial 

    

15;- Displacement Model — 

P 10- e ’ 

kips Advanced Model 
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Fig. 3-14 Advanced model, nonuniform initial displacement model, and experiment 

B2,2: axial load vs. end shortening response 

A contour plot of the out-of-plane skin displacement predicted by the nonuniform initial 

displacement model and a moiré-fringe pattern from the experiment are compared in Fig. 

3-15 for an applied end shortening u = 2.1u&?. The shape, sign, and amplitude of the 

experimental and predicted out-of-plane skin displacements in the postbuckling equilib- 

rium state correlated well. 

The results presented above indicate that efforts to improve the correlation between the 

measured and predicted response were successful. By implementing a number of model- 

ing refinements, a finite element model was developed which represented the physics of 

the response. In the process, valuable insight into the sensitivity of the model’s response to 

each modeling refinement was gained by applying each refinement to a baseline model. 

The advanced model which includes nonuniform initial displacements is used in the next 

chapter. 
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4. Comparison Between Predicted 
and Experimental Results 

The measured, observed, and predicted response of the individual panels in the prebuck- 

ling, buckling, and postbuckling load ranges are presented in this chapter. Applying the 

modeling techniques developed in Chapter 3, detailed finite element models were created 

for the five panels and the following structural analyses were conducted using the STAGS 

finite element analysis code: 

¢ simplified linear bifurcation buckling analyses, ignoring measured shape imperfec- 

tions and nonuniform initial loading, and setting the v-displacement on the top edge 

equal to zero 

* nonlinear postbuckling analyses to simulate the experimental results, including mea- 

sured shape imperfections (Sections 2.1.7 and 3.2.6) and nonuniform initial loading, 

(Section 3.4), and defining the u- and v-displacements at the top edge to be equal to 

the displacements u®*? and v?. 

The primary objective of the current chapter is to verify the numerical models by compar- 

ing the predicted and measured results. 

The results of the simplified linear bifurcation buckling analyses are presented first. The 

remainder of the chapter is dedicated to verifying the numerical models by comparing the 

predicted results from the nonlinear postbuckling analyses with the measured results from 

the experiments. The measured and predicted axial load vs. end shortening results are pre- 

sented to demonstrate correlation of the overall panel responses over the entire range of 

loading, and are used to compute prebuckling stiffnesses, buckling loads, and initial post- 

buckling stiffnesses. The prebuckling stiffnesses and buckling loads from the experiments 

and the nonlinear analyses are compared to predicted values from the STAGS linear bifur- 

cation buckling analyses. The observed postbuckling deflection patterns are presented and 

79 Comparison Between Predicted and 
Experimental Results



compared to predictions obtained from the STAGS nonlinear postbuckling analyses. The 

measured and predicted axial-shear stiffness coupling responses of the panels are com- 

pared. The measured axial-shear stiffness coupling responses were reported in Section 

2.3.3 and consisted of a mixture of force and displacement coupling. The predicted axial- 

shear stiffness coupling responses are reported in this chapter, and a method is developed 

to compute the net axial-shear stiffness coupling from a mixture of force and stiffness cou- 

pling. 

4.1 Linear Bifurcation Buckling Results 

The linear buckling response of each configuration is characterized by the buckling 

parameters (P,) ln , ulin, and (e,)/", where (P,) lin is the axial load which causes buck- 

ling, u/” is the end shortening at the buckling load, and (e,) un is the nominal compres- 

Sive strain at buckling defined as u/m divided by the 24.0 in. length of the panel. The 

individual buckling parameters predicted for each configuration are summarized in Table 

4-1. The results indicate that the predicted prebuckling axial stiffnesses of the five panels 

vary by only 7% relative to the baseline configuration, panel BO,0, while the predicted lin- 

Table 4-1 Predicted Linear Stiffness and Linear Buckling Parameters 
  

  

  

    

          
    

  
    

      
          
              

Linear Buckling Parameters 

Configuration Stiffness, (P_) lin ylin (¢_) lin 

PA (tp) (kip) (mil) (we) 

BO,0 16,650 7.71 11.12 463 

BO,2 15,950 6.95 10.46 436 

B2,0 16,270 5.72 8.44 352 

\\ B2,2 15,480 | 5.55 8.61 359 

a B2,n2 15,550 7 5.22 8.07 336         
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ear buckling loads vary by as much as 32%. The configurations with the stiffener rotated 

20° have buckling loads that are 25% lower, on average, than the buckling loads for the 

configurations with the unrotated stiffener. Rotating the stiffener increases the distance 

from the stiffener to the knife-edge support in two quadrants of the panel. The panel skin 

in these quadrants has a larger unsupported width, which causes the panel skin to buckle at 

a lower panel load. 

The predicted buckling mode for each configuration is dominated by the out-of-plane 

displacement in the skin. Contour plots of the w component of the predicted buckling 

shape are shown in Fig. 4-1. The contour plots are shown as viewed from the stiffened side 

of the panel. The buckling modes are normalized with the maximum displacement equal to 

1.0, and each contour represents a Aw = 0.1 in. The predicted buckling shapes are consis- 

tent with the observed deformations that were reported in Section 2.3.4 on page 54. 

The values of (€,) un in Table 4-1 are a small fraction of the ultimate strain for the 

material. The ultimate strain of a composite material is dependent on the fiber orientation 

and the direction of loading. The results of material characterization tests of Hercules 

AS4-3502 graphite-epoxy reported in Ref. 3 gave a magnitude of the minimum ultimate 

strain to be 5500 pe. Thus, at buckling the panels were not strength critical, and would be 

expected to exhibit considerable postbuckling load capacity. 

4.2 Nonlinear Postbuckling Analyses and Experiments 

As such, the nonlinear analyses constitute the core of the numerical effort. The linear 

buckling parameters reported in Table 4-1 are used to normalize some of the measured and 

predicted nonlinear results presented in this section. The specific scheme for normalizing 

is defined as the various predicted results are presented. 

4.2.1 Axial Load vs. End Shortening Response: Full Range of Loading 

The measured and predicted axial load vs. end shortening response of each configuration 

for the entire range of loading are compared in Fig. 4-2. The axial load and end shortening 

of each panel are normalized by (P,) un and u!i”, respectively, these values for each 

panel having been reported in Table 4-1. The axial load vs. end shortening results indicate 

that the predicted responses closely correlate with the measured responses. In all cases, the 

axial loads predicted by the nonlinear analyses are higher than the measured axial loads. 
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Fig. 4-1 Predicted buckling shapes from linear buckling analyses with v = 0 
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The predicted axial loads for panel BO,0, shown in Fig. 4-2(a), differ from the measured 

axial loads by a maximum of 8%. In Fig. 4-2(b) the predicted and measured axial loads for 

panel BO,2 differ by less than 6%. The results for panel B2,0 in Fig. 4-2(c) demonstrate the 

worst correlation, with the predicted and measured axial loads differing by up to 12%. The 

measured and predicted axial loads for panels B2,2 and B2,n2 shown in Figs. 4-2(d) and 4- 

2(e), respectively, differ by less than 5% for the entire range of loading. 

4.2.2 Axial Load vs. End Shortening Response: Prebuckling and Initial Postbuckling 

The axial load vs. end shortening responses shown in Fig. 4-2 are now considered in the 

prebuckling and initial postbuckling ranges of loading. The predicted and measured axial 

load vs. end shortening responses for a range of loading limited to 1.5 times the linear 

buckling load are shown for each configuration in Fig. 4-3. The responses in Fig. 4-3 are 

used to compute the predicted and measured prebuckling stiffnesses, buckling loads, and 

initial postbuckling stiffnesses. In the plotting software a least-squares algorithm is used to 

prescribe a linear approximation to the axial load vs. end shortening response for the load 

range P./ (P,) un = 0.5 to 0.75. The prebuckling stiffness of the response is defined as the 

slope of the linear approximation times (P,) un/ ui" times the 24.0 in. length of the pan- 

els. The initial postbuckling stiffness is defined by applying a similar method to the axial 

load vs. end shortening response for the load range P,/ (P,) un = 1.25 to 1.50. The buck- 

ling parameters are defined by the intersection of the linear approximations to the prebuck- 

ling response and the initial postbuckling response. The predicted and measured 

prebuckling stiffnesses, initial postbuckling stiffnesses, and buckling parameters that were 

computed from the axial load vs. endshortening responses in Fig. 4-3 are summarized in 

Table 4-2. The measured results, from Table 2-1, are identified in Table 4-2 by “EXP”, and 

the predicted results from the nonlinear analyses are identified by “STAGS.” Next to all of 

the predicted results is a number in parentheses which indicates the percentage difference 

between the predicted results and the experimental results. The results in Table 4-2 indi- 

cate that the measured panel prebuckling and postbuckling stiffnesses are predicted to 

within 4% for all panels except for panel B2,0. For panel B2,0, the nonlinear analysis 

overpredicts the experimental prebuckling stiffness by 10%, and the postbuckling stiffness 

by 17%. The buckling parameters in Table 4-2 are reported as non-normalized values. The 

predicted and measured buckling parameters agree to within 8% for all panels except 

panel BO,0. For panel BO,0 the nonlinear analysis predicts buckling parameters that are 

17% higher than the measured buckling parameters. 
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Table 4-2 Predicted and Measured Nonlinear Stiffness and Buckling Parameters 

Computed from the Axial Load vs. End Shortening Response 
  

  

  

    

  

        
    

        
    

EA (kip) Buckling 

Configuration Pre-buckled | Post-buckled | (P,)-p kip | (W)ep mil 
(% differ) (% differ) (% differ) (% differ) 

I/ {| BO,0 EXP | 16,380 9,350 6.65 9.74 

} STAGS | 16,360 (0%) | 9,660 (3%) 7.77 (17%) | 11.35 (17%) 

\ BO,2 EXP | 16,020 9,230 6.46 9.82 

\ STAGS | 15,720 (2%) | 9,410 (2%) 6.99 (8%) | 10.65 (8%) 

B2,0 EXP | 13,180 8,520 5.55 9.57 
  

        STAGS | 14,560 (10%) | 9,950(17)% | 5.84 (5%) | 9.29 (3%) 

| B2,2 EXP | 14,430 8,790 5.12 8.38 

\\ | STAGS | 14,150(2%) | 8,930 (2%) 5.42 (6%) | 8.90 (6%) 

7X77) B2,n2 EXP 13,840 9,300 5.16 8.62 

| STAGS | 14,430 (4%) | 9,290 (0%) 5.34 (3%) | 8.65 (0%) 

  
      

        
    

  

                    
The buckling loads that are experimentally-measured and predicted with nonlinear anal- 

yses (Table 4-2) and the buckling loads that are predicted with linear bifurcation analyses 

(Table 4-1) are summarized to assess the effect of rotating the stiffener or skin on the pan- 

els’ buckling loads. Comparing the buckling loads for panel BO,0 and panel B2,0 indicates 

that rotating the stiffener 20° decreases the linear-predicted, nonlinear-predicted, and mea- 

sured buckling loads by 17%, 15%, and 26%, respectively. Comparing the buckling loads 

for panel BO,0 and panel BO,2 indicates that rotating the skin 20° decreases the measured, 

nonlinear-predicted, and linear-predicted buckling loads by 3%, 10%, and 10%, respec- 

tively. The discrepancies between the measured and predicted reductions in the buckling 

load are attributed largely to a 17% discrepancy between the measured and nonlinear-pre- 

dicted buckling loads for the baseline panel BO,0. Comparing the buckling loads for panel 

B2,0 and panel B2,2 indicates that for panels with the stiffener rotated 20°, rotating the 

skin 20° in the same direction decreases the measured, nonlinear-predicted, and linear-pre- 

dicted buckling loads by 8%, 7%, and 3%, respectively. Comparing the buckling loads for 

panel B2,0 and panel B2,n2 indicates that for panels with the stiffener rotated 20°, rotating 
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the skin 20° in the opposite direction decreases the measured, nonlinear-predicted, and lin- 

ear-predicted buckling loads by 7%, 9%, and 9%, respectively. 

4.2.3 Linear vs. Nonlinear Analyses: Prebuckling and Buckling Response 

The predicted prebuckling and buckling results from the linear analyses, reported in 

Table 4-1, and from the nonlinear analyses, reported in Table 4-2, are now compared. For 

the configurations with the unrotated stiffener, the prebuckling stiffness from the linear 

and nonlinear analyses agree to within 2%. For the configurations with the stiffener rotated 

20°, the linear analyses overpredicts the prebuckling stiffness by 9%, on average, com- 

pared to the nonlinear analyses. The discrepancies in stiffness are most likely due to the 

prebuckling out-of-plane displacements that were present for the configurations with the 

stiffener rotated 20°. These prebuckling deformations are quantified and explained in the 

next section. 

The buckling loads predicted by the linear buckling analyses are within 2% of the buck- 

ling loads predicted from the nonlinear analyses. 

4.2.4 Out-of-Plane Deformations 

The observed and predicted postbuckling shapes of each configuration are compared in 

Fig. 4-4. Postbuckling deformations for panels with the applied end shortening equal to 

approximately four times the critical end shortening are considered. The observed defor- 

mations are represented in Fig. 4-4(a) by moiré-fringe patterns that were photographed 

during the experiments. The “+” and “-” symbols that are superimposed on the moiré- 

fringe patterns indicate the direction of the out-of-plane deformations, with “+” being 

toward the stiffener. In each case, the direction of the deformation pattern was determined 

from DCDT readings. The predicted postbuckling deformations are represented in Fig. 4- 

4(b) by contour plots of the out-of-plane displacement from the nonlinear analyses. The 

dark contours correspond to w 2 0, i.e., toward the stiffener, while the light contours cor- 

respond to w <0. The first dark contour corresponds to w = O, and each contour repre- 

sents a Aw = 0.020in. The contour plots and moiré-fringe patterns are shown as viewed 

from the unstiffened side of the panel. The results shown in Fig. 4-4 demonstrate that for 

all of the panels, the predicted postbuckling deformations have the same shape and direc- 

tion as the deformations observed during the tests. 
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(b) STAGS w-displacement contours 

Fig. 4-4 Comparison of experimental and predicted out-of-plane 
displacement contours in the postbuckled state 
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Fig. 4-4 Continued 

An additional point that is evident in Fig. 4-4 is that all of the panels with the stiffener 
rotated 20° have postbuckling deformations in the same direction. The quadrants of the 
panel which have wider sections of skin have the largest out-of-plane displacement and 
always buckle away from the stiffener. The direction of the postbuckling deformation is 
directly related to the direction of the forces holding the skin and stiffener of the panel 
together. Having the largest skin deformations in a direction away from the stiffener may 
promote failure of the panel by separation of the skin and stiffener. 

For the panels with a rotated stiffener, the tendency for the wider sections of skin to 
buckle in a direction away from the stiffener is driven by Poisson expansion of the skin. 
The sketch in Fig. 4-5 demonstrates how Poisson expansion in the skin can cause out-of- 
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plane deformations if the stiffener is rotated. The top and bottom ends of the panel are pot- 

ted, as described in Section 2.1.5. The potting restrains Poisson expansion on the ends of 

the skin and restrains displacement in the y-direction of the stiffener cross section. When 

an end shortening displacement is applied to the panels, Poisson expansion causes the skin 

sections between the top and bottom potted ends to expand in the y-direction, giving local 

displacements that are away from the panel centerline. If the stiffener is not along the 

panel centerline, then the skin under the stiffener tends to displace in the direction away 

from the panel centerline. The eccentricity of the stiffener and the skin inplane displace- 

ment in the y-direction couple to produce a rotation of the stiffener attachment flange. A 

rotation of the stiffener attachment flange creates nonzero w-displacements in the panel 

skin, with the wider section of panel skin moving in the direction away from the stiffened 

side of the panel. 

Poisson Expansion | 
| [ 

—=> pi
d 

E 
  

  

Fig. 4-5 Poisson expansion of panel skin influences 

direction of out-of-plane deformation 

In addition to comparing the observed and predicted shapes of the postbuckling defor- 

mations, the magnitudes of the out-of-plane displacements at discrete locations on the 

panel skin are compared for the full range of loading. As indicated in Section 2.1.10, 

DCDT’s were used to measure the out-of-plane displacements at several locations on the 

skin. The results from the nonlinear postbuckling analyses were interpolated to predict the 

out-of-plane displacements at the same locations where the measurements were taken with 

the DCDT’s. The measured and predicted out-of-plane skin displacements at discrete loca- 

tions on each panel are compared in Fig. 4-6. On the left side of Fig. 4-6 the contour plots 

from Fig. 4-4 are shown as viewed from the stiffened side of the panel, and the locations 
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Fig. 4-6 Comparison of experimental and predicted out-of-plane displacement at 

discrete locations on the panel skin 
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Fig. 4-6 Continued 

on the panel skin where the DCDT measurements were taken are identified by numbered 

markers indicating the DCDT number from the experiment. The measured and predicted 

out-of-plane displacements at these locations are plotted as a function of the applied axial 

load on the right side of Fig. 4-6. In the plots the applied load P, is normalized by the lin- 

ear buckling load (P,) ln and the w-displacement is normalized by the thickness of the 

panel skin. In general a close correlation exists between the measured and predicted dis- 

placements. For the panels with the stiffener rotated 20°, the out-of-plane displacements 

start to develop at loads less than the linear buckling load. This is most evident for panel 

B2,0, shown in Fig. 4-6(c). The reason for the prebuckling out-of-plane deformation in the 

panels with the stiffener rotated was explained above in Fig. 4-5. 
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4.2.5 Axial-Shear Force and Displacement Coupling 

The measured axial-shear stiffness coupling responses consisted of a mixture of force 

and displacement coupling. The measured values of force and displacement coupling were 

reported in Section 2.3.3. Since the experimental data u“’? and v? were used to prescribe 

the u- and v-displacements at the top edge of the numerical model, the predicted and mea- 

sured displacement couplings are identically equal. The measured force coupling, previ- 

ously reported in Fig. 2-16, is now compared to the predicted force coupling from the 

nonlinear analysis. Nonuniform initial loading, observed in the experiments and simulated 

in the analyses, caused the force coupling to be erratic during the initial loading. The force 

coupling results for u/u?,<0.5 have been eliminated from the following plots, since the 

initial loading response was not representative of the overall panel response. 

Force coupling was defined in Section 2.3.3 as the ratio of the shear force P,,, to the axial 

force P,. In the experiments, P®? is the load cell reading, while Ps is computed from 

strain gage data using the numerical integration procedure described in Section 2.3.2. The 

predicted axial and shear forces from the nonlinear analyses were computed by summing 

the nodal forces for all the nodes on one end of the panel model. The measured and pre- 

dicted force coupling vs. end shortening responses of each panel are compared in Fig. 4-7. 

The force coupling is presented as a percentage, and the end shortening is normalized by 

u°., the end shortening corresponding to linear buckling of the baseline configuration, 

BO,0. The force couplings predicted by the analyses are shown as dark solid and dashed 

lines. The measured force couplings are represented by filled symbols. To assist in identi- 

fying the experimental data for a single configuration, the filled symbols are connected by 

light solid lines. 

The measured and predicted force coupling results shown in Fig. 4-7 are difficult to 

compare. The force coupling is near zero for the configurations with the unrotated stiff- 

ener. The configurations with the stiffener rotated 20° have force couplings that are greater 

than zero and increase in the postbuckling load range. If the results for one configuration 

are considered, then the measured and predicted force coupling responses follow similar 

trends as the loading is increased. When the results for the three configurations with the 

stiffener rotated 20° are compared, the results from the different configurations overlap. If 

these three configurations were to be ranked according to the amount of force coupling, 

the order of the ranking would vary with load and would also depend on whether the mea- 

sured or predicted results were used for the ranking. 
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Fig. 4-7 Experimental and predicted force coupling vs. end shortening response 

The results presented in Fig. 4-7 indicate that the force coupling of the test panels was 

difficult to predict. If only these results are considered, then the accuracy of the numerical 

model would seem to be in question. Before any judgement is passed regarding the accu- 

racy of the numerical model, consider that the axial-shear coupling response of each panel 

is a combination of force and displacement coupling. The results presented in Fig. 4-7 

were obtained by equating the displacement coupling in the experiment and the analysis, 

and then comparing the force coupling. The force coupling is only a fraction of the total 

axial-shear coupling response. By specifying the displacement coupling, the discrepancies 

in the force coupling may appear large, while the total axial-shear coupling responses of 

the experiment and the analysis may agree quite well. 

To demonstrate the effect of considering only a portion of the total response, consider 

the following analogy. Say that there are two jars on a table. The first jar contains 80 red 

marbles and 20 blue marbles and the other jar contains 80 red marbles and 15 blue mar- 

bles. If the total number of marbles in each jar are compared, the totals differ by only 5%. 
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If only the blue marbles are considered, then the number of blue marbles in each jar differs 

by 25%. In this analogy, as will be seen, the displacement coupling corresponds to the red 

marbles, while the force coupling corresponds to the blue. Thus, to evaluate the accuracy 

of the numerical model in predicting the axial-shear coupling response of the panels, the 

sum of the force and displacement coupling should be considered. The predicted and mea- 

sured total axial-shear coupling responses are compared by defining a predicted pure force 

coupling from the analyses and an equivalent pure force coupling using the measured test 

data. 

Predicted Pure Force Coupling 

As was stated, the nonlinear analyses of the preceding section were conducted with the 

u- and v-displacements at the top edge specified to correspond with measured experimen- 

tal data u®’P and v°*?. If the nonlinear analyses are repeated with v = 0, and all the other 

modeling parameters (initial imperfections and nonuniform initial loading) are unchanged, 

then the predicted responses have no displacement coupling (v/u is identically equal to 

zero), and they consist entirely of pure force coupling, i.e, (P,,/ P.) pure’ The predicted 

pure force coupling responses from these analyses are shown in Fig. 4-8. The predicted 

pure force coupling is presented as a percentage, and the end shortening is normalized by 

ue. 

Equivalent Pure Force Coupling 

As the measured test data represents a mixture of force and displacement coupling, the 

two forms of coupling in the experiments are combined into a single parameter, namely 

the equivalent pure force coupling (P xy’ a) pare . For this, it is assumed that the experi- 

mental displacement coupling can be multiplied by some scale factor ® and then added to 

the experimental force coupling to form the equivalent pure force coupling, namely, 

  

P_\equ = pexp exp 
7] -—2 a” ) . (4.1) 

P. pure POP uP 

The scale factor ® is related to the panel’s shear and axial stiffnesses and may be a func- 

tion of the load range. The values for ® are estimated numerically by assuming that the 

predicted force and displacement coupling can be combined in a similar manner, Le., 
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Fig. 4-8 Predicted pure force coupling vs. end shortening response 

P_ \equ P 
—*x = xy Y) 4.2 
[2] P +o (4.2) x /pure x 

  

To evaluate ® in Eq. (4.2), the two ideal boundary conditions on the transverse displace- 

ment originally shown in Fig. 2-15 are considered in the analyses. The first case assumes 

v = O and corresponds to pure force coupling. This case was considered in the previous 

section and produced the (P xy’ P.) pure TeSponses that were shown in Fig. 4-8. Evaluat- 

ing the right side of Eq. (4.2) for this case gives 

P \equ P 

el “PR (4.3)   

P P 
x / pure x 

The second case assumes that v is uniform but unspecified. The finite element models with 

v = 0 were modified to correspond to this case. Nonlinear analyses with these modified 

boundary conditions predict a pure displacement coupling response, i.e., (V/) pyre, With the 

force coupling equal to zero. The predicted pure displacement coupling response of each 

panel is shown in Fig. 4-9. The pure displacement coupling is presented as a percentage, 

and the end shortening is normalized by u°. The pure displacement couplings shown in 
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Fig. 4-9 Predicted pure displacement coupling vs. end shortening response 

Fig. 4-9 have larger magnitudes than the pure force couplings shown in Fig. 4-8, but the 

shapes of the responses are nearly identical. Evaluating the right side of Eq. (4.2) for this 

Pe Dye “ x / pure 

case gives 

Subtracting Eq. (4.4) from Eq. (4.3) and solving for ® gives 

2] 
P © - x / pure (4.5) 

fy 
u/ pure 

Thus, the estimated values of ® are obtained by dividing the results in Fig. 4-8 by the 

results in Fig. 4-9. The estimated values of ® for each panel are shown in Fig. 4-10 as a 

function of the normalized end shortening. For the panels that were tested, the scale factor 
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Fig. 4-10 Predicted scale factor vs. end shortening response for converting 
displacement coupling to an equivalent pure force coupling 

® had values that ranged from 0.129 to 0.185, and the value of ® for a single panel varied 

by less than 20% over the full range of the loading. 

The estimated values of ® and the measured force and displacement couplings are then 

applied to Eq. (4.1) to yield the equivalent pure force coupling for the experiments. The 

predicted pure force coupling results previously shown in Fig. 4-8 and the equivalent pure 

force coupling from the experiments are compared in Fig. 4-11. The pure force coupling is 

presented as a percentage, and the end shortening is normalized by u2.. The pure force 

couplings predicted by the analyses are shown as dark solid and dashed lines. The equiva- 

lent pure force couplings that were computed using the experimental data are represented 

by filled symbols. To assist in identifying the experimental data for a single configuration, 

the filled symbols are connected by light solid lines. The pure force coupling results shown 

in Fig. 4-11 are a measure of the total axial-shear coupling response of the configurations 

that were tested. These results demonstrate that the numerical model was able to predict an 

axial-shear coupling response that compares well with the response that was observed in 

the experiments. There are some discrepancies in the measured and predicted values of the 

pure force coupling, but the nature of the response and the ranking of the configurations 

based on the levels of pure force coupling are consistent between the measured and pre- 

dicted responses. The following conclusions may be made based on the results shown in 

Fig. 4-11. 
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Fig. 4-11 Predicted pure force coupling and equivalent pure 

force coupling vs. end shortening response 

¢ The axial-shear coupling response of the configuration with the unrotated stiffener 

and unrotated skin is near zero for all load ranges. 

e The configuration with the unrotated stiffener and the skin rotated 20° demonstrates 

a small amount of axial-shear coupling response, and the amount of axial-shear cou- 

pling response diminishes in the postbuckling load range. 

¢ The three configurations with the stiffener rotated 20° all exhibit a substantial 

increase in the axial-shear coupling response in the postbuckling load range. Rotat- 

ing the skin orientation in the same direction as the stiffener rotation increases the 

axial-shear coupling response, and rotating the skin in the opposite direction of the 

stiffener rotation decreases the axial-shear coupling response. 

This chapter has presented experimental data and numerical results from nonlinear struc- 

tural analyses that were conducted to simulate the experimental responses. Measured and 

predicted values for the axial load vs. end shortening response, deformed shapes and out- 
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of-plane displacements, and axial-shear coupling responses have been compared. The 

numerical results compare well with the experimental results, and thus the accuracy of the 

numerical models have been verified. 

100 Comparison Between Predicted and 

Experimental Results



5. Failure of Stiffened Panels 

When the panels were compressed, the skins buckled and out-of-plane displacement pat- 

terns developed in the skins. The stiffener participated in the buckling deformation by way 

of the attachment flanges bending and twisting, but the overall out-of-plane displacements 

of the stiffener were negligible. Stresses developed in the interface between the skin and 

the stiffener attachment flange as a result of the out-of-plane deformations, stiffness dis- 

continuity, and attachment flange eccentricity. As the load on the panels increased, the 

stresses required to keep the skin and stiffener together grew until they exceeded the 

strength of the interface. Then the skin and stiffener separated. The failure loads for the 

experiments were listed in Table 2-1. The average failure load of the panels with the unro- 

tated stiffener was 30.1 kips, while the average failure load for the panels with the stiffener 

rotated 20° was 20.1 kips. These failure loads indicate that rotating the stiffener by 20° 

caused an average of 33% reduction in panel strength. 

As reported in the literature review, the most common failure mode of postbuckled com- 

posite stiffened panels is stiffener disbonding, i.e., skin-stiffener separation, although 

experimental studies of postbuckled stiffened panels typically have not expanded on this 

mode of failure. Several papers that address the interlaminar normal and shear stresses at 

the skin-stiffener interface are Refs. 54 - 61. In general, the current methods for predicting 

skin-stiffener interface stresses fall short of reliable prediction of failure due to skin-stiff- 

ener disbonding of stiffened panels under general loading. 

It is recognized that the stress state in the skin-stiffener interface is complex, consisting 

of interlaminar shear stresses in two directions, and an interlaminar normal stress. Stiff- 

ness discontinuity in the interface results in high stress gradients and singularities. Finite 

element analyses using three-dimensional elements which can account for possible singu- 

lar stress behavior would have been required to predict the interface stresses in the panels 
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considered in this investigation. Conceding that a detailed stress analysis of the skin-stiff- 

ener interface is beyond the scope of the current research project, it may be possible, how- 

ever, to obtain information from a simplified analysis based on two-dimensional plate 

elements that will give insight into the tendency for skin-stiffener separation to occur. The 

information available from a simplified analysis is discussed in what follows. 

The premise that is applied in this simplified analysis is that the stresses at the interface 

are a result of the local load transfer between the skin and stiffener, and that the forces and 

moments (as opposed to the stresses) between the skin and stiffener can be explained, at 

least qualitatively, with results obtained from an analysis which is based on plate elements. 

After all, the integral of the interface stresses should be equal to the net forces and 

moments holding the skin and stiffener together. Crude approximations of the stress distri- 

bution associated with each force component are introduced only to assess the relative sig- 

nificance of each force component. By computing the forces and moments at the interface 

in the models using plate elements, it may be possible to explain why the panels with the 

skewed stiffeners failed at an average ultimate load that was 33% lower than the average 

ultimate load for panels with the unrotated stiffener. The purpose of this approach is not to 

predict failure quantitatively, but rather to provide some method for assessing the effect of 

stiffness tailoring on the tendency for skin-stiffener separation, at least in a comparative 

sense. The validity of this approach is evaluated by performing STAGS analyses of the 

five panels at loads corresponding to failure, and looking for some commonality in the 

forces or moments at the skin-stiffener interface. The predicted skin-stiffener attachment 

forces and moments from the analyses are presented in the following sections. 

5.1 Approach to Predict Skin-Stiffener Attachment Forces and Moments 

Though not specifically mentioned earlier, the finite element models that were used to 

compute the numerical results presented in Chapter 4 were specifically designed to obtain 

skin-stiffener attachment forces and moments. Rather than representing the attachment 

flange of the stiffeners and the skin under the stiffener as a single built-up laminate, the 

attachment flange and skin were modeled as separate laminates with displacement compat- 

ibility enforced between the laminates. A sketch which demonstrates the finite element 

model of the skin and stiffener cross section is shown in Fig. 5-1. In the model the refer- 

ence surfaces for the skin and attachment flange are located at the midplane of the skin. 
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at skin midplane 

Attachment flange 

_— — Ecz f [=] Doubled-nodes located 

  

  

    
    

Fig. 5-1 Finite element model of skin-stiffener attachment 

The nodes on the reference surface of the attachment flange are coincident with nodes on 

the skin reference surface, forming a series of doubled-node pairs. Displacement compati- 

bility is then applied to the translations and rotations of the doubled-nodes, thereby con- 

necting the attachment flange to the skin. The eccentricity of the attachment flange relative 

to the skin midplane is modelled by specifying that the plate elements representing the 

attachment flange have an eccentricity ECZ equal to half the skin thickness plus half the 

thickness of the attachment flange. 

After a solution is obtained with the STAGS analysis code, the external forces and 

moments on the nodes can be computed. The forces and moments computed for the skin 

nodes under the attachment flange are the skin-stiffener forces and moments applied by the 

attachment flange to the skin midplane. The forces and moments applied at the interface 

between the attachment flange and the skin are obtained by determining a statically equiv- 

alent force-couple system at the interface location. The equivalent force-couple system at 

the interface location results in the same forces, but the moments reflect the moments cre- 

ated by changing the z-location of the forces by half the thickness of the skin. 

Numerical solutions for the response of each panel for applied u and v displacements 

equal to the displacements at failure, uP and v@P, respectively, are presented below. 

Recall, the experimentally-measured ultimate loads (P,) oe and the corresponding dis- 

placements uP and v@P were reported in Table 2-1. 
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5.2 Nomenclature and Normalization of Forces and Moments 

The forces and moments presented in this chapter represent the forces and moments 

applied to the skin by the stiffener at the skin-stiffener interface. The forces and moments 

are presented in a local rectangular coordinate system which is aligned with the stiffener 

axis. The xs direction is along the axis of the stiffener, the ys-direction is perpendicular to 

the stiffener and parallel to the skin surface, and the zs-direction is normal to the skin sur- 

face. For the panels with the unrotated stiffeners, the xs-, ys-, and zs-coordinate directions 

are aligned with the global x-, y-, and z-axes. At each node on the skin-stiffener interface 

the forces in the xs-, ys-, and zs-directions are denoted by F,,, Pyss and F,,,, respectively, 

and the moments about the xs-, ys-, and zs-coordinate axes are denoted by M,,, M,,, and 

M, 

moments for a case with the stiffener rotated 20° is shown in Fig. 5-2. 

s» respectively. A schematic which shows the positive directions of the forces and 

The finite element discretization in the skin-stiffener attachment region that was used to 

obtain the numerical results is shown in Fig. 5-3. The mesh with the unrotated stiffener 

and the mesh with the stiffener rotated 20° are shown in Figs. 5-3(a) and 5-3(b), respec- 

tively. Both meshes have four elements across the 1.5 in. width of the stiffener attachment 

flange, and an element length in the x direction of 1.0 in. Therefore, the elements in the 

mesh with the unrotated stiffener have an element length in the xs-direction of 1.0 in., 

while the elements in the mesh with the stiffener rotated 20° have an element length in the 

  

  

    
Fig. 5-2 Skin-stiffener attachment forces and moments on skin 

surface in stiffener xs-ys-zs coordinate system 
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xs direction of 1.064 in. To allow comparison of the results obtained from the two meshes, 

the forces and moments that were computed with the stiffener rotated 20° were divided by 

1.064, thus scaling the results to be equivalent to a 1.0 in. element spacing along the xs- 

axis. 

lo) TEER ry —_ _ — 7 

  

I 
| 1.5 in. | 450 | 

TF | \ Q 6A wo. Ff 

1 in. : | 1 in. 

_+ + 

SoS. FOO. 
(a) Unrotated stiffener (b) Stiffener rotated 20° 

  

  

    

                        

Fig. 5-3 Mesh discretization of the skin-stiffener attachment region 

Panel BO,O, with the unrotated stiffener and unrotated skin, is considered the baseline 

configuration against which the other configurations are compared. The predicted maxi- 

mum magnitude of the forces and moments for panel BO,0 at failure are denoted by F,,, 

F ys Fis, Ms, My, and M,,, and their values are listed in Table 5-1.The primary objectives 

of examining the skin-stiffener attachment forces and moments are to identify the loca- 

tions within a given panel where the forces and moments are the largest, and to compare 

the predicted forces and moments in each of the panels at failure. To assist in comparing 

results, the skin-stiffener forces and moments F,,, Frys, F 25, My, Mys5 and M,,, for all panels 

are presented as a percentage of F,,., F’,., F,,, M,,, M,,, and M,,, respectively. 
xS? ~ YS? ~ ZS? xS? ys? zs? 

5.3 Predictions of Skin-Stiffener Attachment Forces and Moments 

Results for the panel with the unrotated skin and unrotated stiffener are presented first. 

This panel has the most benign configuration, and its skin-stiffener attachment forces and 

moments are the most easily explained by examining the postbuckled deformations of the 

panel. While presenting the forces and moments for this panel, some comments are made 

regarding the stress distributions associated with skin-stiffener forces and moments. 
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Table 5-1 Maximum Magnitude of Skin-Stiffener Forces 

and Moments for Panel B0,0 
  

  

  

Force, Moment Maximum Magnitude 

Fy 951 Ibs 

Fys 401 lbs 

Fs 114 lbs 

M,, 17 in-Ibs 

My, 36 in-lbs 

zs 23 in-lbs 
  

  

  

5.3.1 Panel BO,0: 
              

The experimentally-measured ultimate load for panel BO,O was (P v re = 31.2 kips (see 

Table 2-1). When the displacements u®P and v@P were applied to the finite element 

model, the predicted load in the x-direction was (P,) ee = 33.1 kips. A contour plot of the 

predicted out-of-plane displacement and the moiré-fringe pattern photographed just prior 

to failure of the panel are compared in Fig. 5-4. The contour plots and moiré-fringe pat- 

terns are shown as viewed from the unstiffened side of the panel. In the contour plot in Fig. 

5-4(a), the dark contours correspond to w 20, i.e., toward the stiffener, while the light 

contours correspond to w<0Q. The outermost dark contour corresponds to w = 0, and 

each contour represents a Aw = 0.020 in. The results in Fig. 5-4 show that the out-of-plane 

deformations are largest in the postbuckled skin and are near zero along the centerline of 

the stiffener. A close examination of Fig. 5-4 shows contour lines on the skin and attach- 

ment flange region of the stiffener. It can therefore be concluded that although the center- 

line of the stiffener has minimal out-of-plane displacements, the stiffener attachment 

flange deforms. The out-of-plane deformations in the skin-stiffener attachment region are 

a direct result of skin buckling and are largely responsible for the generation of skin-stiff- 

ener attachment forces and moments. 

For panel BO,0 the predicted forces and moments on the skin at the skin-stiffener inter- 

face at the ultimate load are shown in Fig. 5-5. Each force and moment are shown sepa- 

rately as vector plots. The lengths of the vectors are scaled proportional to the magnitude 

of the force, or moment, and the directions of the vectors indicate the direction of the 

force, or moment, applied to the skin by the stiffener attachment flange. 
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(viewed from 
unstiffened side) 

  

(a) STAGS contour (b) Moiré-fringe pattern 

Fig. 5-4 Panel B0,0: comparison of predicted out-of-plane 
skin displacement contours at ultimate load 

The results that are presented do not display any strong form of symmetry. Symmetry in 

the response does not exist because 

* the panel is stiffened on one side only 

* unsymmetric initial geometric imperfections are included in the analysis 

* unsymmetric nonuniform initial loading is included in the analysis 

To aid in interpretation of the results, two contour plots of the predicted out-of-plane dis- 
placement are shown on the left side of the figure. The smaller contour plot is of the entire 
panel skin with contour intervals of Aw = 0.06 in., and the larger contour plot is of the skin 
under the attachment flange with contour intervals of Aw = 0.01 in. These contour plots are 
shown as viewed from the stiffened side of the panel, and, as before, the dark contours cor- 

respond to w 20, i.e., toward the stiffener, while the light contours correspond to w <0. 

Locations where the skin-stiffener forces and moments are a maximum are identified on 
the larger contour plot by the letters A, IB, and C. 

The force on the skin in the direction of the stiffener axis, F,,, is shown in Fig. 5-5(a). 

The maximum values of F,,, occur on the edges of the skin-stiffener interface at nodelines 
in the w displacement. The point of maximum force is circled and corresponds to point A 
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on the contour plot of the w displacement. The forces on the skin on both edges of the 
interface region are in the direction of increasing w displacement, and therefore are oppo- 
site in direction on the right and left edges. Force F xs 18 a result of the twisting moment 
about the ys-direction that is created by the postbuckled skin intersecting the stiffener. The 
sketch in Fig. 5-6(a) shows a twisting moment M,, that exists in the skin near the nodeline 
in the postbuckled skin. At the location where the attachment flange is over the skin, the 
neutral axis of the net section shifts upward. In Fig. 5-6(b) the twisting moment causes a 
rotation of the net section. Displacement compatibility at the skin-stiffener interface 
causes the midplane of the attachment flange to move in the (-xs)-direction, and the mid- 

plane of the skin to move in the (+xs)-direction. The forces and moments between the skin 
and attachment flange which keep the surfaces together are shown in Fig. 5-6(b). Force F,, 
on the skin is in the direction of increasing w displacement, which is consistent with Fig. 
5-5(a). There are My, moments shown in Fig. 5-6(b). These moments are the result of 

determining a statically equivalent force-couple system at the skin-stiffener interface, and 

are due to changing the location of the forces to the interface. The distribution of My, for 

   

Attachment 
zs Flange 

t. Skin 

xs 

we" xy induced by postbuckled skin 

\—— nodeline in postbuckled skin 

(a) Twisting moment in skin 

zs 

XS 

  

M,, induced by postbuckled skin 

(b) Cross section deformation at edge of attachment flange 

Fig. 5-6 Twisting moment in the skin creates F,, and M,, 
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panel BO,0 is shown in Fig. 5-5(e). The largest values of M,, are located on the edge of the 

skin-stiffener interface, at nodelines in the postbuckled skin. 

Forces Fy, and F,, and moment M,, are shown in Figs. 5-5(b), 5-5(c), and 5-5(d), respec- 

tively. The maximum values of each component are circled and are located along the stiff- 

ener where the out-of-plane skin displacements of the skin are a maximum. 

Forces F,, and F’,, have maximum values at point IB indicated on the contour plot of the 

w displacement. In the vector plot of F,, in Fig. 5-5(c), a vector pointing toward the top of 

the page indicates a force on the skin in the (+zs)-direction and corresponds to a tensile 

stress in the skin-stiffener interface. Moment M,, shown in Fig. 5-5(d) is the moment 

about the stiffener axis. The maximum value of M,, is located at point C on the centerline 

of the skin-stiffener interface, under the stiffener web. Moment M,, is also large under the 

stiffener web near point B. The maximum value of M,, on the edge of the interface is 

located at point B. 

Moment M,,. shown in Fig. 5-5(f) is the moment about the normal to the skin surface. In 

the vector plot of M,,, a vector pointing toward the top of the page indicates a moment on 

the skin about the (+zs)-direction. The maximum values of M,, are located at the ends of 

the stiffener. 

The existence of forces F, and F,, and moment M,, in the postbuckled panel is 

explained by the sketch of the skin-stiffener cross section at point 1B on the stiffener 

shown in Fig. 5-7. Consider first the left side of the cross section shown in Fig. 5-7. The 

postbuckled skin on this side of the stiffener has a negative w displacement. The attach- 

ment flange resists the out-of-plane displacement and thus the shear resultant Q, and bend- 

ing resultant M,, are created in the skin. The bending moment in the skin causes the skin to 

bend about its midplane. At the location where the attachment flange is over the skin, the 

neutral axis of the net section shifts upward. The bending moment caused by M, and Q, 

creates bending of the net section, and puts the attachment flange in inplane tension and 

the skin under the attachment flange in inplane compression, both in the ys-direction. This 

inplane compression in the skin under the left attachment flange is generated through inter- 

face forces F',,. The tensile normal force F,, and the bending moment M,, at the edge of 

the attachment flange are a result of the skin trying to pull away and peel away from the 

attachment flange. On the right side of the stiffener the skin has a positive w displacement. 

The attachment flange resists the out-of-plane displacement and creates the shear and 
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Skin-stiffener cross section 

at point .B in Fig. 5-5. 

ZS 

On Qy in skin 

My in skin 

Fig. 5-7 Shear Qy and bending moment My in the skin create Fysy F,s, and M,,, 

bending moments in the skin. The loads in the skin on the right side of stiffener are 

reversed in nature relative to the skin forces on the left side of the stiffener. On the right 

edge of the attachment flange the normal force F’,, and the bending moment M,, cause 

interface normal stresses that are in compression, and therefore do not invoke skin-stiff- 

ener separation. The bending of the skin-attachment flange section induces interface forces 

Fy, which put the skin under the attachment flange in inplane tension. In the center of the 

interface region, under the stiffener web, force F ys ON the skin is to the left, so that the skin 

under the attachment flanges are in inplane compression on the left, and in inplane tension 

on the right. Moment M,, under the stiffener web results from the stiffener web and cap 

resisting torsional deformation of the attachment flange. 

Looking again at forces Fys and F,, and moment M,,, shown in Figs. 5-5(b), 5-5(c), and 

5-5(d), respectively, note that the forces and moments are larger in magnitude on the side 

where the skin has negative w displacements, i.e., where the skin is moving away from the 

stiffener. The differences in the magnitudes are due to the N, distribution that develops in 

the postbuckled skin. Contour plots of the predicted w displacement and the stress result- 
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(a) STAGS w displacement (b) STAGS Ny, stress resultant 

Fig. 5-8 Panel B0,0: predicted Ny stress resultant at failure 

ant N, in the skin for panel BO,0 at the load corresponding to failure are shown in Fig. 5-8. 

These plots indicate that the skin has tensile Ny across the width where the out-of-plane 

displacements are large, and a compressive Ny along the nodelines in the buckled pattern. 

At the location on the stiffener previously identified as point B, the skin experiences ten- 

sile N, on both sides of the stiffener. The skin-stiffener interface forces and moments cre- 

ated by applying only tensile N, to a stiffened panel that has similar skin and attachment 

flange stiffnesses are shown in Fig. 5-9. If the forces and moments on the skin-stiffener 

interface in Fig. 5-9 are added to the forces and moments in Fig. 5-7, the resultant forces 

and moments will have a larger magnitude on the left edge of the interface, i.e., where the 

w displacement is away from the stiffener. 

Stress distributions associated with skin-stiffener interface forces and moments 

As a point of general information, some comments are now made concerning the charac- 

ter of the three-dimensional stress distributions that lead to the skin-stiffener interface 

forces and moments just discussed. These comments are meant to reflect the general 
nature of the stress distributions only. The stress distributions have singularities associated 
with discontinuous stiffnesses. Typically, the attenuation length for the singularity is of the 
order of the thickness of the attachment flange. 
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  N, in skin 

Fig. 5-9 Skin-stiffener interface forces and moments caused by N, stress resultant 

A single F,, force along the edge of the interface is the result of a distribution of 0,, of 

the form shown in Fig. 5-10(a). Force F ys Perpendicular to the stiffener edge may originate 

from a distribution of Oy, of the form shown in Fig. 5-10(b). The Oy, distribution goes to 

zero on the edge of the interface. Force F,, and moment M,, are the result of a distribution 

of G, in the interface. The distribution of 6, that would be equivalent to the normal force 

and the peeling moment at the edge of the interface is shown in Fig. 5-10(c), and the distri- 

bution of 6, that would be equivalent to moment M,, under the web of the stiffener is 

shown in Fig. 5-10(d). 

The predicted skin-stiffener forces and moments for panel BO,O have been presented, 

and an attempt has been made to identify the mechanics of the postbuckled response that 

create the skin-stiffener attachment forces and moments. The results from finite element 

analyses of the other panels will be reviewed and compared to the results for panel BO,0. 

The interface forces and moment that are examined are F,,, F,,, Fz5, and M,,, since these 

components may be proportional to the interface stresses. 
  

5.3.2 Panel BO,2: \ 
      

The experimentally-measured ultimate load for panel BO,2 panel was (P,) oe 29.0 

kips. When the displacements uP and v@P were applied to the finite element model, the 

predicted load in the x-direction was (P,) ve = 30.7 kips. A contour plot of the predicted 
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Fig. 5-10 Possible interface shear and normal stress distributions 

resulting in interface forces and moments 

out-of-plane displacement, and the moiré-fringe pattern photographed just prior to failure 

of the panel, are compared in Fig. 5-11. 

The predicted forces and moments on the skin at the skin-stiffener interface at the ulti- 

mate load are shown in Fig. 5-12. The forces and moments for panel BO,2 are very similar 

in nature to those reported for panel BO,0. Note that because the out-of-plane deflection 

pattern for panel BO,2 is ‘reversed’ from the pattern of panel BO,O, the directions of the 

maximum interface forces and moments for panel BO,2 are opposite the directions for 

panel BO,0, and for the most part they occur on opposite sides of the stiffener flange, i.e., 

left vs. right side of the flange. Force F,, has a maximum magnitude of 96 at the nodeline 

in the postbuckled skin, identified in Fig. 5-12 by point A. The maximum magnitudes for 

Fy, and F’,, 118 and 100, respectively, are located at point 1B where the skin out-of-plane 
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(viewed from 
unstiffened side) 

  
  

  

(a) STAGS contour (b) Moiré-fringe pattern 

Fig. 5-11 Panel B0,2: comparison of predicted out-of-plane skin 
displacement contours at ultimate load 

displacement has a maximum negative value. The maximum magnitude of moment M,,,, 
104, is located under the stiffener web at point C, near point IB, and the maximum mag- 
nitude of the peeling moment on the edge of the interface, 58, is located at point B. 

  

5.3.3 Panel B2,0: N 
          

The experimentally-measured ultimate load for panel B2,0 was (P,) ie 19.43 kips. 

When the displacements u@? and vijf. were applied to the finite element model, the pre- 

dicted load in the x-direction was (P,) re = 21.6 kips. A contour plot of the predicted out- 

of-plane displacement, and the moiré-fringe pattern photographed just prior to failure of 
the panel, are compared in Fig. 5-13. The maximum out-of-plane displacements are for 
w <0. The displacement pattern of the postbuckled skin for panel B2,0 is quite different 
from the displacement pattern of the panels with the unrotated stiffener. A contour plot of 
the out-of-plane displacement of the skin under the attachment flange is shown to the left 
of the force vector plots in Fig. 5-14. As shown in the contour plot, at the stiffener 
midlength the skin has an out-of-plane displacement that is positive, i.e., toward the stiff- 
ener, across the entire width of the stiffener, and the w displacement on each side of the 

stiffener is also positive. 

The predicted forces and moments on the skin at the skin-stiffener interface at the ulti- 
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Fig. 5-12 Panel BO,2: predicted forces and moments on skin at 

skin-stiffener interface at failure, (P,) wie = 29.0 kips 
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(viewed from 
unstiffened side) 

  

(a) STAGS contour (b) Moiré-fringe pattern 

Fig. 5-13 Panel B2,0: comparison of predicted out-of-plane 
skin displacement contours at ultimate load 

mate load are shown in Fig. 5-14. As expected from the deformations shown in Fig. 5-13, 
the interface forces and moments for panel B2,0 are quite different than they were for the 
panels with the unrotated stiffener. Force F xs Shown in Fig. 5-14(a) has a maximum magni- 
tude near the ends of the stiffener at the location identified in Fig. 5-14 by point A. The 
maximum magnitudes for Fy, and M,, are located at point IB where the skin is bending 
toward the stiffener on each side of the stiffener. The directions of F zs and M,, at point 1B 
indicate that the normal stress in the skin-stiffener interface is compressive at this location. 
The maximum force F,, the largest peeling moment M,,, and large values for force Pyss 
are located near point C on the edge of the interface where the out-of-plane displacement 
away from the stiffener is a maximum. 

5.3.4 Panel B2,2: \\ 

The experimentally-measured ultimate load for panel B2,0 was (P,) aie = 22.3 kips. 

  

      

When the displacements u uly and vP were applied to the finite element model, the 
predicted load in the x-direction was P F = 23.0 kips. A contour plot of the predicted out- 
of-plane displacement, and the moiré-fringe pattern photographed just prior to failure of 
the panel, are compared in Fig. 5-15. 

The predicted forces and moments on the skin at the skin-stiffener interface at the ulti- 
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l 
(viewed from 
unstiffened side) 

  

(a) STAGS contour (b) Moiré-fringe pattern 

Fig. 5-15 Panel B2,2: comparison of predicted out-of-plane 
skin displacement contours at ultimate load 

mate load are shown in Fig. 5-16. Force F xs Shown in Fig. 5-16(a) has a maximum magni- 
tude near the ends of the stiffener, and the location is identified in Fig. 5-16 by point A. 
The maximum values for Fy; and M,, are located at point IB where the skin is bending 
toward the stiffener on each side of the stiffener. The direction of F ys and M,,, at point B 
indicates that the skin and attachment flange are being pushed together at this location, 
rather than being pulled apart. The maximum values for F zs and the peeling moment M,,,, 
and large values for F,., are located near point C on the edge of the interface where the 
out-of-plane displacement away from the stiffener is a maximum. Similar features were 
also observed for case B2,0. 

  

5.3.5 Panel B2,n2: 
      

The experimentally-measured ultimate load for panel B2,n2 was (P..) a 18.44 kips. 
When the displacements unip and vi7P were applied to the finite element model, the pre- 
dicted load in the x-direction was (P_,) ao = 19.07 kips. A contour plot of the predicted 
out-of-plane displacement, and the moiré-fringe pattern photographed just prior to failure 
of the panel, are compared in Fig. 5-17. 

The predicted forces and moments on the skin at the skin-stiffener interface at the ulti- 
mate load are shown in Fig. 5-18. Force F xs Shown in Fig. 5-18(a) has a maximum value 
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\K\ 
(viewed from 
unstiffened side) 

  

(a) STAGS contour (b) Moiré-fringe pattern 

Fig. 5-17 Panel B2,n2: comparison of predicted out-of-plane 
skin displacement contours at ultimate load 

near the ends of the stiffener and the location is identified in Fig. 5-18 by point A. The 
maximum forces F\, and F,,, and the largest peeling M,., moment, are located near point 
IB on the edge of the interface where the out-of-plane displacement away from the stiffener 
is a maximum. 

5.3.6 Summary of Predicted Skin-Stiffener Attachment Force ‘Hot Spots’ 

The maximum values of F,,, F. ys F’zs, and M,., that were reported in previous sections are 
summarized in Table 5-2. In the last column of Table 5-2 there are comments next to the 
value of moment M,, that indicate the nature of the interface normal stresses associated 
with the moment. The comment ‘web’ indicates that the moment is for a point under the 
stiffener web, and the corresponding normal stress distribution is of the form shown in Fig. 
5-10(d). The comment ‘peel’ indicates that the moment is for a point on the edge of the 
interface, and the corresponding normal stress distribution is of the form shown in Fig. 5- 
10(c) with a tensile normal stress at the edge of the interface. The comment ‘no peel’ indi- 
cates that the moment is for a point on the edge of the interface, but the sign of the moment 
is reversed. Therefore, the corresponding normal stress distribution is of the form shown in 

Fig. 5-10(c) but the sign is reversed and the normal stress at the edge of the interface is 
compressive. 
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Table 5-2 Summary of Predicted Skin-Stiffener Attachment 

Forces and Moments at Ultimate Load 
  
  

Panel Locationon /xs,percent Fy, percent F,,percent My,, percent 

  

  

              

  

  

      

  

  

          

interface of Fy, of Fy, of F,, of M,, 

Fig. 5-5 
BO0,0 

i Point A\ 100 4] 15 -7 (no peel) 

Point B -4 -100 100 43 (peel) 
(P ,) OP = 31.2 kips 

ult Point C 2 70 -25 100 (web) 

Fig. 5-12 
\ BO,2 
\ Point A -96 60 -12 -36 (no peel) 

Point 1B -4 -118 100 -58 (peel) 
(P ,) 2? = 29.0 kips 

ult Point C -1 -66 -19 -104 (web) 

Fig. 5-14 
B2,0 

Point A 74 -7 28 7 (no peel) 

Point B 12 98 -40 -70 (no peel) 
(P,) OP = 19.43 kips 

ult Point C 15 93 66 -61 (peel) 

  

  

    

\ Fig. 5-16 
B2,2 

Point AV 93 -2 33 -8 (peel)   

  

  

      

Point B 16 103 -45 -63 (no peel) 
(P..) OP = 22.3 kips 

ult Point C -18 -92 76 50 (peel) 

Fig. 5-18 
B2,n2 

Point A -59 11 21 -21 (no peel) 

Point 1B 24 100 58 -76 (peel) 
(P.) wp = 18.44 kips 
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The skin-stiffener forces and moments summarized in Table 5-2 are compared to see if 

any comments can be made to suggest why the panels with the stiffener rotated 20° had 

failure loads that were an average of 33% lower that the failure loads of the panels with the 

unrotated stiffener. Comparing the forces or moments in a single component direction may 

provide some insight into the variation in response from one panel to another. No attempts 

have been made to combine the force components into a single measure of the tendency 

for skin-stiffener separation. If the mode of failure varies from panel to panel, then com- 

paring the forces and moments in a single component direction may not provide an accu- 

rate indication of the tendency for skin-stiffener separation, even in a comparative sense. 

Consider first the force along the axis of the stiffener, F',,, which is listed in column 3 of 

Table 5-2. The maximum values of F,,, occur at location A on each panel. The maximum 

magnitudes of F,, range from 100 to 59, and the maximum values of F,,, for the panels 

with the stiffener rotated 20° are 23% lower, on average, than the maximum values of F,, 

for the panels with the unrotated stiffener. The reduction in the maximum value of F,, for 

the panels with the stiffener rotated 20° suggests that these panels did not fail due to force 

F xs» or the associated interlaminar shear stress, 6,,. 

The maximum values of force F’,, occur at location IB on each panel. The maximum 

magnitudes of F,, range from 118 to 98, and the maximum values of F},, for the panels 

with the stiffener rotated 20° are only 9% lower, on average, than the maximum values of 

F, for the panels with the unrotated stiffener. The small variation in the maximum value 

of F,, suggests that all of the panels may have failed due to force F,,, or the associated 

interlaminar shear stress, Oy. 

The maximum values of force F,, occur at location Bon panels BO,0, BO,2, and B2,n2, 

and at location C on panels B2,0, and B2,2. The maximum magnitudes of force F,,, range 

from 100 to 58, and the maximum values of F,, for the panels with the stiffener rotated 20° 

are 33% lower, on average, than the maximum values of F. zs for the panels with the unro- 

tated stiffener. The reduction in the maximum value of F’,, for the panels with the stiffener 

rotated 20° may suggests that these panels did not fail due to force F,,, or the associated 

interlaminar normal stress, 6,. 

When considering moment M,,,, the location and direction of the moment are important. 

The maximum values of M,, for panels BO,O and BO,2 occur at location C, which is 

located under the stiffener web. None of the panels with the stiffener rotated 20° had large 
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moments under the web, which suggests that these panels did not fail due to moment M,, 

under the stiffener web. 

Looking at moment M,, on the edge of the interface, and considering only moments 

which create ‘peel’ stresses, the maximum values of moment ‘peel’ M,., occur at location 

Bon panels BO,0, BO,2, and B2,n2, and at location C on panels B2,0 and B2,2. The max- 

imum magnitudes of ‘peel’ M,, range from 43 to 76, and the maximum values of ‘peel’ 

M,,, for the panels with the stiffener rotated 20° are 23% higher, on average, than the max- 

imum values of ‘peel’ M,. for the panels with the unrotated stiffener. However, the range 

of values for M,, for the rotated and unrotated stiffeners prevents any solid conclusions 

regarding failure due to M,, alone. Noting that the interlaminar normal stress 6, on the 

edge of the interface is a result of force F,, and moment ‘peel’ M,., the variations in these 

quantities should be considered together. As noted above, the maximum values of F’,, and 

‘peel’ M,, occur at location Bon panels BO,0, BO,2, and B2,n2, and at location C on pan- 

els B2,0 and B2,2. As noted above, for the panels with the stiffener rotated 20°, on average 

the maximum values of F,,, are 33% lower, and the maximum values of ‘peel’ M,,, are 23% 

higher, than the same quantities for the panels with the unrotated stiffener. Recall from 

Fig. 5-10(c) that the interlaminar normal stress distribution, 6,, is influenced by F,, and 

M,,,. If moment M,, influences the interlaminar normal stress distribution more severely 

than force F’,,, then the panels with the stiffener rotated 20° may fail due to a combination 

of the force F,, and moment ‘peel’ M,,, or the associated interlaminar normal stress, even 

though the values of F,, are 33% lower. 

Based on the results presented above, it is postulated that panels BO,O and BO,2 failed 

due to skin-stiffener separation that initiated at point IB on the these panels, where Pyss Foss 

and ‘peel’ M,, are maxima. For panels B2,0 and B2,2 it is postulated that failure may have 

initiated at location B where Fy; is a maximum, but it seems more likely that failure 

would have initiated at location C on these panels, where the F ys forces are nearly as high, 

and F’,, and ‘peel’ M,, are maxima. For panel B2,n2 it is postulated that skin-stiffener sep- 

aration would occur at location B where force Fy, and moment ‘peel’ M,, are maxima. 

Based upon the limited information that was available from the numerical model, if all the 

panels fail from the same mechanism, it seems likely that failure initiated in all panels at 

locations on the edge of the skin-stiffener interface at locations were the w displacement 

was a maximum in the negative direction, i.e., away from the stiffener. Moreover, with 

their respective experimentally-measured ultimate loads applied to each panel, compara- 
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ble skin-stiffener forces and moments were computed for all panels. Thus, the reduction in 

panel strength observed experimentally when the stiffener was rotated 20° seems to be 

supported by the numerical results. 

On a final note, a possible explanation is offered as to why the skin-stiffener forces and 

moments in all the panels are comparable, even though the applied panel loads are sub- 

stantially different. A simplistic answer is that the deformation states are different. Con- 

tour plots of the predicted w displacement and the stress resultant N,, in the skin for panels 

BO,O and B2,0 at the experimentally-measured failure loads are shown in Fig. 5-19. The 

stress resultant N,, is the membrane stress resultant in the skin in the ys-direction, i.e., per- 

pendicular to the stiffener axis. The results are shown for the skin only, as viewed from the 

stiffened side of the panel. The predicted critical locations, point Bon panel BO,O and 

point Con panel B2,0, are identified on the contour plots of the out-of-plane deformation. 

The displacement pattern for panel BO,0 is nearly antisymmetric with respect to the stiff- 

ener. At the predicted critical location identified as point |B on panel BO,0, the out-of-plane 

displacements on each side of the stiffener cause a tensile load to exist in the skin, on both 

sides of the stiffener, in a direction that is perpendicular to the stiffener axis. The stress 

resultant N,, in the skin of panel BO,0, shown in Fig. 5-19(b), has a maximum tensile value 

at point 8. In the skin location directly across the stiffener from point B, the stress result- 

ant N,, also has a local tensile maximum. The tensile stress resultants in the skin on each 

side of the stiffener are aligned and partially offset each other, reducing the net transverse 

load on the stiffener. Also, moment M,, that was reported in Fig. 5-5(d) is nearly equal on 

each side of the stiffener, with the moments on each side tending to rotate the stiffener in 

the same direction. 

The displacement pattern for panel B2,0 is not antisymmetric with respect to the stiff- 

ener. For example, the out-of-plane displacements away from the stiffener are larger than 

the displacements toward the stiffener, and the nodelines on the left and right sides of the 

stiffener do not intersect the stiffener at the same distance along the length of the stiffener. 

As shown in Fig. 5-19(b), the stress resultant N,, is not as symmetric across the stiffener. 

At the predicted critical location identified as point Con panel B2,0, the lack of asymme- 

try in the response causes a tensile load in the skin on the right side of the stiffener that is 

not directly aligned with a tensile load in the skin on the left side of the stiffener. Likewise, 

moment M,. reported in Fig. 5-14(d) is notably larger on the right side of the stiffener than 

on the left side. It is suggested that the lack of symmetry and/or lack of antisymmetry in 
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  y ys y 

(a) STAGS w displacement (b) STAGS stress resultant Nys 

Fig. 5-19 Panels B0,0 and B2,0: comparison of predicted out-of-plane displacements 
and N,, stress resultant in the panel skin at failure 

the response is what causes the skin-stiffener forces and moments for panel B2,0 to be 
more severe and causes failure of panel B2,0 at loads well below the ultimate load for 
panel BO,0. 
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6. Exploring Axial-Shear Stiffness Coupling 

The results of experiments and numerical simulations of the experimental responses 

were presented in Chapter 4. The primary objectives in Chapter 4 were to describe the 

overall response of the panels, and to verify the numerical models by correlating the mea- 

sured and predicted panel responses. It was observed that the axial-shear coupling 

response of the panels was significantly altered by rotating the stiffener and/or rotating the 

principal direction of orthotropy of the skin, and that the response was load dependent. 

In this chapter the potential for tailoring the axial-shear coupling response is examined 

in greater depth. The mechanisms which influence the axial-shear coupling response are 

identified, and additional panel configurations which exploit the contributing mechanisms 

are considered. The numerical models that were verified by comparing the measured and 

predicted responses were used to analyze these additional panel configurations. Nonlinear 

postbuckling analyses were conducted with an applied end shortening u and with v = 0. 

Hence the pure force coupling response, (P xy’ P,) pure? was computed. Solutions were 

obtained for applied end shortening up to four times u,,. The singular solution that exists 

at the bifurcation load of a perfect panel was removed by applying an initial geometric 

imperfection in the shape of the linear bifurcation buckling mode with an amplitude of 

0.001 in. For each configuration that was considered, the prebuckling stiffness, EA, the lin- 

ear buckling parameters, (P,) un and ui", the postbuckled deformation shape, and the 

prebuckling and postbuckling force coupling response are reported below. Partial numeri- 

cal results are included in the chapter text, and all numerical results are summarized in 

Table 6-2 at the end of the chapter. 

Before proceeding with additional panel configurations, the axial-shear coupling 

responses for the panel configurations that were tested are reviewed. Recall that results of 

simplified linear bifurcation buckling analyses of the test panels (omitting measured shape 
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Fig. 6-1 Pure force coupling response of configurations that were tested: omitting 

measured shape imperfections and nonuniform initial loading 

imperfections and nonuniform initial loading, and setting v = 0) were reported at the 

beginning of Chapter 4. The prebuckling stiffness and linear buckling parameters for these 

panels were reported in Table 4-1. The numerical results for pure force coupling that were 

presented in Fig. 4-11 included the effects of measured shape imperfections and nonuni- 

form initial loading. If the measured shape imperfections and nonuniform initial loading 

are omitted from the nonlinear postbuckling analyses, then the pure force coupling versus 

end shortening responses for the test panels vary as shown in Fig. 6-1. In this figure, the 

end shortening of each panel is normalized by the end shortening at buckling, u bin , for the 

respective panel, and results are presented for u/ ulin <4. Contour plots of the out-of- 

plane displacement in the skin at u/u lin = 4 are shown in Fig. 6-2. Note the overall sim- 

ilarity of Fig. 6-2 when compared with Fig. 4-4, the postbuckled out-of-plane deflections 

predicted by the most refined nonlinear analysis. Also, when comparing Fig. 6-1 with Fig. 

4-11, it is seen that including measured shape imperfections and nonuniform initial load- 

ing do not have a large effect on force coupling predictions in the postbuckling load range. 

The ranking of the effects of rotated stiffeners and rotated skins on the force coupling pre- 

dictions is unaffected, and the coupling percentages are comparable. The pure force cou- 

pling results shown in Fig. 6-1 support the following conclusions: 

¢ The force coupling response of the configuration with the stiffener and skin unro- 

tated is approximately zero for all load ranges. 
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Fig. 6-2 Postbuckling shapes of the configurations that were tested: 

simplified nonlinear analyses with v = 0 and u/u lin = 4 

              

e The configuration with the unrotated stiffener and the skin rotated exhibits axial- 

shear stiffness coupling due to skin anisotropy. The amount of force coupling is con- 

stant in prebuckling, and diminishes in the postbuckling load range (spectrum: 

2.54% @ 1.69%). 

¢ The configuration with the stiffener rotated and the unrotated skin exhibits axial- 

shear stiffness coupling due to the skewed stiffener. The amount of force coupling is 

constant in prebuckling, and increases in the postbuckling load range (spectrum: 
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4.97% @ 12.15%). The entire force coupling response curve is shifted upward if the 

skin is rotated in the same direction as the stiffener rotation (spectrum: 7.84% 

14.17%). Rotating the skin in the opposite direction of the stiffener rotation 

decreases the force coupling response (spectrum: 2.57% ™ 10.24%). 

Similar comments were made regarding the pure force coupling results presented at the 

end of Chapter 4. It is postulated that the mechanisms which control the axial-shear cou- 

pling response of the stiffened panels are: 

1. stiffener properties 

* orientation 

¢ stiffness 

2. skin anisotropy 

¢ membrane stiffness coupling 

¢ bending stiffness coupling 

In the remainder of this chapter, additional configurations are considered which either 

address each of these mechanisms independently, or combine the different mechanisms to 

tailor the axial-shear coupling response in the prebuckling and postbuckling load ranges. 

Since all results reported in this chapter are from analyses with v = 0, references in the text 

to the force coupling response always allude to the pure force coupling response. 

6.1 Stiffener Properties 

To independently examine the effect of the stiffener orientation and stiffness on the 

axial-shear coupling response of the stiffened panels, panel configurations are considered 

which are constructed entirely from 2024 aluminum alloy (E = 10.5 Msi, v = 0.33). The 

isotropic material is selected to eliminate any suspicions that the computed responses for 

these panels are related in any way to material anisotropy. 

6.1.1 Stiffener Orientation 

The first configurations that are considered are sized to have the same axial stiffness as 

panel BO,0. To match the axial stiffness, i.e., the EA, of the [+45/445/ 0,/ 90] ; graph- 

ite-epoxy laminate, the aluminum skin thickness is set to 0.0771 in. The axial stiffness of 
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the graphite-epoxy stiffener, with [45/0/90]... laminates and 0° pre-preg filling the tri- 

angular-shaped voids at the top and bottom of the stiffener web, is matched by an alumi- 

num stiffener with the same stiffener dimensions as shown in Fig. 2-1(a), and component 

thicknesses equal to 0.0678 in. Three panel configurations are analyzed that utilize these 

skin and stiffener dimensions. The panels, identified as Al-BO, Al-B1, and Al-B2, desig- 

nate all-aluminum panel configurations with the stiffener rotated 0°, 10°, and 20°, respec- 

tively. The prebuckling stiffnesses for these panels are 16,630, 16,530, and 16,270 kips, 

respectively. The reduction in axial stiffness that occurs when the stiffener is rotated 

reflects the fact that the stiffener axis is not aligned with the principle loading direction. 

The linear buckling loads of the three panels are 8.25, 7.70, and 6.48 kips, respectively. 

Thus, rotating the stiffener by 10° and 20° causes reductions in the buckling load of 7% 

and 21%, respectively, relative to the panel with the unrotated stiffener. The reduction in 

buckling load that occurs when the stiffener is rotated is partially associated with the 

reduction in the load carried in the stiffener, but is mostly due to the increase in the width 

of the skin sections that is introduced when the stiffener is rotated. Contour plots of the 

out-of-plane displacement in the skin at u/ ulin = 4 are shown in Fig. 6-3. It was noted 

earlier that the postbuckling deformations of the panels with the stiffener rotated 20° differ 

substantially from the cases with the unrotated stiffener. The contour plots in Fig. 6-3 indi- 

cate that for the all-aluminum panels, the postbuckling deformations have three axial half- 

    

  
  

            

  

                

      

(a) Al-BO (b) Al-B1 (c) Al-B2 
                  

Fig. 6-3 Postbuckling shapes of all-aluminum panels with 
the stiffener rotated 0°, 10°, and 20° 
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waves when the stiffener is unrotated and rotated 10°, and two axial half-waves when the 

stiffener is rotated 20°. In Section 4.2.4 it was observed that when the stiffener is rotated 

20°, Poisson expansion of the skin causes the wider sections of skin to buckle in a direc- 

tion away from the stiffener. This effect is less pronounced when the stiffener is only 

rotated 10°, and did not control the direction of the skin deformation shown in Fig. 6-3(b). 

The force coupling versus end shortening responses for these panels are shown in Fig. 6-4. 

The force coupling for panel Al-BO is zero, as expected. When the stiffener is rotated 10°, 

the force coupling response is 2.63% in the prebuckling load range, and increases to 

7.33% in the postbuckling load range. The force coupling response of panel Al-B2 varies 

from 4.95% to 11.77% and is very similar to the response for panel B2,0 (spectrum: 4.97% 

m 12.15%). 
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Fig. 6-4 Force coupling response of all-aluminum panels with 

stiffener rotated 0°, 10°, and 20° 

6.1.2 Stiffener ‘Stiffness’ 

The effect of the stiffness of the stiffener on the axial-shear coupling response of the 

panels with skewed stiffeners is examined by considering all-aluminum panels with the 

thickness of the stiffener components doubled to 0.1356 in., while keeping the skin thick- 

ness equal to 0.0771 in. The panels, identified as Al-C1 and Al-C2, designate all-aluminum 

panel configurations with the more-rigid stiffener rotated 10°, and 20°, respectively. The 

prebuckling stiffnesses for panels Al-Cl and Al-C2 are 19,430, and 18,820 kips, respec- 

tively. The linear buckling loads of the panels are 9.88, and 8.15 kips, respectively. Con- 
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(b)         

Fig. 6-5 Postbuckling shapes of all-aluminum panels with 

more-rigid stiffener rotated 10° and 20° 

tour plots of the out-of-plane displacement in the skin at u/u lin = 4 are shown in Fig. 6- 

5. The contour plots in Fig. 6-5 show that the panels with more-rigid stiffeners have post- 

buckling deformations with a higher number of half-waves in the axial direction, and 

smaller out-of-plane deformations in the skin-stiffener attachment region. The change in 

the deformation shape could strongly influence failure by skin-stiffener separation. The 

force coupling versus end shortening responses for panels Al-B1, Al-B2, Al-C1, and Al-C2 

are compared in Fig. 6-6. The more-rigid stiffener causes the force coupling response to be 

higher, compared to the response for the original stiffener, over the entire range of loading. 

The force coupling response has a spectrum of 4.71% to 8.57% for panel Al-C1, and 

8.90% to 17.00% for panel Al-C2. 

6.1.3 Rotated Stiffener and Variations in Force Coupling Response in the 
Postbuckling Load Range 

There have been no surprises in any of the results for the all-aluminum panels. The force 

coupling responses of the panels with the stiffener rotated all demonstrate the same gen- 

eral behavior. In all cases with the stiffener rotated the force coupling is constant in the 

prebuckling load range and increases nonlinearly in the postbuckling load range. This 

increase in the force coupling response in the postbuckling load range was also observed 

in the experiments for the composite panels with the rotated stiffeners, and was reported 

earlier. The contour plots of the out-of-plane deformation have indicated that the deforma- 

140 Exploring Axial-Shear 

Stiffness Coupling



  

      

  

          

— - ~< 

15+ 
_ 

— 

" 
ge Al-C2 

7 a 
leer? i

 | 

10F LL 
ue 

me eT ae 
* 7 aw Lac _ \ 

Zz 

"L 

Al-Cl 

— 
_ | , AlB1 

0 1 
4 ! 

u/ ulin 

Fig. 6-6 Force coupling response of all-aluminum panels 

with original and more-rigid stiffener 

tions in the skin-stiffener attachment region are small, and rotating the stiffener causes the 

deformations in the postbuckled skin to be skewed, particularly in the regions of the skin 

that are directly adjacent to the stiffener. Since the deformations of the stiffener are small, 

the stiffener contribution to the response is expected to be linear over the entire range of 

loading. It is postulated that the increase in force coupling response is related to the non- 

linear response and skewed deformations of the postbuckled skin. To independently assess 

the effect of the skewed deformation state in the skin on the axial-shear coupling response, 

two cases are considered in which the rotated stiffeners are eliminated, and the out-of- 

plane displacements are constrained in the skin along a line where the stiffener used to be. 

Panel Al-w2 is created by eliminating the stiffener from panel Al-B2, and setting the w dis- 

placement to zero for the nodes in the skin that were originally under the stiffener web. 

Constraining the w displacement along a line simulates the out-of-plane support that a 

stiffener with a somewhat flexible cross section might provide. Panel Al-wdw2 is created 

to be similar to panel Al-w2, but the w displacement and the out-of-plane rotations, Ru and 

Rv, are constrained along the same line to simulate the support which a more-rigid stiffener 

would supply. Thus, these models simulate the out-of-plane support that a stiffener would 

supply, without including the inplane stiffness of the stiffener. Contour plots of the out-of- 

plane displacement in the skin at u/u lin = 4 are shown for panels Al-w2, and Al-wdw2 

in Fig. 6-7. The contour plots shown in Figs. 6-7(a) and 6-7(b) closely resemble the con- 
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Fig. 6-7 Postbuckling shapes of all-aluminum panels with the rotated stiffener 

replaced with out-of-plane displacement constraints 
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Fig. 6-8 Force coupling responses of all-aluminum panel with original stiffener, and 

panels with the stiffener replaced with out-of-plane displacement constraints 

tour plots for panels Al-B2 and Al-C2, shown in Figs. 6-3(c) and 6-5(c), respectively. The 

force coupling versus end shortening responses for panels Al-B2, Al-w2, and Al-wdw2 are 

compared in Fig. 6-8. The force coupling responses for panels Al-w2 and Al-wdw2 are 

zero in the prebuckling load range, and increase to 4.71% and 6.07%, respectively, in the 

postbuckling load range. These results indicate similar increases in the force coupling 

responses for panels Al-B2, Al-w2 and Al-wdw2, and support the postulate that the 
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increase in the force coupling response that is observed after skin buckling in panels with a 

rotated stiffener is due largely to the skewed deformations of the postbuckled skin. The 

issue of how skewness in the postbuckling deformation of the skin causes force coupling is 

now considered. In the unstiffened panels with displacement constraints considered above, 

the shear load P,, is simply the integral of the shear stress resultant N,, across the width of 

the panel. The panels are made of isotropic material, so A,¢ and Az¢ are zero, and Eq. (1.1) 

gives 

Nyy AgeY zy (6.1) 

If P,,, is to be nonzero, then 

Jravz0 (6.2) 

If von Karman nonlinear plate theory is applied, then from Eq. (A.22), 

du, ov ( 2» }( aw) 
0 =O ¢_ P94 a ilo, 6.3 

Yay = Oy Ox *\Ox dy (6.3) 

Skewness of the postbuckled shape affects the distribution of (Ow/dx)(dw/dy). For exam- 

ple, consider the contours of the skin out-of-plane displacements shown in Figs. 6-3(a) and 

6-3(b). Close-up views of the contour plots at the midlength of panels Al-BO and Al-B1 are 

shown in Figs. 6-9(a) and 6-9(b), respectively. The deformation in panel Al-BO is not 

(a) Panel Al-BO 

MANAG © RE 9 o> 
(o w (ou wv = 0 across the entire width 
dx/\dy 

  

(b) Panel AI-B1 

dw \{ dw 

dx/\dy =0 

  

Fig. 6-9 Skewness in the out-of-plane displacements of the skin at panel midlength 
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skewed and (dw/dx)(dw/dy) = 0 across the entire width at the panel midlength. At cross 

sections above and below the midlength of panel Al-BO, (dw/dx)(dw/dy) has nonzero val- 

ues, but the integral of (dw/dx)(dw/dy) across the width of the panel is zero. The displace- 

ment contours for panel Al-B1 are skewed due to the support of the rotated stiffener. The 

quantity (dw/dx)(dw/dy) at the panel midlength is approximately zero on the left and right 

sides of the panel, but less than zero in the middle of the panel. This distribution of (dw/ 

dx)(dw/dy) creates a shear strain that does not integrate to zero, and thus, the panel shear 

load Pry is nonzero. 

The results presented above have shown that rotating the stiffener can create a force cou- 

pling response that is constant in the prebuckling load range, and increases nonlinearly in 

the postbuckling load range. While the results have shown that rotating the stiffener by a 

positive angle, i.e., @ > Q, creates positive values of force coupling P,,/P,, it follows that 

rotating the stiffener by a negative angle creates negative values of force coupling. In 

regards to the nonlinear increase in force coupling after skin buckling, it is informative to 

examine the behavior of the forces P, and P,, independently. For example, consider the 

force coupling response for panel Al-B2 that was shown in Fig. 6-4. The individual force 

components, P, and P,,, versus end shortening responses for this panel are shown in Figs. 

6-10(a) and 6-10(b), respectively. The forces and end shortening are normalized by the lin- 

ear buckling parameters, (P,) un and ul, respectively. The axial force vs. end shorten- 

ing response shown in Fig. 6-10(a) displays a reduction in slope at the buckling load, 

indicating a reduction in axial stiffness that is typical of buckled stiffened panels. The 

response curve is nearly bilinear, with additional reductions in stiffness as the loading 

increases. When u = 4.0 u,, the panel’s axial stiffness is approximately 50% of its prebuck- 

ling axial stiffness. The shear force vs. end shortening response shown in Fig. 6-10(b) dis- 

plays a increase in slope at the buckling load, and the response curve appears to be exactly 

bilinear. The force coupling response that has been used throughout this study was defined 

as the ratio of the shear force to the axial force. This definition provides a secant-type mea- 

sure of the response at a given value of end shortening, but does not directly indicate the 

incremental (tangent) local behavior of the response. The secant force coupling response 

P,,/P,, and the tangent force coupling response AP,,/AP,, are computed for panel Al-B2 

and compared in Fig. 6-10(c). Structural designers may be more interested in the tangent 

force coupling if they are concerned with controlling the incremental response of a struc- 

ture as it is subjected to incremental loads. As indicated in Fig. 6-10(c), the tangential 

force coupling response can vary quickly when the skin buckles. 
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(c) Axial-shear force coupling vs. end shortening 

Fig. 6-10 Force coupling for panel Al-B2: individual force components 
and secant versus tangent force coupling 

6.2 Skin Anisotropy 

To examine the effect of the skin anisotropy on the axial-shear coupling response of the 

stiffened panels, panel configurations are considered which have the unrotated stiffener. 

The panels are assumed to be constructed entirely from Hercules, Inc. AS4-3502 graphite- 

epoxy unidirectional preimpregnated tape, with the modified material properties in Table 

2-2 applied. The stiffener definition for these panels is the same as for the panels that were 

tested, 1.e., a graphite-epoxy stiffener with [£45/0/90],, laminates and the cross section 

shown in Fig. 2-1(a). 
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For the panel configurations that were tested, a nominal skin laminate construction was 

specified, and the entire laminate was rotated relative to the principal loading direction. As 

was demonstrated in Section 1.1.4, rotating a laminate typically modifies the membrane 

and bending stiffnesses. The skin constructions that are considered in this chapter are not 

specified and then rotated, but rather are prescribed exactly to isolate specific membrane 

and bending stiffness coupling terms. A few parameters are useful to quantify the degree 

of anisotropy in a laminate. The amount of membrane stiffness coupling is reflected by the 

value of the equivalent membrane coefficient of mutual influence n previously oO 

xy, x? 

defined in Eq. (1.11). The amount of bending stiffness coupling is reflected by the value of 

the equivalent flexural coefficient of mutual influence n f x» Previously defined in Eq. 

(1.21), and the values of the anisotropic parameters, 

D 16 § = 

3 0.25 3 _ 0.25 

(DP) (D,,D,) 

D4 Y = ; (6.4) 

defined by Nemeth in Ref. 27. Results are presented below for four different skin lami- 

nates. All of the skin laminates are 16 ply symmetric laminates. The laminates have two 0° 

plies, two 90° plies, and the remaining twelve plies are split between 30° and -30° orienta- 

tions. The anisotropy of the laminates is altered by replacing -30° plies with 30°plies, and 

by changing the stacking sequence. The stacking sequences for the selected laminates and 

values of the parameters which reflect their various degrees of anisotropy are listed in 

Table 6-1.The skin laminate ‘c’ has minimal anisotropy, and serves as a benchmark config- 

uration. Laminate ‘d’ has a higher number of 30° plies to create membrane stiffness cou- 

pling, yet has a stacking sequence which minimizes the bending stiffness coupling. Note 

that n xy, , for laminate ‘d’ is negative, thus indicating negative membrane stiffness cou- 

pling. Laminate “e’ has zero membrane stiffness coupling, but has large negative bending 

stiffness coupling, as reflected in Table 6-1 by the negative value of n fox Laminate ‘f’ 

includes both negative membrane and negative bending stiffness coupling. 

The panels, identified as BOc, BOd, BOe, and BOf, designate panel configurations with 

the unrotated stiffener, and skin laminates ‘c’, ‘d’, ‘e’, and ‘f’, respectively. The prebuck- 

ling stiffnesses for these panels are 17,250, 16,290, 17,250, and 16,290 kips, respectively. 

The linear buckling loads are 7.04, 6.37, 6.02, and 5.69 kips, respectively. Thus, the reduc- 

tions in buckling load due to skin membrane stiffness coupling, bending stiffness cou- 

pling, and combined membrane and bending stiffness coupling, are 9%, 14%, and 19%, 
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Table 6-1 Laminates with Various Types of Anisotropy 
  

  

  

Skin ID. Lay-up Ny, x nh, x Y 5 

c [+30/90/430/0/F30] . 0.00 -0.03 0.02 0.01 

d [-30/90/730,/0/303] ; -0.76 0.03 0.01 0.01 

e [30,/90/0/-30, | ; 0.00 -1.06 0.45 0.25 

f [30,/90/30,/0/-30] . -0.76 -1.30 0.56 0.31 
  

  

respectively, relative to the benchmark panel with minimal anisotropy. The reductions in 

the buckling load that occur when the skin laminate is highly anisotropic are consistent 

with the findings reported in Refs. 27 and 41. Contour plots of the out-of-plane displace- 

ment in the skin at u/u!” = 4 are shown in Fig. 6-11. Panel BOc has the most symmetric 

deformation shape. The membrane stiffness coupling in panel BOd causes the skin to 

buckle under combined compression and shear. The shear load causes slight skewing of 

the deformation pattern for panel BOd. Bending stiffness coupling in panels BOe and BOf 

causes the skin deformations to have substantial skewing, but in the opposite direction of 

the skewing shown for panel BOd. 

The force coupling versus end shortening responses for these panels are shown in Fig. 6- 

12. The force coupling for panel BOc is approximately zero, as expected. The negative 

membrane stiffness coupling in panel BOd produces a force coupling response that is 

12.00% in the prebuckling load range, and decreases to 6.05% in the postbuckling load 

range. The negative bending stiffness coupling in panel BOe does not produce any force 

coupling until the skin buckles, and then the force coupling increases to 2.88% in the post- 

buckling load range. Panel BOf has the same membrane stiffness coupling as panel BOd, 

and thus has an equal amount of force coupling in the prebuckling response. The force 

coupling response of panel BOf reduces after the skin buckles, but the negative bending 

stiffness coupling causes the reduction in force coupling to be less for panel BOf than it 

was for panel BOd. The force coupling response for panel BOf ranges from 12.01% to 

9.50%, and resembles the sum of the responses for panels BOd and BOe. 

The axial-shear coupling response for panel BOf described above is very significant. 

Recall that this panel has negative membrane stiffness coupling and negative bending 

stiffness coupling, each of which creates a positive contribution to the force coupling 

response. Recall that negative membrane stiffness coupling becomes less effective in cre- 
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Fig. 6-11 Postbuckling shapes of panels with the 

unrotated stiffener and anisotropic skins 

ating force coupling, 1.e., the force coupling response decreases, after the skin buckles. In 

contrast, negative bending stiffness coupling becomes more effective in creating force 

coupling, i.e., the force coupling response increases, after the skin buckles. By applying 

both mechanisms, negative membrane stiffness coupling and negative bending stiffness 

coupling, in the same panel, the loss in effectiveness of one mechanism is offset in part by 

the increase in effectiveness of the second mechanism, and the net effect is that the force 

coupling response is more uniform over the entire range of loading. Note that the mem- 

brane and bending stiffness coupling terms can be tailored somewhat independently. As 

was discussed in Section 1.1.4, the membrane stiffness terms Ay, 

simple summation of lamina properties that is independent a the z-location of each lamina. 

in Eq. (A.31) represent a 
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Fig. 6-12 Force coupling response of panels with the 

unrotated stiffener and anisotropic skins 

In contrast, the bending stiffness terms D,; are defined such that the contribution of each 

lamina to D;; is weighted by the square of the z-location of the lamina. Therefore, it is pos- 

sible to prescribe the percentage of lamina in specific orientations to tailor the A;; terms, 

and then adjust the z-locations of the lamina by specifying the stacking sequence to tailor 

the D;; terms. In panel BOf, the number of 30°plies is greater than the number of -30° plies 

to provide negative membrane stiffness coupling, and the -30° plies are located at the mid- 

plane of the laminate, while the 30° plies a located closer to the upper and lower surface of 

the laminate, to provide negative bending stiffness coupling. 

6.2.1 Skin Anisotropy and Variations in Force Coupling Response in the 
Postbuckling Load Range 

In the results shown above, negative bending stiffness coupling was responsible for 

increases in force coupling after skin buckling. Bending stiffness coupling causes skewing 

of the skin deformations, as was shown in Fig. 6-11(c), and also much earlier in Fig. 1-3. 

When presenting the results for rotated stiffeners above, it was explained how skewing of 

the skin deformations can increase the force coupling response in the postbuckling load 

range. In contrast, results have shown that negative membrane stiffness coupling in the 

skin creates a force coupling response that is uniform in the prebuckling load range and 

reduces nonlinearly after skin buckling. To explain this behavior, the force coupling 

response for panel BOd is examined closely in Fig. 6-13. The individual force components, 
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Fig. 6-13 Force coupling for panel BOd: individual force components 
and secant versus tangent force coupling 

P, and P,,, versus end shortening responses for panel BOd are shown in Figs. 6-13(a) and 

6-13(b), respectively. The axial force vs. end shortening response shown in Fig. 6-13(a) 

displays the typical reduction in slope at the buckling load. The response curve is nearly 

bilinear, with additional reductions in stiffness as the loading increases. The shear force vs. 

end shortening response shown in Fig. 6-13(b) displays a sharp decrease in slope at the 

buckling load. This decrease in slope strongly contrasts the increase in slope of the shear 

force response for the panel with a rotated stiffener, shown in Fig. 6-13(b). The secant 

force coupling response, PIP x, and tangent force coupling response, AP,,/AP,, are com- 

pared in Fig. 6-13(c). The large reduction in the tangential force coupling response after 

skin buckling reflects the very low slope of the shear force response curve and represents a 
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substantial change in the behavior of the incremental response of the panel. The reduction 

in shear stiffness reported above resembles the results presented by Stein*® on the post- 

buckling response of unstiffened plates in combined compression and shear. As was noted 

in the literature review, Stein observed that plates buckled in compression can display very 

large reductions in shear stiffness. 

The results presented above have shown that anisotropy in the skin laminate creates a 

force coupling response that is constant in the prebuckling load range. After the skin buck- 

les, the force coupling due to negative membrane stiffness coupling decreases, while the 

force coupling due to negative bending stiffness coupling increases. While laminates were 

considered which created positive values of force coupling P,,/P,, negating the fiber ori- 

entations of these laminates would reverse the membrane and bending stiffness couplings 

and create negative values of force coupling. 

Panel configurations have been considered which examined the effect on the force cou- 

pling responses of independently applying skewed stiffeners and anisotropic skins. The 

results have indicated that the amount of force coupling, and the behavior of the response 

in the postbuckling load range, is dependent upon which mechanism is employed to create 

stiffness coupling. Additional cases are now considered which combine the mechanisms to 

tailor the axial-shear coupling response in the prebuckling and postbuckling load ranges. 

6.3 Combining Skewed Stiffeners and Anisotropic Skins 

Panel configurations which have the stiffener rotated 20° and have skin laminates with 

membrane and bending stiffness coupling are considered. The original graphite-epoxy 

stiffener definition shown in Fig. 2-1(a) was used for these panels. Results are presented 

below for five skin laminates. Three of the laminates are laminates ‘c’, ‘d’, and ‘e’, which 

were defined in the preceding section. The stacking sequences for these laminates were 

listed in Table 6-1. Two additional laminates, designated as laminates ‘dr’ and ‘er’, are 

prescribed by negating the fiber orientations of laminates ‘d’ and ‘e’, respectively, to 

change the signs of the stiffness couplings of the laminates. Laminate ‘dr’ has a stacking 

sequence of [30/90/-30,/0/-30,] and has large positive membrane stiffness cou- 

pling and minimal bending stiffness coupling. Laminate ‘er’ has a stacking sequence of 

[-30,/90/0/30,] °° and has large positive bending stiffness coupling and minimal 
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membrane stiffness coupling. 

The panels, identified as B2c, B2d, B2dr, B2e, and B2er designate panel configurations 

with the stiffener rotated 20° and skin laminates ‘c’, ‘d’, ‘dr’, ‘e’, and ‘er’, respectively. Of 

these five panels, panel B2c is considered the benchmark configuration since skin ‘c’ has 

minimal anisotropy. The prebuckling stiffnesses for these panels are 16,880, 15,960, 

15,860, 16,880, and 16,880 kips, respectively. The linear buckling loads are 5.44, 6.07, 

4.45, 4.14, and 5.22 kips, respectively. Thus, when the stiffener is rotated, the panel with 

negative membrane stiffness coupling of the skin laminate has a linear buckling load that 

is 12% higher, and the panel with positive membrane stiffness coupling has a linear buck- 

ling load that is 18% lower, as compared to the benchmark configuration with minimal 

anisotropy in the skin. The panels with skin laminates with negative and positive bending 

stiffness coupling show decreases in the buckling load of 24% and 4%, respectively. Con- 

tour plots of the out-of-plane displacement in the skin at u/u lin = 4 are shown in Fig. 6- 

14. 

The force coupling versus end shortening responses for these panels are shown in Fig. 6- 

15. The force coupling responses for the panels that combine a rotated stiffener and aniso- 

tropic skin are shown in separate plots so that they can be compared to the force coupling 

responses that are obtained when the rotated stiffener and anisotropic skins were applied 

separately. For example, the force coupling response for panel B2d is compared to the 

force coupling responses for panels B2c and BOd in Fig. 6-15(a). Panel B2c, which has the 

stiffener rotated 20° and negligible anisotropy, has a force coupling response that is 4.81% 

in the prebuckling load range, and increases to 12.29% in the postbuckling load range. 

Panel BOd, considered in the previous section, has an unrotated stiffener and negative 

membrane stiffness coupling, and has a force coupling response that is 12.00% in the pre- 

buckling load range, but decreases to 6.05% in the postbuckling load range. When the 

rotated stiffener and negative membrane stiffness coupling are combined in panel B2d, it 

appears as if the responses of panels B2c and BOd are superimposed. The prebuckling 

responses add to give a larger response, and the increasing and decreasing responses after 

buckling partially offset each other. The net affect is that panel B2d has a large force cou- 

pling response that varies by a small amount over the entire range of loading. The force 

coupling response for panel B2d is 17.48% before buckling, and increases to 19.42% in 

the postbuckling load range. . 

The case which combines a rotated stiffener with a skin laminate with positive mem- 
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(d) Panel B2e, [30,/90/0/—30,] ; (e) Panel B2er, [-30, 79070730 3]. 

Fig. 6-14 Postbuckling shapes of panels with the stiffener 

rotated 20° and anisotropic skins 
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Fig. 6-15 Force coupling response of panels which combine 

a rotated stiffener and anisotropic skins 
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brane stiffness coupling is considered in Fig. 6-15(b). If an analyses were conducted with 

an unrotated stiffener and skin laminate ‘dr’, then the force coupling response would be 

equal to the ‘BOd negated’ response shown in Fig. 6-15(b). The ‘BOd negated’ response is 

negative before buckling, and becomes less negative, i.e., increases, after skin buckling. 

When the rotated stiffener and positive membrane stiffness coupling are combined in 

panel B2dr, it appears as if the responses of panels B2c and ‘BOd negated’ are superim- 

posed. The prebuckling responses partially offset each other, and the increasing responses 

after buckling are additive. The net affect is that panel B2dr has a force coupling response 

that is -7.28% before buckling, and increases to 4.74% in the postbuckling load range. The 

individual force components, P, and P,,, versus end shortening responses for panel B2dr 

are shown in Figs. 6-16(a) and 6-16(b), respectively. The axial force vs. end shortening 

response shown in Fig. 6-16(a) is typical of all of the panels. The shear force vs. end short- 

ening response shown in Fig. 6-16(b) is unique in that it has a negative slope during the 

initial loading and a positive slope after the skin buckles. The incremental shear force is 

positive immediately after the skin buckles, while the net shear force on the panel does not 

become positive until further into the postbuckling load range. The force coupling 

response of panel B2dr, shown in Fig. 6-15(b), becomes positive when the shear force P,, 

becomes positive. 

The case which combines a rotated stiffener with a skin laminate with negative bending 

stiffness coupling is considered in Fig. 6-15(c). Panel BOe, considered in the previous sec- 

tion, has an unrotated stiffener and negative bending stiffness coupling, and has a force 

coupling response that is zero in the prebuckling load range, but increases to 2.88% in the 

postbuckling load range. When the rotated stiffener and negative bending stiffness cou- 

pling are combined in panel B2e, it appears as if the responses of panels B2c and BOe are 

superimposed. Comparing the results for panels B2c and B2e shows that the negative 

bending stiffness coupling in panel B2e does not affect the force coupling response before 

buckling occurs, but it does increase the force coupling response in the postbuckling load 

range. The force coupling response for panel B2e is 4.81% before buckling, and increases 

to 14.40% in the postbuckling load range. 

The case which combines a rotated stiffener with a skin laminate with positive bending 

stiffness coupling is considered in Fig. 6-15(d). If an analyses were conducted with an 

unrotated stiffener and skin laminate ‘er’, then the force coupling response would be equal 

to the ‘BOe negated’ response shown in Fig. 6-15(d). When the rotated stiffener and posi- 

155 Exploring Axial-Shear 

Stiffness Coupling



  

      
  

3r 0.2 

P. ab 

(Pe 
1 z 

0 l a 9. 7— l Ld 

O 1 2 3 #4 0 1 2 3 4 
u/ ulin u/ ulin 

(a) Axial force vs. end shortening (b) Shear force vs. end shortening 

Fig. 6-16 Individual force components for panel B2d 

tive membrane stiffness coupling are combined in panel B2er, the positive bending stiff- 

ness coupling does not affect the force coupling response before buckling occurs, but it 

does reduce the amount of increase in the force coupling response in the postbuckling load 

range. The force coupling response for panel B2er is 4.81% before buckling, and increases 

to 9.30% in the postbuckling load range. 

6.4 Summary of Cases Considered 

For each stiffened panel configuration that was considered, the panel description, pre- 

buckling stiffness, EA, the linear buckling parameters, (P,) hin and u!!”, and the force 

coupling response, (P,,/P,), in the prebuckling and postbuckling load ranges, are summa- 

rized in Table 6-2. The force coupling response in the postbuckling load range is defined as 

(PJP) at u= 4.0 u,,. In Table 6-2, the panels are listed by their ‘I.D.,’ or panel identifica- 

tion code. The stiffener cross section of each panel is identified by code. Cross sections 

‘Al-B’ and ‘AI-C’ refer to the nominal and more-rigid aluminum stiffeners, respectively. 

Cross section ‘B’ refers to the nominal graphite-epoxy stiffener that was used for all of the 

composite panels. The all-aluminum panels are listed first in Table 6-2, followed by the 

composite panels that were tested, and then the additional composite panels that were dis- 

cussed above. Table 6-2 also includes numerical results for additional composite panel 

which were not discussed above. These final cases all had an unrotated stiffener and con- 

sidered various skin laminates. Comments on these additional cases are included below. 
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Table 6-2 Summary of Parametric Study 
  

  

  

  
  

  

    
      
      

  

  

  

    
            
      
    
          
  

        
  

  
  

  

  

  

      
  

  

  

                  
        

Stiffener Linear Buckling | P,,/P,,(%) 

LD. Skin EA , 
Cross | @ Laminate (kip) | (P,)2"| ulin Pre- | Post- 
Section | (deg) (kip) | (mil) buckle | buckle 

ALBO| ALB | 0 |  Al-2024,t=0.0771in. | 16,630 | 8.25 | 11.90 | 0.000 0.000 

ALBI| ALB | 0 | Al-2024,t=0.0771 in. 16,530 | 7.70 | 11.17 2.63 | 7.33 

| Al-B2]} AI-B | 20 Al-2024, t = 0.0771 in. | 16,270 6.48 9.56 4.95 | 11.77 

AI-C1] AI-C | 10 Al-2024, t = 0.0771 in. 19,430 9.88 | 12.21 4.71 | 8.57 

Al-C2] Al-C | 20 Al-2024, t = 0.0771 in. 18,820 | 8.15 | 10.39 | 8.90 | 17.00 

B00 | B 0 [#45/$45/0,/90] | 16,650 | 7.71 | 11.12 | 0.000 | 0.080 

B02 | B 0 | [65/-25,/65/20;/-70] | 15,950 | 6.95 | 10.46 | 2.54 | 1.69 

B20] B | 20 [+45/+45/0,/90] 16,270 | 5.72 | 8.44 | 4.97 | 12.15 

B2,2°] B | 20 [65/-25,/65/20,/-70] _ 15,580 | 5.62 | 8.66 | 7.84 | 14.17 

B2n2] B | 20 | [25/-65,/25/-20,/70] . | 15,550 5.22 8.06 | 2.57 | 10.24 

Boc | B | 0 | [430/90/+30/0/30], | 17,250 7.04 | 9.79 | 0.000 | 0.080 

Bod | B | 0) [-30/90/30,/0/30,], | 16,290 | 6.37 | 9.38 | 12.00 | 6.05 

| Boe B | 0 [30,/90/0/-30,} | 17,250 | 6.02 | 8.37 | 0.000 | 2.88 

| Bor] B | 0 [30,/90/30,/0/-30] | 16,300 5.69 | 838 | 12.00 | 9.50 
B2c | B | 0 — [430/90/#30/0/430], | 16,880 | 5.44 | 7.73 4.81 | 12.29 
B2d | B 20 |  [-30/90/30,/0/30,], | 15,960 | 6.07 9.13 | 17.48 | 19.42 

B2dr | B 20 | [30/90/-30,/0/-303] , | 15,860 | 4.45 | 6.73 | -7.28 | 4.74 

Bee | B | 20 | — [30,/90/0/-30,], 16,880 4.14 5.89 | 481 | 14.40 
Baer | B | 20 [-30,/90/0/30,] - 16,880 | 5.22 | 7.42 | 4.81 | 9.30 

BOg Bo | 0 |  [-15/90/15,/0/15,]_ | 23,400 | 5.54 | 5.69 | 8.67 | 5.84 

Boh | B 0 [45,/-45,/153/-75]___| 14,460 | 7.48 | 12.41 | 8.15 | 5.34 

BOi B | 0 [30,/-60,/15,/-75]_ | 14,640 | 6.55 | 10.74 | 14.71 | 9.02 

BOj B | 0 [15,/90/0/-15,] 24,200 | 5.24 | 5.19 | 0.000 | 0.91 

Bok} B | O [454/454] | | 7,850 | 7.61 | 23.3 | 0.000 | 4.33 
BOl B 0 [30,/-30,] | 15,020 | 5.64 | 8.97 | 0.000 | 4.26 

BOm | B 0 [-30,/90/30,/0/30,] _ | 17,030 | 651 | 9.18 | 5.79 | 1.49 

BOn | B 0 [30,/90/30,/0/~30,] _ | 17, 030 | 6.04 851 | 5.79 | 5.80 

B0Oo | B 0 [-30,/30,] | 14,570 | 5.83) 9.61 | 10.89 | 4.08 

BOp | B 0 [30,/-30,] . | 14,570 5.05 | 8.32 10.89 | 10.00 

Bdg | B 0 | [30,/-60,] | 11,200 5.04 | 10.81 | 20.1 | 13.49 |     

non 
  

* The width of the stiffener cap is assumed to be 1.2 in. 
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Additional Composite Panels 

BOg: This panel is similar to panel BOd except the 30° and -30° layers are replaced by 15° 

and —15° layers. As shown in Fig. 1-6, a unidirectional laminate rotated 15° has a very 

large value of 7 xy, x: The values of y xy, x for panels BOd and BOg are -0.76 and -1.23, 

respectively, yet the force coupling response of panel BOd is larger than for panel BOg. The 

lower-than-expected force coupling response of panel BOg is credited to the reduction in 

shear stiffness of the 15° layers, and the panel boundary conditions which have shear loads 

applied at the top and bottom panel edges only. 

BOh: Panel BO,2 was constructed by rotating a [+45/445/0,/90] ; laminate by 20°. The 

force coupling response of panel BO,2 was only 2.54% in the prebuckling load range. 

Panel BOh has a similar construction, except only the 0° and 90° layers are rotated 15°, and 

the +45° layers are not rotated. The prebuckling response of panel BOh has a force cou- 

pling response of 8.15%. 

BOi: This panel is similar to panel BOh. In addition to rotating the 0° and 90° layers 15°, 

the +45° layers are rotated -15°. The force coupling response of panel BOi is 14.71% in 

the prebuckling load range. 

BOj: This panel has zero membrane stiffness coupling and nonzero bending stiffness cou- 

pling. It is similar to panel BOe, except the 30° and -30° layers are replaced by 15° and 

—15° layers. As shown in Fig. 1-6, a unidirectional laminate rotated 15° has a very large 

value of nJ/ yx" The values of ng, , for panels BOe and BOj are -1.06 and -1.67, respec- 

tively, yet the force coupling response in the postbuckling load range for panel BOe is three 

times larger than for panel BOj. This indicates that n f ; 18 not a very good parameter to 

predict the force coupling caused by bending stiffness coupling. The anisotropic parame- 

ters, y and 6, defined in Eq. (6.4) provide better correlation with the force coupling 

response. The values of y and 6 are (0.45,0.25) for panel BOe, and (0.26,0.06) for panel 

BOj. One reason that y and 6 provide better correlation with the force coupling response 

better than nf, ; 18 that the buckling shape of the panels involves bending in both the x 

and y directions. 

BOk, BO}: These panels both have zero membrane stiffness coupling and high bending 

stiffness coupling. Panel BOk has all 45° layers, which causes the panel to have a high 

buckling load, but a very low axial stiffness. 
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BOm: This panel has moderate negative membrane stiffness coupling and positive bending 

stiffness coupling. 

BOn: This panel is equivalent to panel BOm, except the stacking sequence is modified so 

that panel BOn has negative bending stiffness coupling. The combination of negative 

membrane and negative bending stiffness coupling causes the force coupling response of 

panel BOn to be nearly constant over the entire range of loading. 

B0o, BOp: These panels are two more examples of panels with membrane and bending 

stiffness coupling. Panel BOo has positive bending stiffness coupling and the force cou- 

pling response reduces substantially after skin buckling occurs. Panel BOp has the stacking 

sequence changed to give negative bending stiffness coupling, and has a force coupling 

response that is nearly constant over the entire range of loading. 

BOq: The -30° layers of panel BOp are replaced with -60° layers to form panel BOq. Panel 

BOq has the highest force coupling response of all the panels considered, with a value of 

20.12% in the prebuckling load range. 

6.5 Closing Comments 

As can be seen, there are an endless number of combinations of skin and stiffener param- 

eters that can be used to provide a range of responses. Exploitation of this feature of com- 

posites can lead to structural responses simply not possible with metals. The next chapter 

summarizes the findings of this entire study, and sets the stage for further investigation of 

structural tailoring using rotated stiffeners and anisotropic skins. 
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7. Conclusions and Recommendations 

In an attempt to promote the use of structural tailoring concepts in innovative design 

applications, the goal of the present work was to quantify and explain the buckling and 

postbuckling response of composite stiffened panels which are tailored to exhibit axial- 

shear stiffness coupling. Typical applications include structures consisting of stiffened 

panel sections where stiffness tailoring is utilized to control structural deformations. To 

achieve the stated goal, an experimental and numerical investigation of the prebuckling 

and postbuckling responses of composite plates with anisotropic skins and skewed stiffen- 

ers was conducted. The structural configuration considered was a flat rectangular graphite- 

epoxy laminated composite panel with a single centrally located I-shaped graphite-epoxy 

stiffener, subjected to a uniform end shortening. Axial-shear stiffness coupling was intro- 

duced by rotating the orientation of the stiffener, and/or prescribing skin laminates which 

had various degrees of membrane and bending stiffness coupling. As noted earlier, only 

one reference in the literature previously addressed structural tailoring by applying rotated 

stiffeners and anisotropic skins in the same study. In the reference, rotated stiffeners were 

applied in metallic structures and anisotropic skins were applied in composite structures. 

The current investigation is the first to apply both rotated stiffeners and anisotropic skins 

in a Single design, and to consider the postbuckling response of such panels. 

An exploratory experimental program consisting of five stiffened panels was conducted. 

The baseline test panel had an unrotated stiffener and a [+45/445/0,/90] ; skin lami- 

nate. Two panels had either the stiffener or the entire skin laminate rotated 20°, and the 

remaining two panels had both the stiffener and the skin laminate rotated 20°, either in the 

same direction, or in opposite directions. Extensive experimental data were acquired elec- 

tronically during quasi-static tests. Finite element models were defined which accurately 

represented the conditions in the experiments. Geometrically nonlinear finite element 

analyses were utilized to simulate the prebuckling and postbuckling responses of the pan- 
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els. The numerical models were verified by correlating the following measured and pre- 

dicted panel responses: prebuckling and initial postbuckling axial stiffness, axial loads and 

end shortening displacements at skin buckling, axial load vs. end shortening relations, out- 

of-plane deformation patterns and displacements at discrete points, and the axial-shear 

coupling vs. end shortening response. A procedure was defined for computing a net axial- 

shear coupling response from a mixture of measured force and displacement coupling 

responses. The finite element analyses, based on two-dimensional plate elements, were uti- 

lized to estimate the skin-stiffener attachment forces for each panel for applied displace- 

ments equal to the displacements at failure. The predicted skin-stiffener attachment forces 

were studied to gain insight into the effect of stiffness tailoring on the tendency for skin- 

stiffener separation. 

The observed and predicted axial-shear coupling responses of the panels that were tested 

were studied to identify the mechanisms that control the response. The numerical models 

that were verified by correlating the experimental results were employed to conduct a 

parametric study to investigate the sensitivity of the axial-shear coupling response to the 

different controlling mechanisms. The parametric study first considered panels which 

independently assessed the effects of stiffener rigidity, stiffener orientation, skin mem- 

brane stiffness coupling, and skin bending stiffness coupling on the panel’s stiffness, buck- 

ling parameters, and axial-shear coupling response. Then, panels were considered which 

demonstrated combining the effects of more than one mechanism in a single panel. 

7.1 Conclusions 

The conclusions drawn from this investigation are presented according to three major 

efforts of the investigation, namely, 

* accurate modeling and simulation of the response of the panels that were tested 

* characterization of the effect of anisotropic skins and skewed stiffeners on the buck- 

ling response, postbuckling response and failure, and axial-shear coupling response 

of composite stiffened panels based on measured and predicted responses 

¢ exploitation of the identified stiffness tailoring mechanisms to effectively tailor the 

structural response. 
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7.1.1 Accurate Modeling of Postbuckled Stiffened Panels 

The following conclusions can be made regarding the structural modeling techniques 

required to predict accurately the prebuckling and postbuckling responses of the stiffened 

panels: 

¢ Based on the observed deformations of the stiffener cross section, the stiffener 

should be modelled as a branched shell, rather than a discrete beam. 

e The entire length and width of the test specimen should be modelled, including the 

portion of the specimen that is potted. 

¢ The nominal material properties should be adjusted based on measured laminate 

thicknesses and the prebuckling response of the most benign panel that was tested. 

Laminate thicknesses strongly influence panel buckling loads. 

¢ When testing panels with axial-shear stiffness coupling, the end shortening and 

transverse displacements of the load platens should be monitored. If the test machine 

is designed to apply compressive loads, it should not be assumed that the load frame 

applies a rigid constraint in the transverse direction. For example, during one of the 

tests that was conducted for this study the transverse displacement of the load platen 

was as much as 68% of the end shortening displacement. The model should have the 

ability to simulate a non-rigid constraint in the transverse direction. 

¢ Although initial geometric imperfections have very little affect on the load vs. end 

shortening response, they may assist the numerical analyses in finding solutions near 

the bifurcation buckling load. If the imperfections are based on measured shape 

imperfection data of the test specimens, then the imperfections are likely to encour- 

age numerical solutions with deformations that are of the same sign as the observed 

response. 

¢ For thin shell structures with small values of u,,, tolerances during machining and 

test fixturing may substantially affect the load introduction. Nonuniform initial dis- 

placements may be introduced in the numerical model in order to simulate local non- 

uniform load distributions during initial loading. These effects tend to influence the 

local response and may not affect the global response of a panel. 

The above modeling techniques were applied to simulate the response of the five test spec- 

imens. Correlation of the measured and predicted responses was achieved to the following 
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degree for 4 of 5 panels: 

* The values of the buckling parameters were within 8%. 

¢ The prebuckling and initial postbuckling stiffnesses agreed to within 4%. 

« The axial load vs. end shortening responses differed by a maximum of 8% over the 

entire range of loading. 

In addition, linear bifurcation buckling analyses with v = 0 and nonlinear static analyses 

with v = v? predicted buckling loads that were within 2% of each other. The predicted 

prebuckling stiffnesses agree to within 2% for the unrotated stiffener, but differed by 9%, 

on average, for panels with the stiffener rotated 20°. The results from linear and nonlinear 

analyses in the prebuckling load range are similar because the prebuckling responses are 

nearly linear. In contrast, postbuckling responses were unquestionably nonlinear, and 

therefore geometrically nonlinear analyses were required to predict the postbuckling 

behavior to within 8% over the entire range of loading as indicated above. 

It was difficult to correlate the axial-shear coupling response of the tests, since the tests 

exhibited mixed force and displacement coupling. A procedure was defined to compute an 

equivalent pure force coupling response from the measured test data. The equivalent pure 

force coupling response reflected the total axial-shear coupling response and was com- 

pared with the predicted pure force coupling response. This type of procedure may have to 

be applied in any study that compares numerical results from models with ideal boundary 

conditions to experimental results which display less than ideal boundary conditions. 

7.1.2 Characterization of the Effect of Skewed Stiffeners and Anisotropic Skins 

The following conclusions can be made for the configuration and loading that were stud- 

ied in this investigation. The conclusions are based on the measured and predicted 

responses for the panels that were tested and the panels that were considered for the para- 

metric study. When referring to the panels that were tested, ‘nonlinear-predicted’ refers to 

numerical results that were computed from nonlinear analyses using the advanced finite 

element model, and ‘linear-predicted’ refers to results from linear bifurcation buckling 

analyses using a simplified model that ignored measured shape imperfections, nonuniform 

initial loading, and non-zero v displacement. 

Buckling Response 

Rotating the stiffener reduces the buckling load, partially because of the reduction in the 
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load carried in the stiffener, but mostly due to the related increase in the distance from the 

stiffener to the knife-edge support in two quadrants of the panel. In the all-aluminum pan- 

els with the nominal stiffener, rotating the stiffener by 10° and 20° caused reductions in the 

buckling load of 7% and 21%, respectively, relative to the panel with the unrotated stiff- 

ener. For the composite panels that were tested, rotating the stiffener 20° caused the mea- 

sured, nonlinear-predicted, and linear-predicted buckling loads to reduce by 17%, 25%, 

and 26%, respectively. 

For panels with an unrotated stiffener, skin anisotropy reduces the buckling load relative 

to panels with minimal skin anisotropy. For the panels with an unrotated stiffener that were 

tested, rotating the skin 20° caused the measured, nonlinear-predicted, and linear-predicted 

buckling loads to decrease by 3%, 10%, and 10%, respectively. In the parametric study 

(panels BOc, BOd, BOe, and BOf), the reductions in buckling load due to skin membrane 

stiffness coupling, bending stiffness coupling, and combined membrane and bending stiff- 

ness coupling, were 9%, 14%, and 19%, respectively, relative to the panel with minimal 

anisotropy. 

When the stiffener is rotated 20°, skin anisotropy typically reduces the buckling load rel- 

ative to panels that have the stiffener rotated 20° and skins with minimal anisotropy. For 

the panels with a rotated stiffener that were tested, rotating the skin 20° caused the mea- 

sured, nonlinear-predicted, and linear-predicted buckling loads to decrease by 8%, 7%, 

and 3%, respectively. Rotating the skin -20° caused the measured, nonlinear-predicted, 

and linear-predicted buckling loads to decrease by 7%, 9%, and 9%, respectively. Panels 

in the parametric study with the stiffener rotated 20° and anisotropic skins (panels B2d, 

B2dr, B2e, and B2er) demonstrated that negative membrane stiffness coupling increased 

the buckling load by 12%, while positive membrane stiffness coupling decreased the 

buckling load by 18%, relative to a panel with minimum skin anisotropy (panel B2c). 

Negative and positive bending stiffness coupling caused reductions in the buckling load by 

24% and 4%, respectively. 

Postbuckling Response and Failure 

The values of the geometric and material parameters of the skins and stiffeners that were 

considered in this investigation are representative of a lightly loaded stiffened panel with 

postbuckling strength. All of the panels buckled at strains that were a small fraction of the 

ultimate strain for the material. During loading each panel initially remained flat, and then 
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deformed smoothly from the flat prebuckled state to a stable postbuckling equilibrium 

state. The postbuckling response of the panels was characterized by reductions in the axial 

stiffness and substantial out-of-plane deformations in the skin. 

When a panel’s skin buckles, there is an immediate reduction in the panel’s axial stiff- 

ness. For the panels that were tested, the initial postbuckling axial stiffness of each panel 

was 57% to 68% of the prebuckling axial stiffness for the same panel. As the loading 

increases, the axial stiffness continues to reduce slowly. For all of the configurations con- 

sidered in this study, when u = 4 u,, the panel’s axial stiffness was approximately 50% of 

its prebuckling axial stiffness. 

When the skin buckles, small increases in the axial load cause large increases in the out- 

of-plane deformations in the skin. The skin panel deforms into a shape with multiple half 

waves, and the development of the postbuckling deformation with increasing load is 

highly nonlinear. For the panels that were tested, the observed out-of-plane deformations 

in the skin were as large as 3 to 4 times the skin thickness. Based on the results presented 

in this study, the following conclusions may be drawn regarding the effects of stiffener 

rotation, stiffener rigidity, and skin anisotropy on the postbuckling deformation: 

¢ Panels with unrotated stiffeners and skins with minimal anisotropy have postbuck- 

ling deformations that are essentially antisymmetric with respect to the panel center- 

line. 

* The postbuckling deformation was largest in the skin. The open-section stiffeners 

participated in the buckling deformation by way of the attachment flanges bending 

and twisting, but the overall out-of-plane displacements of the stiffeners were negli- 

gible. The more-rigid stiffener displayed less cross-section deformation and caused 

the skin to buckle into a higher number of half waves. 

* Rotating the stiffener causes the skin deformations to be skewed, particularly in the 

skin locations that are immediately adjacent to the rotated stiffener, and the out-of- 

plane displacements are not inversely symmetric with respect to the panel centerline 

or the stiffener centerline. For the all-aluminum panels with the nominal stiffener, 

rotating the stiffener 10° did not change the deformations by very much relative to 

the unrotated stiffener case, but rotating the stiffener 20° caused the deformations to 

change substantially. If the stiffener is rotated, the skin sections are tapered in width. 

The tapered width may cause the skin to buckle into a shape with fewer half waves, 
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and the out-of-plane deformations are larger and develop first in the quadrants of the 

panel where the unsupported width of the skin is larger. Poisson expansion of the 

skin causes transverse displacements in the skin which create prebuckling out-of- 

plane deformations when the stiffener is rotated. 

* For panels with unrotated stiffeners and anisotropic skins, membrane stiffness cou- 

pling can create shear loads which cause slight skewing of the postbuckled out-of- 

plane deformation. Bending stiffness coupling can create substantial skewing in the 

postbuckling deformation. The direction of skewing in the skin deformation is 

reversed if the signs of the stiffness coupling terms are changed. 

¢ For panels with rotated stiffeners and anisotropic skins, bending stiffness coupling in 

the skin can be used to create skewness in the postbuckling deformation that is either 

in the same direction, or the opposite direction, as the skewing caused by the rotated 

stiffener. 

The shape of the postbuckling deformation is significant since it may influence the 

strength of the panel. In this study, as in nearly all experimental studies of postbuckled 

composite stiffened panels, the panels exhibited substantial postbuckling strength and 

failed due to skin-stiffener separation. The experimental failure loads reported in the cur- 

rent investigation indicated that rotating the stiffener 20° caused an average of 33% reduc- 

tion in panel strength. Rather than attempt to predict the complex three dimensional stress 

state in the skin-stiffener interface, the current study examined results from analyses based 

on plate elements to assess the effect of structural tailoring on the tendency for skin-stiff- 

ener separation in the panels that were tested. The skin-stiffener attachment forces and 

moments were reported and related to the local deformations of the skin. The results indi- 

cated that even though the ultimate loads for the test panels with an unrotated stiffener and 

a rotated stiffener were quite different, the predicted skin-stiffener forces and moments 

were comparable. It is concluded that the shape of the postbuckling deformation signifi- 

cantly influences the stress state in the skin, deformations of the stiffener, and the stress 

state in the skin-stiffener attachment interface. 

Axial-Shear Coupling Response 

The most enlightening aspect of the current study was the unique axial-shear coupling 

responses that were obtained by rotating the stiffener and/or introducing anisotropy in the 

skin. 
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The experimental results provided the first evidence of unique structural behavior. The 

experimentally-measured axial-shear coupling responses consisted of a mixture of force 

and displacement coupling that made the responses difficult to interpret. To assess the total 

axial-shear coupling response, a method for combining the mixed response into a single 

equivalent force coupling response was suggested and validated. The equivalent and pre- 

dicted pure force coupling responses for the panels that were tested supported the follow- 

ing initial conclusions: 

¢ The configuration with a unrotated stiffener and an unrotated skin has very little 

force coupling. 

* Rotating the stiffener only creates force coupling that increases after the skin buck- 

les. 

* Rotating the skin only creates force coupling that decreases after the skin buckles. 

¢ The two effects may be superimposed by rotating the stiffener and the skin. If the 

stiffener and skin are rotated in the same direction, the net force coupling response is 

larger. If the stiffener and skin are rotated in opposite directions, the effects partially 

cancel and the net force coupling response is smaller. 

A parametric study was conducted to isolate and examine the mechanisms which contrib- 

ute to a panel’s pure force coupling response. Based on the results of the parametric study, 

the following conclusions are drawn: 

* Rotating the stiffener 10° creates a force coupling response that is constant in pre- 

buckling and increases in magnitude after skin buckling. 

* Rotating the stiffener 20° creates a force coupling response that has the same behav- 

ior and the magnitude of the response is larger. 

¢ Increasing the rigidity of a rotated stiffener increases the magnitude of the force cou- 

pling response. 

¢ Membrane stiffness coupling in the skin creates a force coupling response that 1s 

constant in prebuckling and decreases in magnitude after skin buckling. The force 

coupling in prebuckling correlates well with the value of n xy, , for the laminate. 

¢ Bending stiffness coupling in the skin creates a force coupling response that is zero 

in prebuckling and increases in magnitude after skin buckling. The increase after 

skin buckling correlates well with the laminate’s anisotropic parameters, and 6. 
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¢ The nonlinear increase in the magnitude of the force coupling response that occurs 

after skin buckling when the stiffener is rotated or the skin has bending stiffness cou- 

pling is attributed to skewing of the skin’s postbuckling deformation. 

e When more than one mechanism is applied, the contributions from each mechanism 

are superimposed. 

* The force coupling responses of each mechanism are sign dependent. Changing the 

sign of the stiffener rotation, the skin’s membrane stiffness coupling, or skin’s bend- 

ing stiffness coupling changes the sign of the force coupling contribution. 

Since the stiffener rotation and rigidity, and skin membrane and bending stiffnesses can be 

tailored independently, panels may be designed to exhibit very unique axial-shear cou- 

pling responses. By applying rotated stiffeners and anisotropic skins, stiffened panels may 

be designed which have axial-shear coupling responses which are positive, or negative, 

and either increase, decrease, or remain constant after skin buckling. Two panels were 

shown in the study that demonstrated a force coupling response that was nearly constant 

throughout the entire load range. One panel combined a positive stiffener rotation and neg- 

ative membrane stiffness coupling, while the second had an unrotated stiffener and a skin 

with negative membrane and negative bending stiffness coupling. Another example com- 

bined a positive stiffener rotation and a skin with positive membrane stiffness coupling to 

give a response that was negative in prebuckling and became positive in the postbuckling 

load range. 

7.2 Recommendations for Further Research 

The present study was the first experimental and numerical study to consider structural 

tailoring of composite stiffened panels by utilizing both skewed stiffeners and anisotropic 

skins, and the first to examine the axial-shear coupling response of panels in the postbuck- 

ling load range. There are a number of issues which are felt to be important but were not 

considered in the present study. Some suggestions for further research are: 

1. The seemingly endless number of combinations of skin and stiffener parameters that 

may be applied to tailor the structural response suggests implementation of an optimi- 

zation scheme. The behavior observed in the current study seems to be well behaved 

and should lend itself to optimization studies. 
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. The laminates considered in the current study were symmetric and exhibited a constant 

axial-shear coupling response in the prebuckling load range. The current study could be 

extended to consider unsymmetric laminates where coupling between inplane extension 

and transverse bending would cause out-of-plane deformations and a nonconstant axial- 

shear coupling response in the prebuckling load range. 

. The current study concentrated on the effect of several tailoring mechanisms on the 

panel’s global structural response. The subject of how different mechanisms affect the 

local load distribution and interaction of the structural components should be consid- 

ered. 

. The issue of failure of stiffened panels by skin-stiffener separation is one local response 

that will require indepth analyses. Simplified analyses bases on plate elements may pro- 

vide insight into the local deformations and net forces between structural components, 

but more sophisticated models are required to predict failure. A global-local modeling 

technique may prove to be useful for this purpose. 

. The axial-shear coupling response may be sensitive to the inplane boundary conditions. 

The current study considered cases which had no inplane load on the left and right 

edges of the panel. Cases with biaxial loads or shear loads on all four edges should be 

considered. Tailored axial-shear coupling responses may be particularly interesting in 

cases with mixed loading, especially if the ratio of the loads varies with increasing load 

level. 

. The present work should be extended to examine the postbuckling response of multi- 

bay panels and built-up structures with skewed stiffeners and anisotropic skins. A few 

suggested configurations for multi-bay panels are shown in Fig. 7-1. The panel shown 

    
   

  

(a) All stiffeners rotated y 

   
    x xk 

(c) Rotated ortho arid 

Fig. 7-1 Suggested multi-bay panels 
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in Fig. 7-1(a) has all the stiffeners rotated and the skin sections do not get wider when 

the stiffeners are rotated. Thus, the reduction in the buckling load associated with stiff- 

ener rotation that was observed in this study should not be as severe for this case. 

. Having demonstrated the use of innovative design concepts to obtain unique structural 

behavior, the challenging task of identifying applications which can benefit from the 

tailored response should be pursued. 
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Appendix A: Mechanics of Composite Plates 

The term composite, as used in the context of materials for structural applications, gen- 

erally describes a matrix material reinforced with continuous filaments. The terminology 

and nomenclature used in the field of composites varies from one reference to another. The 

current work contains equations taken primarily from the two textbooks, Mechanics of 

Composite Materials by R. M. Jones (Ref. Al), and Nonlinear Analysis of Plates by C. Y. 

Chia (Ref. A2). 

A.1 Single-Layered Configurations 

A lamina is a single layer of unidirectional or woven fibers impregnated by a matrix 

material. The fibers are typically strong and stiff, and are the primary load-carrying com- 

ponent. The matrix material may be organic, ceramic, or metallic, and functions primarily 

to support the fibers and provide a media for introducing load into the fibers and transfer- 

ring load between fibers. A sketch of a lamina with unidirectional fibers is shown in Fig. 

A-1. The material principal directions are shown with the 1-axis along the fiber direction, 

the 2-axis perpendicular to the fibers and in the plane of the lamina, and the 3-axis perpen- 

  

Fig. A-1 Lamina with unidirectional fibers; 1-2-3 material principal directions 
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dicular to the plane of the lamina. This lamina has material property symmetry in the 1-3 

plane and the 1-2 plane. For structural level analyses the properties of the fibers and matrix 

material are smeared to define a homogeneous material with equivalent orthotropic mate- 

rial properties. Material behavior is assumed to be linear elastic. Typical material proper- 

ties for a lamina made of unidirectional Hercules, Inc. AS4 fibers and Hercules, Inc. 3502 

epoxy matrix material are given in Table A-1, 

Table A-1 Typical Material Properties: Hercules AS4-3502 Graphite-Epoxy (Ref. A3) 
  

  

E, 19.40 Msi 

E, 1.48 Msi 

Gio 0.82 Msi 

Vio 0.300 

Vy 0.62 (Ref. A4) 

tly 0.00550 in. 
  

  

where 

E. = Young's moduli in the i-direction 

shear moduli in the i-j plane 

V.. = Poisson's ratio for transverse strain in the 
4 a (A.1) 

j-direction when stressed in the i-direction 

< II f fiber volume fraction 

o
o
 li nominal ply thickness 

For the lamina shown in Fig. A-1, a plane stress state is defined when the stress compo- 

nents O,, T),, and T,, are zero. The stress-strain relations in principal material coordi- 

nates for an orthotropic lamina under plane stress, subjected to forces in the 1-2 plane, are 

0; Q1, 2 9 e) 

o,f = 10,0, 0 E, ; (A.2) 

V1 0 0 Del Yio 

where the reduced stiffnesses, Q. j> are defined in terms of engineering constants as 
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Fig. A-2 Lamina with unidirectional fibers rotated 6 from 

x-y-z geometric coordinate axes 

0, = —1— 1 = 
1—Vj5Vo) 

12 1=V9V94 (A.3) 

E 2 
Qx = l-v,,v 12V2) 

O66 = Gir 

and v.,, is defined by the reciprocal relation 

Voi _ Via 
E, = E, . (A.4) 

—
 

If the lamina fiber orientation is rotated by an angle 6 as indicated in Fig. A=2, then the 

stress-strain relations in the x-y coordinate system are 

ox Qi, Qir Qie| | Fx 

Sy = |Qi2 Or. Dre} 7 ®y , (A) 

Tay O16 Qr6 Q66) Vay 

in which the transformed reduced stiffnesses, are ij? 
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a, . 3 

= (Q);- Q)7— 2Qe6) sin OcosO + (Q)9 — Qo) + 2Q 66) sin8cos 9 

(Q,, + Qo, — 2045 — 2Q¢6) sin’@cos’@ + 066 (sin“@ + cos ®) co
 

SO
 

R 
& 

No 

A.2 Multiple-Layered Configurations 

A laminate is defined as two or more laminae bonded together to act as one structural 

element. The orientation of each lamina, @, is defined with respect to the x-y geometric 

coordinate axes. An expanded view of the upper half of an eight layer [£45/0/90], laminate 

is shown in Fig. A-3. Each lamina in the laminate is assumed to be in a state of plane 

stress, and the stress-strain relations of the k¢ Jamina can be expressed as 

ox Qi, Dir Die} | Ex 

yf = |Qi2 Orr Dre} 4 €y (A.7) 

Tey k [O16 Do6 Doo}, Vay? k 

The stiffness of a laminate is derived from the properties of the constituent laminae by 

applying classical lamination theory. Classical lamination theory, commonly referred to as 

CLT, is based on a number of hypotheses regarding stresses and deformations. These 

hypotheses are: 

¢ Each lamina is in a state of plane stress. 

e A laminate is assumed to consist of perfectly bonded laminae. Therefore, displace- 

ments are continuous across lamina boundaries. 
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Fig. A-3 Expanded view of top half of [+45/0/90], laminate 

¢ The Kirchhoff hypothesis is assumed to be valid. That is, for a thin plate, a line orig- 

inally straight and normal to the reference surface of the plate remains straight and 

normal when the plate is subjected to extension and bending. Thus, the transverse 

shear strains y,, and Yyz are equal to zero. Also, the length of the normal is pre- 

sumed to be constant (€, =0). 

The implications of the Kirchhoff hypothesis on the laminate displacements u, v, and w 

in the x-, y-, and z-coordinate directions are demonstrated by the laminate cross section in 

the x-z plane shown in Fig. A-4. In the deformed cross section, the displacements in the x- 

and z-directions of a point on the reference surface are u, and w,, respectively. Point C 

lies on a line that in the undeformed cross section is straight and normal to the reference 

surface. Application of the Kirchhoff hypothesis specifies that in the deformed cross sec- 

tion: 

¢ The line through point C remains straight. Thus, if this line rotates by an angle w, 

about the y-axis, then 

Uc = U,t+Z%O, . (A.8) 
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Fig. A-4 Kirchhoff hypothesis for deformation in the x-z plane 

¢ The line through point C remains normal to the reference surface. Thus, in the 

deformed cross section, Wy is the rotation of the reference surface about the y-axis, 

that is, 

-] ow, ow, 

@, = tan -5; =-~— , (A.9) 

where it is assumed that the rotation is moderate, i.e., Oy< 20°. Therefore, by Kirchhoff’s 

hypothesis the displacement in the x-direction, u, at any point through the thickness of the 

laminate is 

0 u(x, y,2) = uj (%y)-2? (A.10) 
Ox 

Following the same procedure for a laminate cross section in the y-z plane, the displace- 

ment in the y-direction, v, at any point through the thickness of the laminate can be derived 

as 

v(x, y,Z) = v, (my) -20% (A.11) 
oy 
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Since the Kirchhoff hypothesis also assumes that the length of the normal is a constant, for 

moderate rotations, the displacement in the z-direction is uniform through the thickness of 

the laminate, 1. e., 

w(x, y,Z) = w,(% y) (A.12) 

A.3 Nonlinear Strain-Displacement Relations 

For finite deformations of an elastic body, the strain-displacement relations in a 

Lagrangian description are, using idicial notation, 

1{ Ou; du, du,du, 
€.. = =| ——+=-+=—.~— A.13 

J i Ox, Ox.0x. (A.13) 
j i mj 

The €, ; are components of the so-called Green’s strain tensor. The Lagrangian description 

indicates that the spatial coordinates x1, x2, and x3 (1.e., x, y, and z) refer to the initial unde- 

formed configuration. Green’s strain tensor (A.13) can be written in the form (Ref. A2) 

    

_ 1f 2 1 21 2 
€é.= ex +5] ext 5eyx + ®, + 5ecx— Dy | 

= 64316 +(5e5-@) +{Udeet on). €, = e, 5| yt 5 oxy ~ + Fe y2 + ®, | 

_ 1] 2 € y € 27 

Pe Ce 2182 F\ 22s F Oy) FL 7% Ox) (A.14) 
_ 1 1 1 1 

Evy = Cxy te, Foxy ®, +e, 7eyx + ®, + ocx Vy rez t Ox 

_ 1 1 1 1 
Ey, = ly, + ey 5ey2 ~ Ox +e, 5ezy + ®, + 5 oxy ~ Oz 5 exz t Oy 

_ 1 1 1 1 
fox = ey t ey 7oxz t OY +e, Fox Oy + 7° yz Ox Foxy +O, 

where €,, are nonlinear strains, e, j are linear strains, and @, are the rotations about the i- 

and €__,are axis. The shear components of strain in engineering, represented by € xy? & ax? 
yz’ 

twice larger than the corresponding shear component of the strain tensor. The linear strains 

and rotations are defined by 
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e = ou e = ov €e = ow 

* Ox yoy zz 

_ ow , ov _ du , ow 

“2 Oy "Oz er Oz * Ox (A.15) 
e _ ou ov oO = (aw _9v) 

*yY dy ax x 2\dy az 

_ 1 Qu _ ow) _ 1 ov ou 
Oy = 3 oz Ox O25 ox oy 

where u, v, and w are the displacement components in the x-, y-, and z-directions, respec- 

tively. Introduction of Eqs. (A.10), (A.11), and (A.12) into Eqs. (A.15) yields 

_ Ou, ow _ Ov, Jw 

du, ov, > w 

x ~ By 7 Ox Oxdy 

du, ov, yw (A.16) 

@ _ ow @ _ ow @ _l ov, du, 

a) i a ie Ca 
e =0 e =0 , 

where the o subscript on w has been omitted for convenience. Substitution of Eqs. (A.16) 

into Eqs. (A.14) yields 
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y yay dy ay dy  dxdy dy 

mene z 2L\dx oy 

_ du, OV, 5 >) w Ou, yw (S yw 

2 2 
{2% om eae -(28)(2) 

dy “9y? dx “dxdy dx /\dy 

€ = OVo aw (- 2”), Oly aw (_ 2 
ye | ay “Oy dy oy “Oxdy Ox 

2 2 

«= | Ote_ Ow (2) ,(_2”) Wve ow 
x | Ox Ox. Ox dy/\dx “dxdy 

In cases when the thickness of a plate is much smaller than the other plate dimensions, 

the higher-order terms containing z may be eliminated and Eqs. (A.17) may be simplified 

to yield 
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(A.18) 

_ _ du, dv, aw du, du, dv, . ( 2») 2) 
Yay = xy = Fy +O 7 Oxay * | Ox Oy *l Oy ox TDy dy 

a uy 0} ua 

“8 = lay ray) * ay as 
_ | aw) ,{%)(_ aw) 

fx (Ox J Ox) ax JX Oy], 

where the common practice of representing the engineering shear strains by y; j has been 

~ ‘< N 

| 

Vex 

introduced. 

Eqs. (A.18) can be rewritten as 

— oO _— oO _— oO €. = €°+2K, €, = EF +2K, Vay = ¥2, +2, (A.19) 

B= FF Me = ye ew = Vex 

where k,, K, and « xy are the curvatures at the reference surface (z = 0) given by 

a1 a a w w w 
K_ = -—— K, = -—~— K.. = -25—~— _ , (A.20) 

x Ox- y ay’ xy O xoy 

and €°, E> €°, 12, y°,,and y yz? are reference surface strains defined by Oo 

Zx? 
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5 OMe || 2. (2) 
Ee > Ox Talon J lox | T\Ox 

Oo dv, | Ov, ; du, ? (=) 

y 

(A.21) 
5, Oh OM, du, || Ou, me ( ( 2» )( aw 

Yay = By Ox * Ox Jldy ) 7 ay Slax )* ax Ady 

du, ( ow) 

(3 “Ox 
Oo du, ow) Ov, ow) 2 EI BARI 

Under the conditions of small strain and moderate rotations, Eqs. (A.21) may be further 

simplified to 

6° = Oy L( aw) 
x 2\dx 

dv, ifaw) 
ey = oy +32) 

£9 = Lf)" () (A.22) 2 x y 

du, Ov, (dw ow 

Yay = Oy * Ox (2%) 
12, = 0 
Yer = 0 

For small strains and small rotations, Eqs. (A.22) reduce further to 

Ou ov ; Ou 6 Ov ° 

x Ox y =~ dy Yay = Oy Ox (A.23) 

ee=0 yo =0 2 =0. 

187



The expressions for the reference surface strains as defined in Eqs. (A.21) through Eqs. 

(A.23) represent three levels of complexity and accuracy in representing nonlinear behav- 

ior. The most accurate definitions for the reference surface strains, as shown in Eqs. 

(A.21), are used in the STAGS finite element code (Ref. A5) for the 4-node displacement- 

based quadrilateral shell element (element 410, Ref. A6). The simplified definitions shown 

in Eqs. (A.22) correspond to von Karman nonlinear plate theory and are the most com- 

monly used form of nonlinear strain-displacement relations. The most simplified defini- 

tions, shown in Eqs. (A.23), are linear strain-displacement relations with no coupling 

between inplane and out-of-plane displacements. This form is used when considering lin- 

ear elasticity only, as is the case in many texts when presenting classical lamination theory. 

Independent of which definition is used for the reference surface strains, application of 

Kirchhoff’s hypothesis does imply a linear variation of strain through the thickness of the 

entire laminate. The strain relations in Eqs. (A.19) can be written in matrix form as 

oO 

e. ey Ky 

rn a Ey +z} Ky (A.24) 

Oo 
Y xy Yxy Ky 

By substituting Eq. (A.24) into Eq. (A.7), the stresses in the Kh layer of a laminated plate 

can be expressed in terms of the laminate reference surface strains and curvatures as 

oO oO 
x Q1, Qi2 Qe ey K, 

yf = |Q12 Do Dre ey ( +27 Ky (A.25) 

Ty k  |Qi6 Qo6 Qe kN SV ey Ky 

Since Q;, can be different in each layer of the laminate, the strain variation which is linear 

through the thickness gives a stress variation which is piecewise linear and most likely dis- 

continuous from one layer to the next. 

A.4 Laminate Stiffnesses and Compliances 

As a laminate consists of two or more laminae bonded together to act as one structural 

element, the resultant forces and moments acting on a laminate are obtained by integrating 
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the stresses in each lamina through the thickness of the laminate. For a laminate composed 

of N laminae, or layers, with the laminate reference surface located at z = 0, bottom surface 

at z = hy, and top surface at z = ho, the laminate force and moment resultants are defined by 

N, 0, N 0, 
2 k 

N, -[ 6, p dz = YI O,p dz , (A.26) 
N 1 k=1 k-1 1 

xy Tey xy’ k 

Q 2|7t N k T 
‘| -f hae yf ee dz (A.27) 

2, My yz kat “1 ye" k 

and 

M.. 0, N x 

2 k 

M, -f G, (zdz = LI O,( zdz , (A.28) 

M,y Try xy’ k 

in which N.. ,N y? N xy are membrane forces, Q. ; Q, are transverse shear forces, and M x? 

M, ; M,y are bending and twisting moments, all per unit length (width) of the cross sec- 

tion of the laminate, and z,, and z;,.; are the z values at the top and bottom of the k” layer. 

The force and moment resultants are shown in Fig. A-5. Eqs. (A.26) and (A.28) can be 

expressed as 

Nh AB {°"} | (A.29) 
M BDi tx 

where 

N, M, e¢ K, 
N= N, M= M, €° = 4 kK = )K, 

Ny My 8) xy 
(A.30) 

Ar, Ay2 Are By, By, Big Di; Diy Dig 

A = |Ay, Any Arg B= |Byy Boy Bog D = |D1y Dy Dyg 

Aig Ang Age Big Boe Bee Dig Dy 66



  

Fig. A-5 Directions of positive stress resultants and moments on a flat laminate 

The elements Aj, B;;, Dj; in Eqs. (A.30) are given by ip Bip 
N 

A, = f (Q;;) ,dz = » (Qj) , (ZZ _ 4) 
k=1 

SY) (Bij) 4 (See) (A.31) 
k 

N 

=1 

2 1 N 2 3 3 
D; = j, (Qi;) ,2 dz = 3), (Os) , (2-2-1) 

k=1 

N
L
R
 2 

B; j (Q;;) raz 

1 

in which A;; are the membrane stiffnesses, B;; are the coupling stiffnesses, and D;; are the 

bending stiffnesses. 

The stiffnesses Bj; represent coupling between inplane extension and transverse bending. 

In the current work, all laminates are symmetric with respect to the laminate reference sur- 

face. Therefore, 0; is an even function of z and the coupling stiffnesses disappear (Bj; = 

0). Thus, Eq. (A.29) simplifies to 

Lye ae 
Or 
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K 
x Ay Aj) AX6 x Di, Di» Dig x 

— Oo —_ 

Ny ~ Ay) Ay» Ay¢ fy M, ~ Dy» Dy D6 Ky -  (A.33) 

Ny Aig Arg Age] SY2 My Dig D6 PDo66\ Kxy 

The Ajg, and A» terms represent coupling between the inplane extension and shear 

strains. These terms are a simple through-the-thickness integration of 01¢, Q.. for each 

lamina forming the laminate. For a balanced laminate, i.e., one having an equal number of 

laminae at +8 and -9 orientations, these coupling terms are equal to zero. The Dj, and Dy, 

terms represent coupling between the out-of-plane bending and twisting curvatures. For 

orthotropic laminates (lamina oriented at 0° and 90° only), these terms are equal to zero. 

In many situations the applied loads are known and the resulting strains are unknown. 

Therefore, it is often convenient to express the reference surface strains and curvatures in 

terms of the force and moment resultants. Equation (A.33) can be expressed in inverted 

form as 

€° N K M 
* 211 412 16 x x di, dyn dig x 

€° = N K = M 
y 417 492 46 y y diy Ay. Ay¢ y , (A.34) 
oO 

Yxy B16 Iy6 I¢6| Nyy Ky dig Ag deg) May 

where [a] = (Ay! and [d] = (py. The [a] and [d] matrices are the laminate membrane and 

bending compliances, respectively. 

A.5 Equivalent Engineering Constants 

The stiffness and compliance matrices defined in the previous section can sometimes 

elude physical understanding. To simplify matters, laminate stiffnesses can be expressed in 

terms of equivalent engineering constants. These constants are listed in Ref. A7 and can be 

derived from Eqs. (A.34) by considering the strains for load cases which have only one 

force or moment resultant applied, and all other loads are equal to zero. Equivalent engi- 

neering constants are average properties which, if applied to a homogeneous plate of the 

same thickness, would provide the same stiffness as the laminate. 

Some of the equivalent engineering constants for inplane loading are 
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1 1 1 Eo=—— Ee = Go, = — 
x ha,, y ha,, y hag. 

(A.35) 

yo = —412 7°. = 416 

ai ye ayy , 

where h is the thickness of the laminate. The constants EF?, EY , and Gy, are moduli and 

reflect the stiffness of the laminate when subjected to a single inplane load, N,, Ny; or 

N x respectively. The constant Vyy is Poisson’s ratio which characterizes contraction in 

the y-direction caused by an inplane load in the x-direction. The constant n xy, ; 1S the coef- 

ficient of mutual influence of the second kind. It characterizes shearing in the x-y plane 

caused by an inplane load in the x-direction. 

Analogous relations are also defined for the flexural constants. Some of the equivalent 

engineering constants for bending are 

      

Ef = 12 Ef = 12 Gf = 12 
x 3 y 3 xy 3 

(A.36) 

f- dy f= —di6 

My Sg, ne 11 

The constants Ef, ES , and Gf are moduli and reflect the stiffness of the laminate when 

subjected to a single bending moment, M,, M yr Or M xy? respectively. The constant v J y 1S 

Poisson’s ratio which characterizes the curvature in the y-direction caused by a bending 

moment in the x-direction, M,. The constant nf, , 18 the coefficient of mutual influence 

of the second kind. It characterizes twisting caused by a bending moment in the x-direc- 

tion, M.. 

A.6 Stiffness Computations for Built-Up Structures 

The discussions above represent stiffness computations for thin laminated plates. If a 

structure is created by joining thin plate components, and the cross section of the structure 

does not warp during deformation, then it may be possible to represent the stiffness of the 

structure by the sum of the stiffnesses of its components. A box beam, as shown in Fig. A- 

6, is a common example of a built-up structure that is fabricated by joining thin plates. 

The box beam consists of lower and upper face sheets and two webs which close the sec- 
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Fig. A-6 Simple box beam with lower and upper face sheets, Skin(1) and Skin(2) 

tion. In Fig. A-6 the lower and upper face sheets of the box beam are labeled as Skin(1) 

and Skin(2), respectively, and local z-coordinates, z, and z, correspond to the through- 

thickness location in each face sheet. If the cross sectional area of the webs are small rela- 

tive to the cross sectional area of the skins, the stiffness of the box beam is often approxi- 

mated by assuming that the face sheets are the primary load carrying components, and that 

the web stiffness may be ignored. If these assumptions are made, then the membrane stiff- 

ness of the box beam (A;)°™ can be expressed in a format consistent with that defined for 

a laminate in Eq. (A.31), namely, 
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(A;,) — J (Qjj) ,4z 

  
/ ; , (A.37) 

(2, + +) (2, + 2) 

= J (O;;) a + J (O;;) az 

t t 

(2, ~ 2) (2, ~ 2) 

If the z-coordinate is replaced with the local coordinate in each face sheet, 

Z, = 2-2, da, = dz 
(A.38) 

Zo = 2-Zy dz, = dz , 

then Eq. (A.37) can be written as 

t t 

(3) (3) 
(4) =| | Opiate | Ope Uy 7 ko] Wy? k~*2 (A.39) 

(3) (3) 
(A,,) SKM) + (A) Skin) 

Thus, when the stiffness of the webs is ignored, the membrane stiffness of the box beam is 

a simple summation of the membrane stiffness of each face sheet. 

)Pox Similarly, the bending stiffness of the box beam (Dj; can be expressed in a format 

consistent with that defined for a laminate in Eq. (A.31). 
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box (Dy =| | By) eae 
t 

(2-4) 
/ (A.40) 

(2, +2) (2,42) 

=| | @pgra+ | Opera 
t t 

(2-2) (2-3) 

If the z-coordinate is replaced with the local coordinate in each face sheet, 

Z) = 2-Z dz, = dz 
(A.41) 

Z, = 2-2, dz, = dz 

then Eq. (A.40) becomes 

t (3) 
D.)°™ = 2422.2, + (Z,)2] dz ( ij) = (Q;;) , [ (2) F227)2, + (2,) ] <] 

t (3) 
(A.42) 

If the laminate membrane and bending stiffness definitions of Eq. (A.31) are applied, Eq. 

(A.42) can be expressed as 

box . . . 

(Di) = (2)? (Ag) PO + 2z, (By) 9) + (Dy) SO) (A.43) 
+ (Z5) 2 (A;,) Skin(2) + 22, (B;,) Skin(2) + (D;,) Skin(2) 

If the face sheets are symmetric, then Bi = 0 and Eq. (A.42) reduces to 

box : . 
(Dy) — (Z,) 2 (Aj) Skin(1) + (D;,) Skin(1) (A 44) 

+ (25) 2 (A,) Skin(2) + (D,,) Skin(2) 
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Thus, when the stiffness of the webs is ignored and the face sheets are symmetric, the 

bending stiffness of the box beam is the summation of the bending stiffness of each face 

sheet plus the product of the face sheet’s inplane stiffness times the square of the distance 

of the face sheet from the box beam’s neutral axis. 

Consider now the relative magnitude of the terms in Eq. (A.44). The box beam shown in 

Fig. A-6 has face sheets that are thin compared to the web height. Therefore, 

(z,)?> (Z,)? and (z,)*> (Z,)?. Applying these relations to Eq. (A.42) and using the 

resulting simplified form in Eq. (A.44), it can be concluded that the bending stiffness of 

the box beam (D,)?™ is dominated by the terms in Eq. (A.44) associated with the mem- 

brane stiffness of the face sheets. Also, by considering that a bending load on a box beam 

reduces to predominately membrane loading in the face sheets, especially for thin-walled 

shell structures, then the fundamental conclusion to be drawn from the above discussion is 

that the membrane and bending stiffnesses of a box beam, and other structures formed by 

assembling thin-walled shells, are dominated by the membrane stiffnesses of the individ- 

ual components of the structure. Thus, the membrane and bending stiffnesses of a built-up 

structure should be most effectively altered by tailoring the membrane stiffnesses of the 

thin-walled components. 
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