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(ABSTRACT) 

The aerodynamic-structural-control design of a simplified wing and a forward- 

swept composite wing are studied. In the first example, the wing is modeled as a 

beam with a control surface near the wing tip. The torsional stiffness is the only 

physical property varying along the span. The aerodynamic model is based on 

strip theory, and the control model is based on output feed-back control. With the 

structural-control interaction being the main focus, two different approaches are 

taken for the simplified wing design: (1) a sequential approach, (2) an integrated 

approach. In each approach the wing is designed for minimum weight subject to 

divergence and control deflection constraints. The results of this study indicated 

that while the integrated approach produced a better design than the sequential 

approach, the difference was minimal. 

In the second example, a forward-swept composite wing is designed for a high 

subsonic transport aircraft. The structural analysis is based on finite-element 

method. The aerodynamic calculations are based on vortex-lattice method, and 

the control calculations are based on output feed-back control. The wing is de- 

signed for minimum weight subject to structural, aerodynamic/performance and 

control constraints. Efficient methods are used to calculate the control deflection



and efficiency sensitivities which appear as second order derivatives in the control 

constraint equations. To suppress the aeroelastic divergence of the forward-swept 

wing, and to reduce the gross weight of the design aircraft, two separate cases 

are studied: (1) combined application of aeroelastic tailoring and active controls, 

(2) aeroelastic tailoring alone. The results of this study indicated that, for this 

particular example, aeroelastic tailoring is sufficient for suppressing the aeroelastic 

divergence, and the use of active controls was not necessary.



ACKNOWLEDGEMENTS 

Praise be to Allah, most gracious most merciful, who gave me enough faith, 

patience and perseverance to meet this challenge and succeed. 

I would like to humbly appreciate the guidance of my advisor Prof. Raphael T. 

Haftka who taught me invaluable lessons in optimization and engineering thinking. 

I would like to thank Prof. Bernard Grossman for his most helpful suggestions and 

comments during the course of this study. Furthermore, I am grateful to my other 

committee members, Profs. Eric R. Johnson, Rakesh K. Kapania and Frederick H. 

Lutze for serving on my committee and reading my dissertation. Special thanks 

go to Mr. Eric R. Unger and Dr. Pi-Jen Kao for their contributions in the ar- 

eas of aerodynamic and structures, and to Dr. William H. Mason for his helpful 

suggestions in induced drag calculations. 

My greatest appreciation and admiration are due to my parents, Mohammad 

and Ehteram, whose unyielding determination and unselfish sacrifices made it pos- 

sible for me to come to the U.S., and pursue higher eduction. I dedicate this dis- 

sertation to them. To my sister, Maryam, and brother, Mohsen, and their families 

who supported me greatly through out this endeavor I am utterly thankful. 

To my wife, Grace, who along side me endured the setbacks patiently and 

rejoiced the happy moments cheerfully, I give my sincerest love and gratitude. 

Furthermore, I would like to thank my friends at Virginia Tech and elsewhere, 

who are too many to name, for always being supportive and kind. I will never forget 

them. 

This research was funded partially by the National Science Foundation under 

grant DMC-8615336 and by the NASA Langley Research Center under grant NAG- 

1-224. 

iV



TABLE OF CONTENTS 

ABSTRACT il 

ACKNOWLEDGEMENTS iv 

LIST OF TABLES Vili 

LIST OF FIGURES ix 

1. INTRODUCTION 1 

1.1 Historical Note . 2. 1 2 ww ee ee ee 1 

1.2 Forward-Swept Wing Analysts and Testing .......+-+.++46+.4 4 

1.8 Forward-Swept Wing Applications . . . ... 2... ee ee eee 9 

1.4 Integrated Design and Analysis Approach . 10 

1.5 Previous Work at VPIMSU .. 2... 1. ee ee ee es 12 

1.6 Current Effort. © 6 6 6 6 ee 13 

2. SIMPLIFIED-WING PROBLEM 15 

2.1 Aeroservoelastic Formulation . . 2... 1 ee ee ee ee 17 

2.2 Solution of the Aeroservoelastic Equation... ........24. 20 

2.8 Divergence Calculation . . 2... 1 1 ee ee ee ee 23 

2.4 Control Deflection Calculation ........2.2. +6. 2.24. 24 

3. SIMPLIFIED-WING DESIGN OPTIMIZATION 25 

3.1 Sensitivity Analysis 2... 1. ee 26 

8.2 Sequential Optimization «2 1 1 we 29 

8.2.1 Analytical Structural Optimization . . . . 2... ee ee 29 

3.2.2 Numerical Structural Optimization . . . 2... eee 31 

8.2.8 Structural-Control Optimization . . 1. 2... we ee ee 34 

8.3 Integrated Optimization . 2. 1. ee 36



3.8.1 Solution and Discussion of Results... ..... 2... 

4. FORWARD-SWEPT WING PROBLEM 

4.1 Design Problem . . 2... 1 ww ee ee 

4.2 Design Variables. . 2... 1 ee 

4.8 Design Constraints . . 2... 1 ee ee ee 

4.8.1 Structural Constraints . 2... 1. ee es 

4.3.2 Performance Constraints . . . 2... 1. ee ee ee ee 

4.8.8 Control Constraints . . 2... 1. 1 eee ee ee 

5. MULTIDISCIPLINARY ANALYSIS TOOLS 

b.1 Structural Model. 2. 2. 2 1 1 ee 

5.2 Aerodynamic Model ..... 1... 2 ee ee ee 

3.3 Aerodynamic-Structural Interface... 1... 1 ee ee ee 

5.4 Control Model. . . 2... 2 2 1 ee 

6. AEROSERVOELASTIC ANALYSES AND SENSITIVITIES 

6.1 Aeroelastic Analysis at Maneuver... . . 2... ee ee ee 

6.2 Gust-Induced Control Deflection Calculation . ...... 2... 

6.8 Control Efficiency Calculation. . 2. 2. 2. 1. ee 

6.4 Divergence Calculation . 2... 1 1. ee 

6.5 Aeroelastic Sensitivity Analysis at Maneuver .......2.2.2.. 

6.6 Control Deflection Sensitivity Analysis . . 2... 1 1. ee ee 

6.6.1 O(0B/OAa,)/OP Calculation . . 2... 2. eee 

6.6.2 OAag/OP Calculation . 2... 1... ee 

6.7 Control Efficiency Sensitivity Analysis . 2... 1 1 we ee ee 

6.7.1 0(0M,/08)/OP Calculation for Flexible Wing... ..... 

6.7.2 0(0M,/0B)/OP Calculation for Rigid Wing... ...... 

6.8 Divergence Sensitivity Analysis . 2... 1 we ee ee ee



7. APPROXIMATE OPTIMIZATION PROCEDURE AND 

RESULTS 

7.1 Solution Procedure... . 1... 1 ee ee ee ee 

7.2 Optimization Results . 2. 1 1 ww ee ee 

8. CONCLUDING REMARKS 

REFERENCES 

VITA 

vil



3.1 

3.2 

3.3 

3.4 

3.5 

3.6 

3.7 

3.8 

4.1 

4.2 

4.3 

4.4 

5.1 

5.2 

5.3 

7.1 

7.2 

7.3 

7.4 

LIST OF TABLES 

Simplified Wing Parameters ............-.4.+-+88-4 

Comparison of Uniform and Structurally Optimum Wing Designs . . . 

Comparison of Uniform and Two Optimum Wing Designs ...-. . 

Initial and Optimum Wing Designs .........2.2.. 

ComparisonofFandTA ..............2..404. 

Final Normalized Wing Weight for Various Stiffness Polynomials 

Initial and Final Wing Designs With Two Control Gains. .... . 

Initial and Final Wing Designs With Seven Control Gains .... . 

Reference Aircraft Characteristics... 2... 2... ee ee 

List of Design Variables ..... 2... 2 ee ee ee 

List of Design Constraints .... 1... 2 eee ee ee 

Wing-Structure Strain and Stress Allowables .. ........ 

Finite-Element Model Break Down ...........2.2.2.. 

Minimum Gage Value for Each Structural Member ........ 

Wing-Structure Material Properties... ............ 

Initial and Final Wing Design Characteristics. . . . 2... 2... . 

Initial and Final Aerodynamic Design Variables. ......... 

Initial and Final Performance and Control Design Variables ... . 

Initial and Final Structural Design Variables .......2.2.2.~. 

. 30 

37 

. . 40 

40 

. 40 

41 

42 

45 

46 

49 

49 

of 

08 

o9



1.1 

1.2 

1.3 

2.1 

2.2 

2.3 

3.1 

3.2 

4.1 

4.2 

4.3 

5.1 

5.2 

5.3 

5.4 

5.5 

5.6 

7.1 

7.2 

LIST OF FIGURES 

Comparison of Critical Speeds for Swept Wings. . . . . . 

Bending-Torsion Coupling in Swept Wings ........ 

Executive Jet Wing-Skin Weight Vs Sweep Angle... . . 

Wing Twist Angle Vs Airspeed... ..... 2... 

Beam-Rod Representation of the Simplified Wing . . . . 

Feed-Back Control System Diagram .........~ . 

Sequential Optimization Flow Chart. ........ ~~ . 

Integrated Optimization Flow Chart. .......... 

Wing-Shape Design Variables. . . .......2.2.22.. 

Ply Orientation Design Variables . ........2.2.. 

SC(3)-0712(B) Airfoil Geometry ........... 

Finite-Element Model of the Wing ...... .... 

Close-Up View of a Single Wing-Box Cell ........ 

Ply Orientationin Each Panel . . . 1... .. 2... 

Vortex-Lattice Model . . 2... 2. eee 

Load-Set Nodes... . 2... 2... 2 ee eee ee 

Control Surface and Sensor Locations .......... 

Design Procedure Flow Chart ...........2.2. 

Rigid-Wing Analysis and Sensitivity Calculations Flow Chart 

. ° ° ‘ 

. 16 

17 

1X



7.3 

7.4 

7.5 

7.6 

7.7 

7.8 

7.9 

7.10 

7.11 

7.12 

7.13 

7.14 

7.15 

7.16 

7.17 

7.18 

7.19 

7.20 

7.21 

7.22 

7.23 

7.24 

7.25 

7.26 

Maneuver Aeroelastic and Sensitivity Calculations Flow Chart ..... 95 

Gust and Divergence Analyses and Sensitivity Calculations Flow Chart . 96 

Control Efficiency and Sensitivity Calculations Flow Chart ....... 97 

Gross Weight Convergence History .............28. 102 

Wing Weight Convergence History ..............08-4 102 

Usable Fuel Weight Vs Cycle Number .............4.. 103 

Total Wing Area Vs Cycle Number ..............0428. 103 

Wing Chord Vs Cycle Number ...... 2... .....204. 104 

Wing-Section Span Vs Cycle Number .........2..2.24.. 104 

Total Wing Span Vs Cycle Number ............ .. . 105 

Aspect Ratio Vs Cycle Number... .........2..+2048. 105 

Wing Twist Vs Cycle Number .............+-+-.-+4.4-. 106 

Sweep Angle Vs Cycle Number ........... . . 106 

Control Gain Vs Cycle Number... .... 2... 2 ee ee es 107 

Control Deflection Vs Cycle Number ........2.2.2.2.422. 107 

Control Efficiency Vs Cycle Number... ...... #4. .... 108 

Dynamic Pressure Vs Cycle Number ........2.2.2..0224.402. 108 

Drag Vs Cycle Number ......... 2... eee ee ee ee 109 

Range Vs Cycle Number... .... 2. 1 ee ee ee ee 109 

Gross Weight Vs Range ............2.580+6 025088] 110 

Initial and Final Wing Design Configurations... ......2.2.. 110 

Comparison of Gross Weight Convergence History for the Case With and With- 
out Active Control 2... 2... ee 111 

Comparison of Wing Weight Convergence History for the Case With and With- 
out Active Control 2... . 2... ee ee 111 

Final Wing Designs Comparison ........... 2.8004 e 112



1. INTRODUCTION 

In the complicated and challenging task of aircraft design, the interactions 

among various disciplines such as aerodynamics, structures, and control demand 

a careful consideration. The aeroelastic coupling which involves the interaction of 

aerodynamic and structural disciplines plays a very important role in wing design 

in general. In some instances this coupling produces favorable effects and in some 

instances unfavorable effects. This particular interaction becomes very significant 

in the design of forward-swept-wing aircraft. The inherent aeroelastic instability 

associated with this configuration requires the manipulation of wing structural de- 

formations in such a way which permits the use of a forward-swept wing in the 

aircraft design. 

1.1 Historical Note 

The first successful forward-swept wing aircraft design was the JU-287, a Ger- 

man bomber first flown in 1944, with a leading-edge forward sweep angle of approx- 

imately 25°.! The forward sweep configuration was primarily used for low speed 

lateral stability. Following World War II, there were numerous efforts focused on 

the design, wind-tunnel and prototype flight testings of aircraft with forward-swept 

wings; the outcome of such efforts were the Convair B-53* and North American 

F-51 in the late 1940’s and early 1950’s and Hansa-320 business jet in 1960’s. Al- 

though these aircraft could fly faster than their predecessors, they could only reach 

speeds in the low subsonic range with moderate forward sweep angle, and hence 

did not suffer from any noticeable aeroelastic instabilities. In 1948 Diederich and 

Budiansky described in their classic paper*® the rapid reduction of the divergence 
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speed in metallic wings with the increase in forward sweep angle. Bisplinghoff et 

al.4 presented the effect of sweep on various wing aeroelastic instabilities. In Figure 

1.1, they described divergence as the critical mode of instability for wings with 

A Speed 

Aileron Reversal 

    

  

Bending-Torsion Flutter 
Divergence 

    ——<_ _- 

Sweep Forward 0 Sweep Back 

Figure 1.1 Comparison of Critical Speeds for Swept Wings (Ref. 4) 

moderate to high sweep angles. The phenomenon responsible for reducing diver- 

gence speed in forward-swept wings is an adverse bending-torsion coupling. This 

coupling, under the influence of positive lift, causes an increase in the local angle of 

attack as the forward-swept wing bends upward. This phenomenon is referred to as 

wash-in , and is depicted in Figure 1.2. Also shown is a favorable coupling called 

wash-out , for aft-swept wings which eliminates the divergence instability. The find- 

ings by Diederich and Budiansky discouraged further attempts in utilizing forward 

sweep configuration in aircraft wing design especially since the weight penalty as- 

sociated with stiffening metallic wing structure for avoiding such instability was 

enormous. 
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Wash-out   
Figure 1.2 Bending-Torsion Coupling in Swept Wings 

The divergence problem was a barrier that, unless overcome, would prevent the 

consideration of forward sweep in any future aircraft wing design; this in spite of the 

fact that a forward-swept wing has better overall performance characteristics than 

its aft-swept counterpart in subsonic and transonic flight regimes.® The forward- 

swept wing design was not considered seriously again until 1975. Then, Krone® first 

described the feasibility of forward-swept wing designs using advanced composite 

materials. The advantages of using advanced composites lied in the fact that they 

could offer much higher stiffness to density ratio than the metals (e.g., Aluminum 

alloys) commonly used in the aircraft structures; this meant the huge weight penalty 

associated with the metallic forward-swept wings could be eliminated by the proper 

use of composite materials as shown in Figure 1.3, for example. Also their directional 

stiffness properties could be used to orient the fibers in the most suitable way to 

prevent the wash-in problem depicted in Figure 1.2 which leads to divergence. 
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Figure 1.3 Executive Jet Wing-Skin Weight Vs Sweep Angle (Ref. 6) 

The latter feature is usually referred to as aeroelastic tailoring of composites, and it 

was the main driving force behind the revival of forward-swept wing designs.’*® The 

latest example of this technology, the Grumman’s X-29 A aircraft will be discussed 

in section 1.3. 

1.2 Forward-Swept Wing Analysis and Testing 

In 1978 Weisshaar® presented a simple theory for the prediction of diver- 

gence characteristics of high-aspect-ratio, laminated composite, swept wings. Later 

Weisshaar!® showed that the elastic bending-torsion coupling can be manipulated 

through composite tailoring to preclude divergence for reasonably large forward 

sweep angles. The torsional coupling parameter was shown to play an important 

role in forward-swept wing design. The introduction of wing taper affected the for- 

mulation, but was shown to have little influence in the design of a divergence-free 

wing. 
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The structural feasibility of using aeroelastic tailoring of laminated composite 

material for a forward-swept wing on a high performance fighter aircraft was evalu- 

ated analytically by Triplett?!. He also made a comparison between a forward-swept 

wing design obtained through an optimization process and several equivalent aft- 

swept wing designs. The forward-swept wing compared favorably with the aft-swept 

ones in terms of flutter and aircraft roll rate for aileron deflection. Triplett}? later 

applied aeroelastic tailoring to fighter aircraft (F-15 type) aft-swept wing design, 

and showed both drag reduction and increased roll effectiveness, with no weight 

penalty. Aeroelastic tailoring was also shown to be an effective tool in a minimum 

weight tail design. Similarly, Weisshaar’? described the effects of composites on 

flexible wing divergence, lift effectiveness, and spanwise center-of-pressure location 

based on an idealized wing model. The composite tailoring was shown to be effec- 

tive in both increasing divergence (out to high aspect ratio wings) and enhancing 

the lateral control effectiveness. 

1.14 conducted a series of wind-tunnel tests to verify the composite Sherrer et a 

tailoring effect on increasing the divergence speed of forward-swept wings. In most 

cases the analytical predictions had good correlation with the wind-tunnel results. 

Ricketts and Doggett!° performed a series of wind-tunnel studies at NASA Lan- 

gley Research Center on the aeroelastic behavior of isotropic forward swept wings 

of various configurations. The effects of aspect ratio, sweep angle and airfoil shapes 

on divergence and flutter were studied. Linear aerodynamic theory was shown to 

accurately predict the aeroelastic behavior of thin forward-swept wings. Based 

on the fact that different divergence results were obtained for the forward-swept 

wings with different airfoil shapes, but otherwise similar characteristics, Bland?® 

performed a study in which he incorporated the effect of the airfoil shape in the 
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potential equations used for aerodynamic calculations. He then compared the min- 

imum divergence dynamic pressure of a supercritical wing and a conventional wing. 

In this comparison he observed a 17% difference between the two results, with the 

conventional wing having higher divergence dynamic pressure. 

Landsberger and Dugundji!” performed an analytical and experimental inves- 

tigations of aeroelastic deflection, divergence, and flutter behavior of both straight 

and forward swept graphite/epoxy cantilevered wings. 

Cole!® conducted a wind-tunnel study to determine the divergence characteris- 

tics of a high-aspect-ratio, forward-swept wing. These characteristics were checked 

against analytical predictions for various sweep angles. The effects of sweep angle 

and wing tip shape on divergence were also studied. No composite tailoring was 

applied in any of the models. The wing tip shape showed significant influence on 

divergence, with the wing tip parallel to the flow showing favorable effects on di- 

vergence compared to the rectangular wing tip. Analytical predictions were mostly 

conservative. 

Norton!® conducted a complete design, fabrication and wind-tunnel testing 

of a composite wing model. The structural modeling technique was shown to be 

inadequate in predicting the divergence mode of instability; however, some useful 

wind-tunnel data were obtained. 

The free-free analyses of forward-swept wing aircraft performed by Miller et 

al.?° revealed the potential for interaction between rigid-body pitch and plunge and 

the flexible modes for Rockwell’s proposed demonstrator aircraft. This coupling was 

shown to produce a dynamic instability at a speed lower than the cantilevered-wing 

divergence speed. This instability is referred to as body-freedom flutter, and later 

Weisshaar et al.?! encountered similar phenomenon on a wind-tunnel model. 
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In 1983, Weisshaar and Zeiler?* studied two separate modes of instability asso- 

ciated with a flexible forward-swept wing aircraft. Either the body-freedom flutter 

or aeroelastic divergence was shown to occur depending upon the planform geometry 

and mass distribution of the freely flying aircraft. Several examples were investi- 

gated. In the wing/body-tail combination example, it was shown that when the 

wing root is positioned far aft of the C.G., body-freedom flutter is the critical insta- 

bility mode; it appears at an airspeed less than that for cantilever divergence mode. 

Moving the wing forward increases the flutter speed and decreases the aircraft di- 

vergence speed. Depending upon the tail size and position, either body-freedom or 

divergence is the mode of instability. It is concluded that the presence of a large 

tail or tail volume may provide the aircraft with enough aerodynamic pitch stiffness 

that body-freedom flutter can be precluded. 

Chen and Dugundji?* also studied the aeroelastic behavior of the forward-swept 

wing with rigid body pitch and plunge freedoms present. Their results reveal that 

forward-swept wings develop body-freedom flutter rather than divergence when rigid 

body modes are present, and it occurs at a lower speed than divergence; however, for 

cantilevered wings (when both pitch and plunge modes are restrained), divergence 

was shown to be the critical mode of instability. 

Lottati®* points out that composite tailoring involves a compromise on the 

value of the bending-torsion stiffness coupling. An attempt to reduce or eliminate 

the divergence of a forward-swept wing by bending-torsion stiffness coupling might 

greatly reduce the flutter speed of the wing. 

Other studies on the aeroelastic behavior of forward-swept wings include the 

work by Niblett?® in which he considers a simple aircraft model with a trim sur- 

26,27 face for divergence calculations. Librescu and coworkers developed a simple 

algorithm to obtain a closed form solution for the divergence of cantilevered swept 
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wings. They also studied the effect of including the warping restraint, ply orienta- 

tion, stacking sequence and wing geometry on the divergence results. 

Shirk et al.2® conducted a survey of the activities surrounding the application of 

composites for aeroelastic tailoring. While describing the advantages of aeroelastic 

tailoring such as maneuver drag reduction and load relief, divergence prevention, 

lift and control effectiveness and flutter prevention, they postulated the advantages 

of integrating aeroelastic tailoring and active controls in enhancing the wing design. 

Besides the passive technique of composite tailoring for eliminating divergence 

instability, active control techniques have also been pursued for this purpose. Active 

control systems traditionally have been used in the design of both aft and forward- 

swept wings for gust-load alleviation. Using an active control system in conjunction 

with composite materials allows further reduction in weight of a forward-swept 

wing design. This is because an appropriate control deflection can alter the lift 

distribution on the wing so as to reduce the wash-in tendency which to a certain 

degree removes the stiffness requirement on the wing structure, and hence a more 

flexible (and lighter) structure can be used. 

Griffin and Eastep?® used simple active control laws as means of suppressing 

aeroelastic divergence and flutter of forward-swept wings. The selected wing models 

in this study were made in a manner so that the divergence and flutter speeds are 

relatively close together. Without the inclusion of composite tailoring, their results 

indicate that it is possible to avoid aeroelastic divergence by a leading-edge flap and 

elastic displacement sensing. Furthermore, trailing-edge flap and elastic acceleration 

sensing was found most suitable for flutter suppression. In both cases the increase 

in the speed of the controlled instability was accompanied with some reduction of 

speed in the other instability as pointed out by Lottati”*. 
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Chipman et al.°° applied optimal control theory in an attempt to delay the 

cantilevered wing divergence and body-freedom flutter instabilities associated with 

forward-swept wing aircraft. Unlike the previous work, a trailing-edge flap was 

used for both instabilities. Displacement feedback was required to prevent or delay 

divergence. In several analyses with rigid-body modes removed, it was shown that 

the essential ingredient in the forward-swept wing instability is the destiffening of the 

wing first bending mode; furthermore, the frequency of the true dynamic instability 

was low enough that reasonably accurate predictions were obtained treating the 

problem as if it were purely static divergence. 

Noll et al.*1/32 developed control laws to suppress simultaneously both can- 

tilevered wing divergence and a higher bending-torsion flutter mode, and to sup- 

press the rigid body pitch/wing bending instability and flutter associated with the 

wing free in pitch. For divergence suppression a combination of leading-edge flap 

and displacement sensors were used, while for flutter suppression a trailing-edge 

flap along with acceleration sensors were applied. The active control system proved 

to be effective without the use of composite tailoring. 

Other techniques besides composite tailoring or active controls have also been 

studied. Lobert?? used an aircraft model characterized by the combination of an aft 

tail and a forward swept wing with a free-floating wing tip/elevator assembly. He 

showed that it is possible to increase divergence speed or totally suppress divergence 

instability through this mechanism. This technique was also shown to be effective 

in gust, maneuver load and ride quality control. 
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1.8 Forward-Swept Wing Applications 

Forward-swept wing technology has been considered for many different appli- 

cations. For example, Dastin et al.24 and Raha®> elaborated on the application 

of forward-swept wing for an advanced fighter to be known as Grumman’s X-29A. 

They discussed the improved performance, reduced acquisition costs and increased 

life and durability as some of the reasons for such configuration. 

Schweiger et al.° carried out a theoretical investigation of a fighter aircraft with 

a forward-swept carbon fiber composite wing for superior maneuver performance at 

high subsonic speeds. 

Roskam*’ applied the concept of forward-swept wing to a commuter airplane. 

The main reason for such configuration was to enhance both ride comfort and 

performance. 

Howe*® studied the application of forward-swept wing technology to V/STOL 

aircraft. He found with respect to layout advantages, such configuration to be more 

suitable for this application over that of an equivalent aft-swept wing. 

Cook and Abla®® did a weight comparison of divergence-free tailored metal 

and composite forward-swept wings for an executive aircraft. The forward-swept 

configuration was shown to be attractive for such application because the wing 

carry through is aft of the passenger cabin. This permits more efficient design of 

the fuselage as a pressure vessel. The results show the advantage of using advanced 

composites for aeroelastic tailoring and weight savings. 

Redeker and Wichmann,‘ in finding forward sweep a favorable concept for 

a laminar flow wing, mentioned that because of three-dimensional displacement 

effects, the effective sweep of forward-swept wings will decrease compared to the ge- 

ometrical sweep which is opposite to that for aft-swept wings. This sweep reduction, 

they concluded, leads to a more stable laminar boundary layer against attachment 

line transition and crossflow instability. 
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1.4 Integrated Design and Analysis Approach 

An approach that has been gaining recognition in the past decade or so is the 

integrated approach. In this approach, the effect of changes in one discipline on the 

others is determined through sensitivity analysis. For example, by proper derivative 

calculations, the effect of changing the wing aspect ratio on the gross weight, or the 

effect of changing the wing sweep angle on the aeroelastic characteristics of the wing 

can be determined. This information can then be used in a parametric study or in 

an optimization process to determine the best feasible design. 

Sobieski*!*? developed an efficient method for calculating sensitivity deriva- 

tives in problems which involve interactions among various disciplines. Barthelemy 

and Bergen** discussed a method for the analytical calculations of the sensitivity 

derivatives of wing static aeroelastic characteristics (e.g., lift distribution, diver- 

gence dynamic pressure, etc.) with respect to wing shape parameters (e.g., wing 

area, aspect ratio, etc.). 

Sobieski and Haftka‘* surveyed multidisciplinary optimization applications, 

and elaborated on the use of multilevel optimization for integrating the design 

process. 

The benefits of integrated approach for longitudinal stability augmentation 

and aeroelastic stabilization was addressed by Gilbert et al.*°. Zeiler*® performed 

a combined structural-control design for aeroelastic characteristics. He studied the 

behavioral characteristics of an idealized three degree-of-freedom airfoil and a four 

degree-of-freedom aircraft. Aeroservoelastic tailoring problem was modeled as a 

multidisciplinary optimization problem. 

Dracopoulos*’ presented a method for aeroelastic control of composite lifting 

surfaces. The method employed the integration and simultaneous application of 

aeroelastic tailoring and optimum control design. A composite wing was idealized 
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by a straight, rectangular, symmetric laminated plate, while the control system was 

represented by discrete forces acting perpendicular to the plate’s surface. 

Livne et al.48-*°! performed studies on the application of active control in an 

integrated wing design. They used a general equivalent plate analysis for the struc- 

ture, Kernel function method for the unsteady aerodynamic load calculations, and 

linear time invariant control system. 

Guruswamy”’ studied the aerodynamic-structural coupling in transonic flow. 

He also considered the nonlinearities associated with the control deflection and the 

presence of shocks in unsteady transonic flow in the aeroelastic performance of a 

simple rectangular wing. 

Morris and Kroo*? formulated the aircraft handling qualities and other perfor- 

mance characteristics as an optimization problem defined by a composite objective 

function which consists of various performance variables. Isogai>* developed a direct 

search method for aeroelastic tailoring of composite wings with multiple constraints. 

Oyibo®® used an analytical approach to study the aeroelastic characteristics of 

composite forward-swept wing aircraft in terms of three generic stiffness variables 

and fiber orientation angle. The aeroelastic equations formulation is similar to that 

used by Weisshaar!*. This method permits the study of the effect of using various 

composite materials in the wing structure. 

Sensburg et al.°° used the integrated approach in the design of a supersonic 

aircraft wing structure. The shape of the control surface and the corresponding 

hinge moment values were determined in a parametric study to maximize the roll 

rates with minimum structural weight and installed hydraulic power. 
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1.5 Previous Work at VPIBSU 

An investigation of the techniques and advantages of integrated aircraft design 

was conducted by Grossman et al.°’. The interaction of aerodynamics and struc- 

tural design for a sailplane wing was studied. Analysis tools used were lifting-line 

theory for aerodynamics and beam theory for structures. Design variables included 

the wing geometry and structural sizing variables (e.g., skin thickness). 

Haftka et al.°® continued this work by incorporating efficient methods for op- 

timization of integrated aerodynamic-structural designs. Since the major problem 

associated with the multidisciplinary design optimization process is the enormous 

computational cost, efficient methods for cross-sensitivity calculation were devel- 

oped along with the use of approximate structural optimization procedures. 

After the sailplane wing design, attention shifted to the integrated aerodynamic- 

structural design of a subsonic forward-swept transport wing which was previously 

studied by Shuart et al.°® where the wing structure was optimized for a fixed aero- 

dynamic design. Because of the complexity of the problem, more sophisticated anal- 

ysis techniques had to be implemented. A vortex-lattice method was used for the 

aerodynamic calculations and the finite-element method was used for the structural 

analysis. Due to the complexity of the analyses and the size of the aerodynamic 

and structural influence coefficient matrices, more efficient sensitivity calculation 

schemes had to be followed. For that, the recently developed modular sensitivity 

analysis (also known as the GSE technique) by Sobieski*!4? was used. The prob- 

lem of integrated aerodynamic-structural design of the transport wing for minimum 

weight and subject to a required range was then formulated and solved. 

In the work that followed, it was noticed that the induced drag calculation based 

on the model implemented by Polen®! was too low with span efficiency greater than 

1. This problem was solved by calculating the induced drag from the far-field. Also 
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additional performance constraints were introduced in the problem to improve the 

design. The effort involved in this study is discussed further by Unger et al.®?. 

1.6 Current Effort 

The current effort described in this dissertation expands on the previous work®?)*? 

by incorporating the contro! discipline in the multidisciplinary design of the forward- 

swept transport wing. First in chapters 2 and 3 a simplified-wing model is used to 

study mainly the structural-control interaction and the effect of each on suppressing 

the cantilever divergence problem. In the chapters that follow, the effort is concen- 

trated on the integrated aerodynamic-structural-control design of a high subsonic 

forward-swept transport wing. The only aeroelastic instability considered in the de- 

sign is the wing divergence. A trailing-edge flap along with displacement feed-back 

are used in the control system. Both aeroelastic tailoring and active controls are 

used to suppress divergence. For aeroelastic tailoring, ply orientation and thickness 

are used as design variables. 

In chapter 4, the design problem along with the corresponding variables and 

constraints are discussed. In this study, eight ply orientation design variables are 

used (instead of only one previously®*) to allow greater tailoring flexibility in the 

design. 

In chapter 5, the analysis used for each discipline is discussed. In chapter 6, 

the aeroservoelastic analyses and sensitivity formulations are discussed in detail. In 

chapter 7, the approximate optimization procedure used in the design is explained 

along with the results of the optimization for two different cases: (1) both aeroelastic 

tailoring and active control are used for divergence suppression, (2) only aeroelastic 

tailoring is used for divergence suppression. In chapter 8, concluding remarks are 

given along with some suggestions for future work. 
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2. SIMPLIFIED-WING PROBLEM 

The multidisciplinary analysis and design of a wing for today’s aircraft is a 

formidable task—especially since the theoretical model is usually very sophisticated 

from the standpoint of structural, aerodynamic and control modeling. However, for 

studying certain structural, aerodynamic and control interactions, a much simpler 

wing model may be used. Furthermore, the simplicity of the wing model also 

permits the use of less elaborate methods of analysis. 

In this and the next chapter, the focus is on the analysis and design of a simple 

rectangular wing with emphasis on the structural-control interaction. To keep the 

problem simple, the wing is isolated from the rest of the aircraft; this implies that 

the effect of the fuselage, tail, etc. in the analysis and design of the wing is ignored. 

The structure and aerodynamic models used in this study are based on beam theory 

and rudimentary strip theory, respectively, while the control model is based on feed- 

back control theory. 

In this study the rigid-body mode is not included; hence, the aeroelastic phe- 

nomenon of interest is the cantilevered-wing divergence. At an equilibrium flight, 

the aerodynamic twisting moment about any axis on the wing (e.g., the elastic 

axis) is equal and opposite to the elastic restoring moment. While the aerody- 

namic moment is a function of the airspeed, the elastic moment is not. Thus, as 

the airspeed is increased to a value called the ‘divergence speed’, the aerodynamic 

moment exceeds the elastic restoring moment and the wing twists without bound 

and structural failure occurs. This phenomenon is depicted qualitatively in Figure 

2.1. 
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Figure 2.1 Wing Twist Angle Vs Airspeed 

Generally, in unswept metallic wing designs, the divergence speed may be in- 

creased mainly by stiffening the wing structure. This, of course, means additional 

weight which is undesirable. In wing designs using composites, the divergence prob- 

lem can also be avoided through aeroelastic tailoring with a little or no weight in- 

crease. For both types of materials it is also possible to increase the divergence 

speed or to maintain it at a desired level (without the structural weight penalty) 

by changing the lift distribution over the wing using an active control system. 

The FAA regulations require the divergence speed to be at least 20% higher 

than the design dive speed. Here, since the comparative rather than absolute results 

are sought, the divergence speed of a uniform unswept wing is used instead of the 

dive speed whose value depends on the weight and the total drag coefficient of the 

whole aircraft. To meet the FAA requirement on divergence, the wing structure and 

the control system both must contribute. This means that part of the 20% margin 

must be fulfilled by the structural stiffness, while the control system is responsible 

for the rest. The amount of contribution from each of these disciplines will be 

determined during the design optimization. 
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The objective of this study is to find a minimum-weight wing design which 

meets the divergence condition without exceeding the limit placed on the control 

system. In this chapter the aeroservoelastic equations necessary for divergence and 

control surface deflection calculations are derived. These equations will then be 

used in the calculation of constraints in the wing design optimization discussed in 

the following chapter. 

2.1 Aeroservoelastic Formulation 

The simplified wing model as shown in Figure 2.2 is a straight and rectangular 

cantilevered flat plate of large aspect ratio (i.e., 1 > > c) with a control surface at 

trailing edge near the wing tip. A beam-rod representation is used for the wing 

which requires the chordwise sections to be rigid. The wing is thus one dimensional 

“I 

/ line of aerodynamic centers / pi 
c 4 4 

J elastic axis 

  

  

    
  

  

  

    

Figure 2.2 Beam-Rod Representation of the Simplified Wing 

with variations only in the spanwise direction. The only wing property which is 

allowed to vary along the span is the torsional rigidity. Using the beam-rod rep- 

resentation described by Dowell et al.**, the governing equation for the wing in 
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torsion is expressed as 

dae 

dy 
  

d 

dy 

where a@, is the nose up twist about the elastic axis, M, is the nose up aerodynamic 

moment about the elastic axis per unit distance in y direction, and GJ is the 

torsional rigidity which can vary along the span. The boundary conditions for the 

cantilevered wing are 

@e=0 at y=0 , and Gi 
dy 
  =0 at y=l. (2.2) 

The aerodynamic theory used in this analysis is the strip theory approximation 

which assumes that the lift and aerodynamic moment at each spanwise section 

of the wing depend only on the angle of attack at the same section. Thus the 

aerodynamic moment about the elastic axis is given by 

M, = Mac. + L'e , (2.3) 

where M,.. is the aerodynamic moment about the aerodynamic center per unit 

distance in y direction, L' is the lift per unit distance in y direction and e is the 

distance between the line of aerodynamic centers and the elastic axis. Writing 

Kq.(2.3) in terms of non-dimensional aerodynamic coefficients, and using a linear 

approximation in angle of attack and control surface deflection (assuming both 

angles to be small) gives 

—_ OC mac. 2 ocr oCi My = (Caco + OB TB)gqe* + [Ci, + Fa (ao + @e) + BB TBlqce, (2.4) 

where is the downward control surface deflection in radians, TY = 1 for 1, < y < ly 

and T = 0 everywhere else, q is the free-stream dynamic pressure, c is the wing chord 

and ag is some initial angle of attack. The lift-curve slope is denoted as 0C)/0a 
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while 0C,,, . /O2 and OC;/Of represent the derivatives of the aerodynamic moment 

and lift coefficients with respect to the control surface deflection , respectively. The 

only parameter in Eq.(2.4) which varies along the span is the twist angle a,. Since 

the wing is represented as a flat plate, the aerodynamic coefficients C,,, ,, and Ci, 

are zero. Maintaining the strip theory assumptions, Eq.(2.4) becomes 

a c OC mae. +o 
M, = Foy (oo + @e)qce + (33 OB opt Pace - (2.5) 

Substituting Eq.(2.5) into Eq.(2.1) and non-dimensionalizing it by the torsional 

stiffness at the wing root designated by (GJ),, with y = nl yields 

——_ da. 
  

  

  

“GI Jt a =K, (2.6) 
dn dn 

where 

____ GJ j= Gh (2.6.a) 

= 6H, (Ge) 269) 
= ~—)(a0+ Tf) , (2.6.c) 

y= cOCm, . [OB 1 OC, /0B (2.6.d)   

e OC,/da ° OC;/da’ 

Notice that A? is independent of 7. The aerodynamic coefficients in Eq.(2.6.d) are 

approximated (for a wing in an incompressible flow) in terms of E, the ratio of the 

control surface chord to the wing chord as described by Fung® 
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  sobs = + [eos -28) +2V ECB) . (2.7) OC, /0a 

8Cm,./08 1, | - Ape [OP ZN E)/EQ By. (2.8) 

Having all the necessary physical and geometric relations, Eq.(2.6) can be solved 

next. 

2.2 Solution of the Aeroservoelastic Equation 

Equation (2.6) is a one-dimensional, second order differential equation which 

describes the boundary-value problem of simplified wing 

5 CIF) +a =k, (2.6) 

with 

—— da. 
“<0 at n=l. 
1] 

      ae=0 at n=0 , 

The boundary conditions are homogeneous as in Eq.(2.2), but are now written in 

non-dimensional form. An approximate solution to Eq.(2.6) can be obtained using a 

variational method (e.g., Ritz, Galerkin, etc.). The variational solution is obtained 

by first writing the differential equation (2.6) in variational (or weak) form® as 

[2 (GIFS) + i a Jane [vedn, (2.9)   

where v is called the test function. Using the Galerkin method, the twist angle a, 

is approximated by a linear combination of appropriately selected functions 

N 

ae(n) = >> anan() 5 (2.10) 
n=] 
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where a,(n) are the shape functions chosen to be sin(2n — 1)an/2 which satisfy 

both the essential boundary condition (i.e., a-(0) = 0) and the natural boundary 

condition (i.e., GJda.(1)/dn = 0) associated with the problem. a, are constant 

coefficients and N is the number of mode shapes used in the series. Since v must 

be differentiable at least once and satisfy the condition v(0) = 0, it is chosen here 

to be am(n). Substituting Eq.(2.10) into Eq.(2.9) and replacing v by am(n) gives 

N 

[ = lars 5 > anan(n) Am(n)dn + ° / Yeaaa(n)en(a} = 
n=1 : (2.11) 

/ KAm(n)dn . 

Exchanging the order of summation and integration, integrating the first integral 

on the left hand side by parts and applying the boundary conditions gives 

1 1 
2% on( oy a dn — a | encima = -| KOmdn . (2.12) 

0 0 

In order to proceed further with the integration in Eq.(2.12), a control law must be 

  

defined. In this study, a feed-back control system is used. Physically, the spanwise 

twist, a, can be measured by placing deflection sensors at various locations along 

the wing. Feeding this information back into the system as illustrated in Figure 

2.3, the control surface can then be deflected by a desired amount by adjusting the 
  

a, . Qe 
wing   

      

        K f(a) ~— 
            

Figure 2.3 Feed-Back Control System Diagram 
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control gain. This deflection alters the lift distribution which through aeroelastic 

coupling changes the wing twist. Here, a control law is set up which relates the 

control surface deflection to the average value of the twist at distinct locations 

along the wing section where the control surface is located. The control surface is 

assumed to be rigid, and its deflection is given by 

B=Kf(ae), (2.13) 

where K is the control gain (which will be determined during the design optimiza- 

tion), and f(a.) is the average twist which can be expressed using Eq.(2.10) as 

1 M 1 N M \ 

Flee) = 53 Yo aelns) = Gp Doo Yoanlns)) (2.14) 

where M is the number of locations along the control-surface section of the wing 

where the twist is measured and 7; corresponds to the value of 7 at those locations. 

Combining Eqs.(2.14) and (2.13) and substituting the resulting equation into k 

expression in Eq.(2.12) gives 

N 1 1 
s- Gn (| ay dan doom 4, _ Mz | ancimdn = 

0 dn dn 0 
met (2.15) 

1 N 1 

ao | Amdn + 7K > an ¢ Yaad) 
0 0 n=1 

  

where 
1 M 

an = M > &n(n5) . 

j=l 

Repeating Eq.(2.15) for m = 1,...,N, and writing the resulting equation in matrix 

notation gives 

A —?[B+ c] {a} = \7{D} , (2.16) 
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where 
——day, dan 

Amn = =[ CI a 
dn 

1 
Binn =| AmAndn , 

0 

1 
Cmn = 1K | Tamandn , 

0 

1 
Dn= ao | Qmdn . 

0 

The vector @ contains the coefficients a, through ay. A is the structural influence 

coefficient matrix and C is the control system influence coefficient matrix. The 

matrices A, B and C have the dimensions N x N. Equation (2.16) may be used to 

solve for both divergence and lift-distribution problems. 

2.3 Divergence Calculation 

To determine the divergence dynamic pressure at a specified control gain set- 

ting, a non-trivial solution to the homogeneous part of Eq.(2.16) 

[B + C] “1A — A7/T]| {a} =0 (2.17) 

is sought. Equation (2.17) represents an eigenvalue problem with the lowest eigen- 

value representing the critical \* or \3,, and the corresponding eigenvector is de- 

noted as @p. The divergence dynamic pressure is then obtained from Eq.(2.6.b) 

as 

_ (GJ), 
0= §b( Saaeriaay) eae) 
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2.4 Control Deflection Calculation 

To calculate the control deflection # for a given value of control gain K, first 

Eq.(2.16) is solved for the coefficient vector a at a specified dynamic pressure (q < gp 

or \? < 44,) and ap. Once this is done, the elastic twist at any point along the wing 

can be evaluated from Eq.(2.10). Then, using the coefficient vector a in conjunction 

with Eqs.(2.13) and (2.14), the control surface deflection 8 is determined. 
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3. SIMPLIFIED-WING DESIGN OPTIMIZATION 

In this chapter the focus is on the structural-control design optimization of the 

simplified wing analyzed in the previous chapter. The objective of the wing design 

is to minimize the wing weight while satisfying the FAA divergence requirement, 

and limiting the control surface deflection to the linear range (i.e., @ < 10°). Since 

the wing weight depends on the structural stiffness, it may be approximated as 

W= “ff GJ(n) dn , (3.1) 

where GJ is the non-dimensional torsional stiffness of the wing and 7 is a con- 

stant of proportionality which relates the structural weight of the wing to its non- 

dimensional torsional stiffness. To meet the FAA requirements, the divergence dy- 

namic pressure must be at least 44% higher than the design dive dynamic pressure, 

GD,; this value is consistent with the 20% margin on the divergence speed. The 

properties of the optimized wing are normalized with respect to those of a uniform 

straight wing which has a divergence dynamic pressure of gp,. From Ref. 65 

GJ _ \2 

ID. = Abe (<aaewam) , (3.2) 

where AN, = m*/4. The optimized wing is required to be divergence free up to qp, 

without the control system. To achieve the 44% margin on qp, the control system 

needs to be used. A limit of 10° is imposed on the control deflection at ¢g = gp, to 

prevent it from becoming too large, and hence avoiding nonlinear effects. However, if 

this deflection does not increase qp to satisfy the 44% margin, then the structure will 

be stiffened gradually until the margin is met. Therefore, the margin on divergence 

dynamic pressure may be partly taken care of by the control system and partly by 
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the structural stiffness. These goals are to be achieved while minimizing the weight 

of the wing structure by changing the torsional stiffmess GJ and the control gain. 

The optimization problem is formulated as to find the control gain design vari- 

able K and torsional stiffness design variables GJ(0), GJ(0.5) and GJ(1) which 

  

1 
minimize We=r / GJ(n)dn , 

0 

subject to gy = 22 -144>0, (3.3) 
qDo 

g2 = 1.0 — B > 0.   

mar 

Here, the weights associated with the control sensors and actuator are assumed 

to be negligible compared to the structural weight and hence are ignored in the 

objective function formulation. The first constraint g,, requires the divergence 

dynamic pressure to be at least 44% higher than gp,. The second constraint go, 

requires the control surface deflection (at q = qp,) to be less than or equal to Bmaz 

(chosen to be 10°) which is in accordance with the linear (i.e., strip) aerodynamic 

theory used in the analysis. The design variables chosen in this problem are the non- 

dimensional torsional stiffnesses at specified locations along the wing and the control 

gain. A lower bound of 0.1 is imposed on the stiffness design variables to prevent 

them from going to zero during the optimization process. To solve the optimization 

problem, two different approaches are taken: (1) the sequential approach, (2) the 

integrated approach. In sections 3.2 and 3.3 both of these approaches and the 

corresponding results are discussed. 

8.1 Sensitivity Analysis 

The objective function sensitivities are determined by differentiating the ob- 

jective function with respect to the design variables as 

aan , 1~=1,..,NDV , (3.4) 
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where x; represents the i** design variable; in this problem, since the objective 

function is not a function of the control gain, its derivative with respect to the 

control design variable is zero. To determine the divergence sensitivities, it is more 

convenient to express the constraint g; in terms of the divergence parameter \?, 

such that 
2 r 

n= —144>0. 

Then Eq.(2.17) is differentiated with respect to the design variables at \? = A? 

  

O0ap 

Oz; 

OA _ 0X3, 

Or; O02; 

» OC 
P Oc; 

    [B+C]—\ |{a0} +(A—X51B +] }=0. (3.5) 

Since the B matrix is not a function of any of the design variables, its derivatives do 

not appear in Eq.(3.5). Multiplying Eq.(3.5) by the left eigenvector [az]? defined 

by 

[ar]? [A — \2,[B + c] =0, (3.6) 

and simplifying the resulting equation gives 

Or, _ af (OA/Oz;) ap — A3, at (OC/Oz;,)ap 

Ox; 7 al [B + Clap , 

  (3.7) 

The divergence-parameter sensitivities in Eq.(3.7) are given in terms of the deriva- 

tives of the structural and control influence coefficients where 

OAmn 1 OGTI dom doin 

Ox; Jo Ox; dyn dy 7 (3.7.4) 
  

OC mn _ 7 OK 1 
Or, ~ Mode. jh Tam@ndn . (3.7.5)   

The derivatives of Amn are non-zero only for the structural design variables while the 

only non-zero derivative of Cimn is that with respect to the control design variable. 

The sensitivities of the divergence constraint are then given by 

Ogi _ 1 0X4, 
Oz; = x, Ox; . (3.8) 
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To calculate the control surface deflection sensitivities, Eq.(2.13) is differenti- 

ated with respect to the design variables at \7 = A, 

06 _ OK Af (ae) Dar Bast (ae) + K On, (3.9)     

The derivative of the gain K is equal to zero for the stiffness design variables and is 

equal to one for the control design variable which is the gain itself. The derivatives 

of f(ae) however, are not so trivial to calculate. By examining Eq.(2.14), the 

dependence of f(a.) on the torsional stiffness and the control gain can be realized 

through the coefficients a,. Differentiating Eq.(2.14) with respect to the design 

variables gives 
N M fla) -1 (» Sen » an(ns)) | (3.10) 

n=1 

To determine the derivatives of a,, Eq.(2.16) must be differentiated with respect to 

the design variables as 

= ([a — Np, [B+ c] (a) = a (.%,(0)) ; (3.11)   

As mentioned earlier vector a contains the coefficients a, through ay. Carrying out 

the differentiation and simplifying the resulting equation gives 

da ; “TAA ., OC Fo =~ [AX IB +] aE, SE| fa) (3.12) 

The derivative of vector D does not appear in this equation since it is neither a 

function of the structural design variables nor of the control design variable. Equa- 

tion (3.12) illustrates the dependency of vector @ on the design variables through 

the derivatives of the structural and control influence coefficients. By substituting 

Kq.(3.12) into Eq.(3.10) and the resulting equation into Eq.(3.9), the sensitivities 

of the control surface deflection constraint are obtained as 

Og _ 1 Op 

Ox; — ~ Bmar On; (3.18) 
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3.2 Sequential Optimization 

As the name implies, in this approach the design optimization of the wing 

is done in a sequence. First, the wing structure alone is optimized for minimum 

weight by finding the optimum torsional stiffness variation along the wing. Then, 

through an iterative process which includes the divergence and control surface de- 

flection calculations, the values of the control and the structural design variables 

which satisfy both constraints and minimize the objective function in Eq.(3.3) are 

determined. For the structural optimization two different approaches are taken: (1) 

an analytical approach; (2) a numerical approach. 

8.2.1 Analytical Structural Optimization 

In this approach, the homogeneous part of Eq.(2.6) is multiplied by a, and 

integrated as 

  
1d (ar2 ) 1 2 (Gz | aed +A | o2dn =0. 3.14 

Integrating the first integral by parts, applying the boundary conditions defined in 

Eq.(2.2) and specializing it for a uniform cross-section wing gives 

  

2, — Jo GI (dare/dn)?dn 
D . = ai (3.15) 

This is a Rayleigh’s Quotient for the divergence parameter \3,. To find the opti- 

mum torsional stiffness variation, instead of minimizing weight for fixed divergence 

speed, the weight is held fixed (to that for a uniform rectangular wing with di- 

vergence dynamic pressure qgp,) and the divergence parameter is maximized. The 

optimization problem is formulated as to find the torsional stiffness design variables 
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GJ(0), GJ(0.5) and GJ(1) which 

1 da. \* 
maximize f= | ar =| dn , 

0 dn 
1 

subject to hy = / a2dn=1, (3.16) 
0 

  

1 

hy = [| Gay =1. 
0 

Using the Lagrange multiplier technique a Lagrangian functional f* is formed as 

1 /da.\? 1 1 
p= Gi ( =| dy — a f eddy - 1) — wolf GIy - 1) , (3.17) 

0 dn 0 0 

where p; and plo are the constant Lagrange multipliers. Taking the first variation 

  

of Eq.(3.17) and setting it equal to zero yields 

dae 

dn 
      / por 5( We) + 6(GI)( dn )? _ 2 110e6(Qe) _— 125(GD)| dn =. (3.18) 

Integrating the first term by parts and applying the boundary conditions in Eq.(2.2) 

  

  

gives 

d (—~da, 
+(@ dn ) + f4Qa. = 0 > (3.19) 

2 
($*) — fg = 0. (3.20) 

7 

Integrating Eq.(3.20) and applying the essential boundary condition at the wing 

root (i.e., ae(0) = 0) gives 

Ae = JSp27 - (3.21) 

This shows that the elastic twist varies linearly along the wing span. Substituting 

Kq.(3.21) into Eq.(3.19) and integrating the resulting expression gives 

J= Hl +C. (3.22) 
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Using the natural boundary condition at the wing tip GJda,(1)/dn = 0 and real- 

izing that da,(1)/dn # 0 (from Eq.(3.21)) gives GJ(1) = 0. Hence, C = pi/2 and 

J variation is given by 

GJ = od —7?). (3.23) 

Substituting Eq.(3.23) into the constraint hz and integrating it gives uy = 3. There- 

fore, the optimum variation of GJ is given by 

3 
GJ opt = 5c —1n*). (3.24) 

This equation shows that GJ op: varies quadratically from 1.5 at the wing root to 

0. at the tip, with the latter value violating the lower bound constraint on GJ. 

Substituting Eq.(3.21) into the constraint h; in Eq.(3.16) and integrating it gives 

H2 = 3. Having determined GJ,»: and the corresponding a, the objective function 

f is obtained by substituting these parameters into Eq.(3.16). This gives 

fmazn =3.0, or AX =3.0. 
Dmax 

Comparing Ay to AD, (= 1?/4), it is noticed that the structurally optimum 

rectangular wing has a divergence dynamic pressure gp which is 21% higher than 

that for the uniform rectangular wing. 

3.2.2 Numerical Structural Optimization 

In this approach the wing weight is minimized while keeping the divergence 

parameter equal to gp,. Hence, the optimization problem is formulated as to find 

the torsional stiffness design variables GJ(0), GJ(0.5) and GJ(1) which 

1 

minimize W(Gl)=r / GI (n)dn , 
» ° (3.25) 

subject to g= va —-10>0, 
Do 
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with a side constraint GJ > 0.1 which was absent in the analytical approach. 

Based on the previous findings, the GJ is modeled by a quadratic function with 

its coefficients functions of the design variables GJ(0), GJ(0.5) and GJ(1). For 

the twist angle, the first ten shape functions (i.e., sin(2n — 1)amn/2, n = 1,...,10) 

are used. Since the problem has only a single constraint, it is convenient to use 

the reciprocal-approximation based optimality criteria method®’ to solve it. In 

this method the objective function and the constraint are written in terms of the 

reciprocal of the design variables as 

minimize W(Y), 

(3.26) 
subject to g(Y)=g0+ Sa By. t! >0. 

where y; are the reciprocal of the design variables x; described earlier. The deriva- 

tives of g with respect to x; are obtained from Eqs.(3.7) and (3.8) by omitting 

matrix C and its derivatives from these equations. This omission is done since the 

structural optimization is performed at @ = 0 (or K = 0). Then, using the chain 

rule the derivatives of g with respect to y; are calculated. The Lagrangian function 

for the problem is given as 

Og 
L(Y,4)=W(Y)-p[ 90+) Byti) ? (3.27) 

where p is the Lagrange multiplier. The Kuhn-Tucker (optimality) condition is 

ow Og 
Oye Ha = 0. (3.28)   

Since the objective function is a linear function of the design variables, Eq.(3.28) is 

rewritten as 

20 wot. 
tig tH5 = 0. (3.29) 
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Solving this equation for x; gives 

_ (_ #(Og/0y:) 2 a v= ( aaa) 1,2,3. (3.30) 

The Lagrange multiplier ys is obtained from the requirement that g(Y) = 0 as 

Og 1 
go + m Basa, = (3.31) 

Substituting Eq.(3.30) into Eq.(3.31) gives 

_ {1 OW Og 7)? 

Hs J (oe me) | : (8.32) 
If no lower or upper bounds are imposed on the design variables, Eq.(3.30) and 

    

(3.32) can be used for solving the optimization problem. However, since a lower 

bound is placed on the stiffness design variables, Eqs.(3.31) and (3.32) have to be 

slightly modified such that 

  9+) Bye (3.33) 
wEl a 

where 

Og 1 
95 = + doy Daal (3.34) 

The design variables which are at their lower bound are called passive and the set 

of these variables is denoted by J,, and the rest are called active and their set is 

denoted by I,. Modifying Eq.(3.32) for y gives 

i€la 

The initial design variables are chosen such that I, = 0. This gives 

. 0 
95 = 90 = 9(X0) +) > : 
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This method of solution is an iterative process, and it begins by calculating the 

derivatives of the divergence constraint and the objective function with respect to 

the design variables. Then, the Lagrange multiplier p is calculated from Eq.(3.35) 

and the updated design variables from Eq.(3.30). The convergence is reached when 

the change in p in two consecutive iterations is less than a satisfactory tolerance. In 

this problem the tolerance was set to 1 x 107°. The results obtained in this study 

are based on a simplified wing with parameters given below in Table 3.1. 

Table 3.1 Simplified Wing Parameters 

  

  

Geometric Physical 

e/e 0.15 ag 3.65° 
E 0.25 Cr 0.4 
L, 0.70 OC; /0a 20 

ly 1.00         
The iterative process converged in 9 iterations, and the sarne results were ob- 

tained from different starting points. The results of the numerical and analytical 

structural optimization are summarized in Table 3.2. The results of the numerical 

optimization indicate a weight saving of approximately 17.3% over the uniform wing 

while satisfying the constraint 43, = \3,,. The results of the analytical optimization 

show a divergence dynamic pressure increase of approximately 21% over the 

Table 3.2 Comparison of Uniform and Structurally Optimum Wing Designs 

  

  

              

Numerical | Analytical | Analytical* 

Parameter | Uniform | Optimum Optimum Optimum 

GJ root 1.00000 1.29154 1.50000 1.24020 

GJ mid. 1.00000 0.89281 1.12500 0.93015 
GJ sip 1.00000 0.10000 0.00000 0.00000 

gp/4GD>o 1.00000 1.00000 1.21585 1.00527 

W/r 1.00000 0.82680 1.00000 0.82680 

* Scaled to the same W/7 as in Numerical Optimum 
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uniform wing for the same weight. The analytical results which are scaled to the 

same weight ratio as in the numerical optimum have a slightly higher divergence 

dynamic pressure ratio because the stiffness is allowed to go to zero at the tip. 

Hence, through structural optimization it is possible to either reduce the wing 

weight (holding gp = gp,) or increase the divergence dynamic pressure (holding 

W = W,) by a considerable amount. 

3.2.8 Structural-Control Optimization 

Previously, in the numerical optimization procedure the wing structure alone 

was optimized while holding the divergence dynamic pressure equal to qp,. Now, 

by including the control system the divergence dynamic pressure is to be increased 

to 1.44 gp,. Using the torsional stiffness variation GJ): determined earlier and 

selecting a positive value for the control gain K, the divergence dynamic pressure 

is determined by solving Eq.(2.17). Following this, the control surface deflection is 

determined by solving Eq.(2.13) (at ¢ = qp,) according to the procedure discussed 

in section 2.4. Having found gp and f, the constraints in Eq.(3.3) are calculated. If 

both constraints are active (i.e., g; = 0 and g2 = 0), the optimum design is found. 

If on the other hand either one of the constraints is violated or is far from being 

active the search for the optimum design must continue. In a situation where ( has 

reached its maximum value but the divergence margin has not been reached, the 

structure is stiffened such that GJ = « GJ opt where € > 1.0. The value of € was 

determined manually in the process. The entire procedure is given in a flow chart 

shown in Figure 3.1. The results of the structural-control 
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Figure 3.1 Sequential Optimization Flow Chart 

      

optimization are given in Table 3.3 along with the results of the structural optimiza- 

tion for comparison. The structural optimization results indicate that it is possible 

to achieve the 44% margin on the divergence dynamic pressure and save approxi- 

mately 17.3% on the weight. The combined optimization results show an additional 

weight savings of approximately 4.5% over the structurally optimum wing. The re- 

sults obtained here indicate that most of the divergence alleviation is provided by 

the wing stiffness, while the control system contributes a marginal amount. 
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Table 3.3 Comparison of Uniform and Two Optimum Wing Designs 

  

  

        

Structural Structural-Control 

Parameter | Uniform | Optimum Optimum* 

GJ root 1.44000 1.83702 1.77199 
GJ mia. 1.44000 1.29765 1.22494 
GU tip 1.44000 0.10000 0.13720 
K 0.00000 0.00000 0.91850 
B 0.00000 0.00000 9.99055 
qD/IDo 1.44000 1.44000 1.43999 
W/r 1.44000 1.18739 1.13437 
*e€= 1.372       

3.3 Integrated Optimization 

Unlike in the sequential approach where the wing structure was optimized 

without any influence from the control system, here the effect of control system on 

the aeroelastic characteristics and the effect of elastic behavior of the structure on 

the control deflection are felt through the cross-sensitivities evaluated from Eqs.(3.7) 

and (3.9). This produces a direct interaction (or coupling) between the structure 

and the control system which was absent in the sequential optimization. Hence, 

it is anticipated that this approach will yield better results than in the previous 

case. The problem formulated in Eq.(3.3) is solved directly using the general- 

purpose optimization package NEWSUMT-A® which is based on the extended 

interior penalty function method.®” This method does not require the starting design 

to lie in the feasible domain, and it tolerates the occasional crossing of the design 

into the infeasible domain during the course of optimization. 
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8.8.1 Solution and Discussion of Results 

The solution process begins with a selection of a set of structural and control 

design variables which define the initial design. Then the sensitivity derivatives 

of the objective function and the constraints are evaluated using the analytical 

sensitivity equations derived in section 3.1. This information is then supplied into 

the NEWSUMT-A along with the equations for the objective function and the 

constraints. The optimizer then uses the derivative information, and performs a 

series of one-dimensional searches starting from the initial design towards a local 

minimum point in the design space. When this process is completed, the new values 

for the objective function, constraints and the design variable vector are obtained. 

If the constraints are active at the end of the optimization run, the Kuhn- 

Tucker conditions are then used to check for optimality. Similarly to Eq.(3.28), the 

Kuhn-Tucker conditions are given as 

F-TA=0, (3.37) 

where F is a vector containing the derivatives of the objective function W with 

respect to the design variables, and T' is a matrix containing the derivatives of the 

constraints g; and gz and the side constraint on GJ with respect to the design 

variables such that ¢;; = 0g;/Oz;. A is the vector of Lagrange multipliers. Follow- 

ing the procedure discussed by Haftka and Kamat®’, the Lagrange multipliers in 

Kq.(3.37) are determined as 

A=(T'T)'1T'F. (3.38) 

Here, the optimality is checked by comparing the values of F and T'A for closeness 

rather than for satisfying Eq.(3.37) exactly. If the difference between the corre- 

sponding elements in the two vectors is less than approximately 1%, the optimality 
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conditions are considered met. If these conditions are not satisfied, then the up- 

dated set of design variables are used as initial conditions for the next iteration. 

The flow chart for the integrated optimization scheme is shown in Figure 3.2. 

Initial design NEWSUMT-A 

variables JY 

CTT 

  

      
  

      
  

  

    

  

  

| Min W | 

| p| st 4 2 144 ID, | 

| | 
| BS Bmax | 

Updated design 

variables       

      Convergence 

  

Optimum Design 

Figure 3.2 Integrated Optimization Flow Chart 

      

The results obtained after 3 (optimization) iterations along with the initial 

design are given in Table 3.4. Table 3.5 gives the elements of vectors F and TA at 

the end of the third iteration. The final wing weight given in Table 3.4 is better 

than the one found in the sequential approach by an insignificant amount of 0.25%. 

This was unexpected. Because of the fact that the structure and control disciplines 

were integrated in the design process, it was expected that a much better design will 

be produced. This lack of significant reduction in the wing weight prompted further 

effort in finding ways to improve the integrated results by giving the optimizer more 
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Table 3.4 Initial and Optimum Wing Designs 

  

  

  

Parameter Initial Final 

GJ root 1.00000 1.78989 
GJ mid. 1.00000 1.22539 
GJ tip 1.00000 0.10003 
K 0.10000 0.91794 
B 0.00000 9.99967 
qp/41D, 1.00000 1.44001 
W/r 1.00000 1.13145     
  

  
Table 3.5 Comparison of F and TA 

  

  

Design variables F TA 

GI root 0.167500 | 0.167761 
GJ mid. 0.665000 | 0.664934 
GJtip 0.167500 | 0.167500 
K 0.000000 | 0.000006         
  

flexibility in finding the optimum design. The first attempt was to increase the num- 

ber of structural design variables. this meant using a higher degree polynomial for 

the torsional stiffness variation. Table 3.6 gives the results obtained in this attempt. 

Table 3.6 Final Normalized Wing Weight for Various Stiffness Polynomials 
  

  

Deg. of Polynomial| W/r 

2 1.13145 
3 1.13021 
4 1.12963         

The results in Table 3.6 indicate that even though some improvement in the design 

was possible by increasing the degree of the stiffness polynomial, it was not a very 

significant amount, only 0.4%. The next attempt was focused on increasing the 

number of gains and changing the control law such that 

B = Kyae(l) + Koae(l2), (3.39) 
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where Ky and K2 are the gains and a,(l,) and a,(l2) are respectively the wing 

twist angle at inboard and outboard-control edge locations where the outboard 

edge coincides with the wing tip. The change in the control law required a slight 

modification of the control influence coefficient matrix C such that 

1 

Cmn = vf Tt Am (Ha.(h) + Kyau(|2)) dn. (3.40) 

0 

This change, of course, affects other equations following Eq.(3.7); but because of 

the similarity in the derivations, the details are not discussed here. Table 3.7 gives 

a summary of the results obtained in this effort. The results obtained were even 

Table 3.7 Initial and Final Wing Designs With Two Gains 

  

  

      

Parameter Initial Final 

GJ root 1.00000 1.79064 
GJ mid. 1.00000 1.22526 
GJ tip 1.00000 0.10027 
K, 0.10000 0.44069 
Ky 0.10000 0.48676 
B 0.00000 9.99737 
qp/dD, 1.00000 1.44007 
W/r 1.00000 1.13152 
  

  
slightly poorer than those given in Table 3.4; nevertheless, the effort continued by 

increasing the number of gains to seven, and instead of just measuring the wing 

twist at the edges of the control-section of the wing (i.e., 1; and /2), the twist was 

measured also at various other locations along the wing. The control law and other 

equations were modified to accommodate for this change. The results given in 

Table 3.8 indicate almost no improvement over the previous attempts. The results 

summarized in Tables 3.7 and 3.8 indicate that the number of gains and the location 

of the sensors have almost no effect on the wing weight. It appears as though the 

design is stiffness driven as indicated by the results given in Table 3.6 (and those 
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obtained previously in the sequential optimization), and the variations in the control 

system do not improve the results of the integrated optimization over the sequential 

one. Other attempts were also made along the line of increasing the degree of the 

torsional stiffness polynomial to even higher value than four, but no significant 

improvement was noticed in the wing weight. The difference in the results given in 

Table 3.3 and Table 3.6 is approximately 0.4%. 

Table 3.8 Initial and Final Wing Designs With Seven Gains 

  

  

      

Parameter Initial Final 

GJ root 1.00000 1.78904 
GJ mid. 1.00000 1.22563 
GJ tip 1.00000 0.10040 
Kk, 0.10000 0.08706 
Ky 0.10000 0.09214 
K3 0.10000 0.13978 
Ky 0.10000 0.14282 
K; 0.10000 0.14558 
Kg 0.10000 0.14759 
Ky 0.10000 0.14833 
B 0.00000 9.99611 
qp/IDs 1.00000 1.44015 
W/t 1.00000 1.13152 
  

  
The reasons for the fact that the integrated optimization did not produce a 

wing which is significantly lighter than that obtained by the sequential approach 

may very well lie in the simplicity of the wing model. That is, the effect of the 

integration of various disciplines in the design process can be more profound when 

a more sophisticated analysis and modeling schemes are used in the wing design. 

Nevertheless, the results obtained in this study showed that through structural- 

control optimization a wing design can be obtained which is approximately 22% 

lighter than the corresponding uniform wing with the same aeroelastic characteris- 

tics. 
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4. FORWARD-SWEPT WING PROBLEM 

4.1 Design Problem 

The Integrated aerodynamic-structural-control design of a forward-swept com- 

posite wing for a high-subsonic civil transport aircraft is considered here. While 

the focus of this study is on the wing design, the effect of the rest of the aircraft 

must be included as well. The aircraft in this design study is chosen to have the 

same characteristics as the transonic transport design obtained in a recent study at 

NASA Langley Research Center.®? The pertinent characteristics of this, reference 

aircraft, is given in Table 4.1. However, the cruise Mach number is chosen here to 

be 0.68 which allows the use of a less costly subsonic aerodynamic analysis code. 

The objective of the wing design is to reduce the aircraft weight while maintaining 

the same total range and payload capacity as the reference aircraft. 

The objective function is the aircraft gross weight given as 

W=W,+Wui;s+W, , (4.1) 

where W, is the aircraft standard empty weight, W, + is the usable fuel weight and 

W, is the payload weight. The payload weight is chosen to be the same as that for 

the reference aircraft which includes the weight of 150 passengers, the flight crew 

and all the luggage. The standard empty weight of the aircraft is calculated from 

the standard empty weight of the reference aircraft W,., by assuming that structural 

weight savings in the wing are amplified by a factor 7 due to corresponding savings 

in non-structural weight and in the tail and fuselage. That is 

W, = Wrs —1(Wrw — Ww) , (4.2) 
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where W,, and Wy are the structural weight of the wings of the reference and 

design aircraft, respectively. Here, 7 is chosen to be 2.8. For the reference aircraft 

the amount of fuel burned during take-off, landing and taxying W,-f1, climb to cruise 

altitude W, s,, and descent W, sq are known. Assuming that these portions of the 

usable fuel are proportional to the gross weight of the aircraft, their corresponding 

counterparts for the design aircraft are given by 

W 
Wri= Wert( Fe) ; 

Ww 
We = Wrfe (7) , (4.3) 

W 
Wa — Wera( Te] ’ 

  

  

where W, is the gross weight of the reference aircraft. Assuming that 60% of Wy, 

is used during initial taxying and take-off and 40% is used during landing and final 

taxying, the weight of aircraft at the beginning of the cruise W; and at the end of 

the cruise W; is determined as 

W; = W -06Wp — Wye , 
(4.4) 

Wy =- W - Wuf + Wa + 0.4W ¢; . 

The unusable fuel, used only for emergency situations, is assumed to be approxi- 

mately 30% of the total fuel carried on board the aircraft; therefore, the total fuel 

weight W;, is 1.42 W,,. The usable fuel weight is chosen as a design variable which 

is adjusted by the optimization procedure so as to satisfy the range requirement. 
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Table 4.1 Reference Aircraft Characteristics 

  

Weight, N: 
Gross 4.494 x 10° 

Empty 2.852 x 10° 

Wing 3.020 x 104 

Payload 1.368 x 10° 

Usable Fuel 2.738 x 104 

Wing: 

Aspect Ratio 14 

Area, m? 83.98 

Span, m 34.29 

Thickness, % 12 
Sweep at c/4, deg. 15 
Taper Ratio 0.25 

Tail: 

Horizontal Area, m? 11.71 

Vertical Area, m? 17.74 

Average Cruise: 

Mach Number 0.78 

Lift Coefficient 0.672 

L/D (Lift to Drag Ratio) 20.7 
é (Specific Fuel Consumption), N/N — sec. 0.43 

Range, m: 2.34 x 10°       

4.2 Design Variables 

The flexibility of a design depends, of course, on the variety of selected design 

variables. In this study, there are 48 design variables which belong to four general 

categories: (1) Aerodynamics, (2) Performance, (3) Control, and (4) Structures as 

described in Table 4.2. 
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Table 4.2 List of Design Variables 

  

Aerodynamics: 

P, Root chord length 

Pz Break chord length 
P; Tip chord length 

P, Distance from root to break 

Ps Distance from break to tip 

P, Leading edge sweep angle at break 
P, Wing twist angle at break relative to root 

Ps; Wing twist angle at tip relative to break 

Performance: 

Py Dynamic pressure 

Pio Usable fuel weight 

Control: 

Py, Gain dt 1 

Pr2 Gain Ft 2 

Structures: 

Pi3 — Pyg 445° ply thickness (top skin) 

Pi7— P29 ‘0° ply thickness (top skin) 
Py; — Po, 90° ply thickness (top skin) 

P 5 — Pog £45° ply thickness (bottom skin) 
Pog — P32 ~—*0° ply thickness (bottom skin) 

P33 — P35 90° ply thickness (bottom skin) 
P37 — P3g Front spar cap cross-sectional area 

P39 — P49 Rear spar cap cross-sectional area 

P41, — Py, Ply angle (top skin) 
P45 — Pag Ply angle (bottom skin)     
  

The wing planform shown in Figure 4.1 is defined by the first six aerodynamic 

design variables (P, to Ps), while the wing twist is defined by the last two aerody- 

namic design variables (P; and Ps) which define the twist at the break relative to 

the root and the twist at the tip relative to the break. The performance variables 

are the dynamic pressure at cruise and the usable fuel weight which represents ap- 

proximately 70% of the total fuel carried on board the aircraft. The control design 
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      YL ba 

Figure 4.1 Wing-Shape Design Variables 

variables are the gain values for the control system. The wing skin on the top and 

bottom surface is divided into four sections each, with the lines A-A and B-B in 

Figure 4.1 dividing the inboard and outboard wing boxes, respectively. These skin 

panels are made of 0°, +£45°, 90° laminates with the thickness of each ply held 

constant in each section; hence, there are 12 thickness design variables for the top 

and 12 for the bottom skin. The direction of the 0° ply in each section at the top 

and bottom skin as shown in Figure 4.2 is also chosen as a design variable giving 

a total of 8 ply orientation design variables (Py, to Pyg). The cross-sectional area 

of the top and bottom caps on the front and rear spars are also selected as design 

variables. 
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Figure 4.2 Ply Orientation Design Variables 

4.3 Design Constraints 

The wing design is bounded by 316 constraints as given in Table 4.3. In the 

following subsections the definition of all and the calculation of some of these con- 

straints will be discussed. 

4.8.1 Structural Constraints 

There are 305 constraints on the wing structure which is designed to withstand 

a 2.5 g pull-up maneuver according to the FAA regulations with a 1.5 factor of 

safety. The maneuver is assumed to follow an altitude loss, and occurs at 2.5 times 

the cruise dynamic pressure. The allowable strains in the top and bottom skin plies 
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Table 4.3 List of Design Constraints 

  

Structures: 

1.-228. Maximum strain in composite skins 

229.-304. Maximum stress in spar caps 

305. Divergence dynamic pressure 

Performance / 
Aerodynamics: 

306. Range 

307. Fuel volume 

308. Landing speed 
309. Outboard-section Cz 

310. Outboard-section span 

311. Inboard-section twist 

312. Outboard-section twist 

313. Leading edge sweep angle at break 

Control: 

314.-315. Control deflection 

316. Control efficiency     
  

Table 4.4 Wing-Structure Strain and Stress Allowables 

  

  

  

Member Top Skin Bottom Skin Spar Caps 

Ply Angle 0° |+45° | 90° o° +45° | 90° 0° 

Ey 0.006 |0.003/0.006 |0.008 |0.004 |0.008 
€2 0.006 | 0.003 /0.006 |0.008 |0.004 {0.008 
€12 0.007 | 0.007 | 0.007 |0.0093 |0.0093 |0.0093 
o, (MPa) 1.048 x 10°                   
  

and the allowable stress in the spar caps are given in Table 4.4. Since the top skin is 

in compression, buckling becomes an issue; however, since no buckling constraints 

are considered in the design, the allowable strains for the top skin are chosen to be 

lower than those for the bottom. Thus, in order to satisfy the strain constraints, 

the top skin becomes thicker which will indirectly reduce the possibility of buckling. 
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Of the 0°, +45°, and 90° plies, a constraint is placed on the one with the largest 

strain making 114 constraints for the top and bottom skin each. Also a maximum 

stress constraint is placed on each of the 76 spar-cap elements in the front and aft 

spars. Since divergence is the most critical instability for a cantilevered forward- 

swept wing, its corresponding dynamic pressure is constrained to be at least 44% 

higher than the dynamic pressure at the pull-up maneuver in accordance with the 

FAA regulations. 

4.8.2 Performance Constraints 

The first of eight performance constraints is on the range which is determined 

as follows. If the small effect of the change in weight on the changes in the elastic 

deformation is ignored, the drag of the entire aircraft can be expressed as 

D = qsCp(Cz) , (4.5) 

where q is the dynamic pressure, s is the planform area of the wing and C'p is the 

drag coefficient which is assumed to be a function of the cruise lift coefficient C. 

The lift coefficient in cruise may be written as 

Ww 
Cr =~ 3 (4.6) 

where W is the gross weight. In order to reduce the fuel consumption during cruise, 

the aircraft must fly at an altitude where drag is minimum, and thus less thrust 

is needed to maintain equilibrium flight. The optimum dynamic pressure (and 

hence the optimum altitude) for cruise is determined by differentiating Eq.(4.5) 

with respect to q such that 

dCp [OC 
sCp +qs-—— (=) =0, (4.7) 
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where 

OC, Ww 
— =-—=. 4.7. Bg Bs (4.7.a) 

Rearranging Eq.(4.7) gives 

W dCp 
wt= >=; 4.8 

qd pt sCp dC, ( ) 

with the drag corresponding to the optimum altitude determined as 

d 
Drain = ~~ WE (Chun) (4.9) 

which indicates that Din is proportional to the gross weight. Assuming that for 

an elastic wing, the minimum drag is still proportional to the weight, a constant of 

proportionality may be obtained as 

. dCp 
D= dC, —_|w= Wso 3 (4.10) 

where Wspo is the aircraft weight corresponding to half of the usable fuel. Here, D 

is assumed to be approximately constant over the cruise range which yields 

Dinin = DW . (4.11) 

The rate of change of aircraft weight due to fuel consumption is given by 

d _ 

sil =-—¢T =éD=~-éDW , (4.12) 

where T is the thrust and ¢ is the thrust specific fuel consumption, and is chosen to 

be equal to that for the reference aircraft given in Table 4.1. Integrating Eq.(4.12) 

from an initial cruise time ¢; to a final cruise time ty gives 

log (=) = €D(t;—t;). (4.13) 
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Assuming that the aircraft is flying at a constant speed, the range during cruise 

portion of the flight is determined as 

R, = Vi(t _— t;) = *t00( Fe) . (4.14) 

where W; and Wy are obtained from Eqs.(4.4), and V, is the cruise speed chosen 

here to be 745 Km/hr. The calculation of D requires a priori knowledge of the opti- 

mum dynamic pressure. Instead of calculating gop: from Eq.{4.8), it is considered a 

design variable, and its solution evolves with the other design variables through the 

integrated design process. For the design aircraft the horizontal distance traveled 

during the initial climb and final descent is taken to be the same as that for the 

reference aircraft; hence, the total range is the sum of this distance and the cruise 

range R.. 

The wing must be designed such that the entire fuel can be stored inside both 

wings; hence, a constraint is placed on the internal volume of both wings such that 

the total fuel would occupy 70% of the volume, while the internal wing structure, 

control cables, etc. would occupy the rest. To determine the wing volume the 

following procedure is used. The approximate volume of one wing can be determined 

by integrating the cross-sectional area of the wing along the semi-span as 

Pat+Ps 

v -|/ k c*(y) dy , (4.15) 
0 

where c(y) is the wing chord and k is the ratio of the wing cross-sectional area to c? 

at a given spanwise station. The airfoil section used here is a NASA supercritical 

airfoil shown in Figure 4.3, designated as SC(3)-0712(B) described by Johnson et 

al.”°. Having the ordinates of the airfoil from Ref.13, the cross-sectional area was 

calculated using Trapezoidal rule. The value of parameter k for this airfoil is found 

to be 0.08035. 
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Figure 4.3 SC(3)-0712(B) Airfoil Geometry 

Because of the discontinuity at the break (see Figure 4.1), the wing volume is divided 

into two parts as 

P, Pat+Ps 

v= / ket(y) dy + [ ke5(y) dy , (4.16) 
0 4 

P, —P. 

exty) = Pa ( PB, ey. 

where 

  

  

P, -—P. 
co(y) = P2 - ( =, ‘Niu — P4). 

Integrating Eq.(4.16) gives 

kP. kP. 
i= = [Pi + P? + P,P)| + IP? + P? + P,Ps] . (4.17) 
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The total volume available for the fuel is given as 

Vra=2 x 0.70, (4.18) 

and the required fuel volume is determined based on the total fuel weight as 

O fr = Ws , (4.19) 
Pf 

with the fuel density ps equal to 7385.76 N/m?. 

  

Another important design consideration is landing. Here, a landing (approach) 

speed constraint of 278 Km/hr (150 Kt) at approximately 2133 m (7000 ft) is 

imposed. The required landing speed for such aircraft is typically 30% higher than 

the stall speed. Since at landing the high lift devices such as flaps are extended, the 

landing Cy is assumed to be 1.5 times the maximum lift coefficient C,,,,, (with no 

flaps extended). Hence, the required approach speed is determined as 

2W 

ps(1.5C Lae) 

To permit an emergency landing, the maximum landing weight is chosen to be the 

Vy, =1.3 (4.20) 

same as the take-off gross weight, W. This constraint also puts a lower bound on 

the total wing area. 

To prevent the outboard-wing chord from shrinking to a value which results in 

a large lift coefficient, a constraint is placed on the outboard-section lift coefficient 

Cr 

structural elements are located at the outboard-section, a constraint is imposed on 

such that Cz,,, < 1.0. Furthermore, since most of the aerodynamic and 
out out 

the outboard span Ps such that P; > 0.6(P, + Ps). Furthermore, the two twist 

design variables Pz and Pg are bounded each between +4°. Since the eventual 

goal is to design the aircraft for transonic Mach numbers, it is important to have 

a forward sweep configuration. However, since the Mach number currently used in 

this study is below the drag rise Mach number, the optimizer will try to remove the 

sweep (as was the case in the recent study®*). Therefore, a lower bound of 20° is 

imposed on the leading-edge forward sweep angle at break. 
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4.8.8 Control Constraints 

The problems associated with the control system include saturation and re- 

versal. To prevent the control system from saturating in a situation such as an 

encounter with a gust, a limit must be imposed on the control system gains or 

control deflection in such a scenario. This limit leaves the control system with 

enough effectiveness to combat divergence on top of gust. To determine the control 

deflection due to a vertical gust the following procedure is used. 

Using the FAR -25"! (Federal Aviation Regulations for Transport Aircraft) the 

derived gust velocity V, is given as 

V, = 7.62 m/sec , sea level < h < 6096.00 m 
(4.21) 

V, = 10.162032 — 0.000417 h m/sec, 6096.00 < h < 15240.00 m. 

This gust velocity corresponds to the design dive speed Vg curve in the V —n 

diagram described in FAR-25 

Va = 1.25V, , (4.22) 

where V, is the cruise speed. Having determined the gust and dive speeds, the 

gust-induced angle of attack increment Aa, is determined as 

Aa, = tan! (%) , (4.23) 

In the aeroservoelastic analysis discussed in Chapter 6, the control surface deflection 

due to gust-induced angle of attack will be determined. A limit of +10° is imposed 

on this deflection to avoid saturation. 

The control efficiency can be defined as the ratio of the root bending moment 

produced by a control deflection to that produced by the same deflection on an 

equivalent rigid wing. To avoid control reversal this ratio must be greater than 

zero. In this study, the simpler root bending moment is used instead of the rolling 

moment since at reversal the root bending moment due to control deflection also 

goes to zero. To avoid the loss of control effectiveness, however, a lower bound of 

0.5 is imposed on the control efficiency. 
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5. MULTIDISCIPLINARY ANALYSIS TOOLS 

The design of the forward-swept transport wing requires analysis tools with 

a greater degree of sophistication than those used in the simplified wing design 

discussed earlier (in chapters 2 and 3). This is especially true in the case of aero- 

dynamic and structural models. In this chapter the model and method of analysis 

used for each discipline will be discussed. 

5.1 Structural Model 

The structural analysis is performed on a three-dimensional finite-element model 

of the wing developed by Kao® and slightly modified in this study. The model, 

shown in Figure 5.1 is made up of 1093 elements joined at 178 nodes with 534 total 

degrees of freedom. A list of the structural members with the corresponding num- 

ber of finite elements used for each is given in Table 5.1. The mesh is generated 

based on two sets of information: the geometric shape of the wing, and the struc- 

tural configuration. The wing geometry is defined by the six shape design variables 

described previously in chapter 4, and the airfoil geometry at the root, break and 

the tip. The structural configuration is defined by the number of spars, the number 

of ribs in the inboard and outboard sections of the wing, the rib-spar intersection 

angle measured relative to the front spar, the rib spacing measured normal to the 

rib, the locations of the ribs connected to the leading and trailing edges of the wing, 

and finally the location of the front and rear spars relative to the leading edge of 

the wing. The wing box is constructed with 4 spars and 19 ribs enclosed by the top 

and bottom skins. The spars are modeled by a series of one-dimensional truss 
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Figure 5.1 Finite-Element Model of the Wing 

elements for the caps and two-dimensional (quadrilateral) elements for the shear 

webs. Each rib is modeled by three quadrilateral shear web elements which are 

attached to the spar shear webs with a vertical-rod element placed at each rib-spar 

joint. The thicknesses of all shear webs and the cross-sectional areas of the spar 

Table 5.1 Finite-Element Model Break Down 

  

  
Member No. of Elements 

Skin 684 

Shear Web 133 

Spar Cap 152 

Vertical Rod 76 

L.E. & T.E. 

Trusses 48         
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caps on the middle two spars along with all other truss elements are held fixed, 

throughout the design, at their minimum gage value given in Table 5.2. The top 

and bottom skins are modeled by two-dimensional (triangular) elements. A close-up 

Table 5.2 Minimum Gage Value for Each Structural Member 

  

  

  
    

Member Minimum Gage 

0° ply 0.0001250 m 

+45° ply 0.0002500 m 

90° ply 0.0001250 m 

Shear Web* 0.0025000 m 

Spar Cap 0.0001250 m? 

Vertical Rod* 0.0000625 m? 

L.E. & T.E. 

Trusses* 0.0002500 m? 

* member held fixed in the desig   
  

view of a single wing-box cell with various structural members are shown in Figure 

5.2. The leading and trailing edges of the wing are modeled by a series of one- 

dimensional truss elements. The wing structure is made of advanced composite 

  

    
   

  

    

\L Shear Webs 

  

XS Vertical Rods 

Figure 5.2 Close-Up View of a Single Wing-Box Cell 

materials with properties for each member given in Table 5.3. The wing-top and 

bottom skin each is divided into four sections. As shown in Figure 5.3, each skin 

panel is made of a three-layer (0°, +45°, 90°) laminate with the angle between the 
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Table 5.3 Wing-Structure Material Properties 

  

  

  

          

Structural Member | Trusses Skins Shear Webs 

Ply Angle 0° 0° +45° 90° Isotropic 
Density (N/m?) |1.574x10* |1.574x10* |1.574x10* |1.574x 104 [1.574104 

E; (MPa) 1.310x10° |1.310x10° |2.202x10* |1.303x104 | 7.563104 

E2 (MPa) 1.303104 | 2.202x10* |1.310x10° 

Gio (MPa) 6.412x10* |3.399x10* |6.412x104 

V12 0.38 0.718 0.0378 0.718     
  

element line and 0° ply direction being a design variable. Also, the three layers in 

each panel are allowed to have different thicknesses. Hence, the top and bottom 

  

        

  

\K 
\ 
V
t
 

  

Element Line 

Pay 

    oO 
90 

+ 45° 

— 0° Fiber Direction 

Figure 5.3 Ply Orientations in Each Panel 
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skins may or may not be symmetrical. The flexibility of having different ply orienta- 

tions and thicknesses enhances the aeroelastic tailoring capability during the design. 

With the finite- element model and the material properties defined, the structural 

analysis is carried out using a modified version of WIDOWAC”, a finite-element- 

based structural analysis and optimization code. This code is used to determine the 

nodal displacements due to inertia loads and the applied aerodynamic loads which 

are supplied as input. These deflections are then used for the aerodynamic load 

calculations. The post-processor of WIDOWAC gives the strains in the skin and 

the stresses in the spar caps which are used for structural constraint calculation 

during the design optimization. 

5.2 Aerodynamic Model 

The aerodynamic model used in this study was developed through previous 

73 The aerodynamic analysis is carried out using research by Polen®! and Unger 

the vortex lattice method. This method has been commonly used for calculating 

the lift and induced drag in the subsonic range with satisfactory results. Here, the 

wing area is divided to 140 skew panels, 60 for the inboard and 80 for the outboard 

section of the wing. The number of panels in the chordwise direction is 10 in both 

sections. The airfoil section used for all spanwise stations is a supercritical airfoil 

designated as SC(2)-0712(B) described by Johnson et al.’°, and shown previously 

in Figure 4.5. A horseshoe vortex is placed in each panel with the control point 

located at the 75% chord of the panel as shown in Figure 5.4. 

Using the Biot-Savart law, the relationship between the strength of each vortex 

filament and the velocity induced by that vortex at a point over the wing is obtained. 
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Figure 5.4 Vortex-Lattice Model 

Summing the contributions of all horseshoe vortices over both wings, the total 

induced velocity at each control point is determined. By enforcing flow tangency at 

each panel, a vector of circulation strength [ is computed. The aerodynamic forces 

are computed from a local application of the Kutta-Joukowski theorem as 

F=pVxT, (5.1) 

and compressibility effects are included through a Gothert transformation. Equa- 

tion (5.1) is used to calculate the lift but not the induced drag. Recent study? 

indicated that the induced drag obtained from this equation was low, with span 
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efficiencies greater than unity. The approach more commonly used involves the cal- 

culation of the induced drag from the far-field or Trefftz plane. In the far-field, the 

flow is approximated as a two dimensional flow (with no variations in the stream- 

wise direction) induced by the trailing vortex sheet. The circulation distribution 

over the wing is represented by a Fourier sine series as 

Nmaz 

T(p) = 2bVo0 S> Ansinny , (5.2) 
n=1 

where V,, is the free-stream velocity, 6 is the span and cosy = 2y/b. Having deter- 

mined the circulation distribution previously from the vortex lattice method, the 

coefficients A, are calculated from Eq.(5.2). Then the induced drag is determined 

as 

Nmaz 

Di = —PpoVe0* S- nA? sin® no , (5.3) 
n=l 

The induced drag coefficient is obtained by integrating Eq.(5.3) and nondimension- 

alizing the result such that 

  

Ci, 
CD; = nx ARe’ (5.4) 

where 
Nmes 4 \ 27-1 

AR is the wing aspect ratio and Cz is the total lift coefficient given by 

L 
Cr = 7 (5.5) 

where 
b/2 

L= 2 | l dy , (5.5.a) 
0 

and 

l= poVo!I. (5.5.0) 
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The calculations were performed with a 32 term series expansion using the LIDRAG 

subprogram found in TRO3D computer code’. The viscous drag for each wing 

section is calculated from the measured airfoil drag polar given in Ref. 5. The 

drag associated with the aircraft fuselage and the tail section is assumed to be 

constant and equal to that for the reference aircraft (described in Table 4.1). The 

drag coefficient associated with the fuselage and the tail at zero angle of attack 

is determined by subtracting the total wing drag coefficient from the aircraft drag 

coefficient as 

CDrert = CDac — CDw (5.6) 

where C'p,, and C'p,, are the total drag coefficient and the sum of wing induced and 

viscous drag coefficients of the reference aircraft at zero angle of attack, respectively. 

Equation (5.6) may not be valid in a comprehensive aircraft design, but for this 

study it is a reasonable approximation. 

5.8 Aerodynamic-Structural Interface 

When dealing with a multidisciplinary analysis, the incompatibility of the mod- 

els used for various disciplines becomes an issue. For instance, as is the case here, 

the structural finite-element nodes do not match the location and the number of 

aerodynamic control points. Hence, it is necessary to develop a mechanism by which 

the aerodynamic loads are transferred to the structural grid nodes and the struc- 

tural deformations are transferred to the aerodynamic control points. To achieve 

this, it is assumed that the effect of the aerodynamics on structural deformations 

can be approximated by lumping the aerodynamic forces at n; structural grid nodes 
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Figure 5.5 Load-Set Nodes 

(which will be referred to as the load set), and including only the vertical com- 

ponents of loads. Here, n; is taken to be 48 with locations shown in Figure 5.5. 

Furthermore, it is assumed that the the effect of structural deformations on the 

aerodynamic response can be approximated in terms of the vector of vertical dis- 

placements w at the load set. The interface used in this study is that developed 

by Unger". In it, a set of linear isoparametric functions are used to represent the 

structural deformations in a functional form. These shape functions are then used 

to interpolate the deflection at the load set nodes to the aerodynamic control points 

and forces to the load set nodes conserving work and energy. 

MULTIDISCIPLINARY ANALYSIS TOOLS 64



5.4 Control Model 

The control system used in this study consists of an aileron type control surface 

located at the aft section of the wing near the tip as shown in Figure 5.6, with 

1 actuator and 4 sensors. The control surface is assumed rigid with dimensions 

kept as a fixed percentage of the wing outboard-section span and chord such that 

its hinge line and leading edge lie behind the aft spar. The control surface size is 

approximately 3% of the total wing area which is similar to the aileron on the Boeing 

727°, for example. The weight of the actuator is assumed negligible compared to 

the structural weight of the wing, and hence is ignored in both analysis and design. 

The gains associated with control system are treated as design variables to be 

determined during the design optimization. Of the 4 sensors, 2 are placed at the 

break and 2 at the tip section of the wing as shown in Figure 5.6. These sensors 

measure the vertical deflection at those points. 

The control deflection 8 is assumed to be related to the twist at the break and 

the tip such that 

B=Py (a5) + Py (fase) ) (5.7) 

where Ws,, Ws,, Ws,, and ws, are the vertical displacements at the nodes where 

sensors 1, 2, 3, and 4 are located, respectively. P,) and P3 are the chord length 

design variables at the break and the tip, respectively, and P,; and Pj, are the 

gain design variables for the control system. Writing Eq.(5.7) in vector form, and 

allowing the control to be deflected only when the load set deflections are different 

from those at the 2.5g pull-up maneuver, gives 

B=G"(w— wm) , (5.8) 

MULTIDISCIPLINARY ANALYSIS TOOLS 65



  

  
[? l<-0.28 Ps 

® Sensor Location 

  
Figure 5.6 Control Surface and Sensor Locations 

    

  

where 2 is measured positive down, and w is the load set deflection vector with 

Wm representing its value at maneuver. Equation (5.8) is a control law based on 

feed-back control theory. The vector G in Eq.(5.8) is defined as 

Gag’ H. 

The elements in vector g are: 

P. 
n= — (for sensor #1) , 

Py 
P. 

g2=—-—~ (for sensor #2) , 
Py, 

P. 
g= — (for sensor #3) , 

Ps 
P. 

94 = —-— (for sensor #4) , 
P3 
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where 4H is a [4 x 48] Boolean matrix which expands g to the entire load set. All the 

elements of H are zero except for hy 13, 2,18, 3,43 and h4 43 which are all equal to 

one. The sign and magnitude of P,,; and P;2 will be determined during the design 

optimization. The sign of Pj; and Py, will be determined based on the fact that 

whether a downward or an upward control deflection is needed to suppress the wing 

divergence instability. Since the wing is forward swept with tailored composite skins, 

it is not intuitively obvious which direction the control surface must be deflected to 

push the center of pressure aft to delay or suppress divergence. 
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6. AEROSERVOELASTIC ANALYSES AND SENSITIVITIES 

The structure, aerodynamic and control disciplines are all coupled together 

in the aeroservoelastic analysis. In order to formulate the proper equations, a 

number of assumptions are made. As mentioned previously in section 5.2, the 

aerodynamic and structure models are linked together by assuming that the effect 

of the aerodynamics on structural deformations can be approximated by lumping 

the aerodynamic forces at the load set nodes (see Figure 5.5), and including only the 

vertical components of the loads F,. Also, it is assumed that the effect of structural 

deformations on the aerodynamic response can be approximated in terms of the 

vertical displacements w at the load set. Furthermore, the effect of the control 

deflection # on the aerodynamic response can be approximated in terms of the 

vertical displacements at the load set nodes located at the trailing edge of the 

control surface. Finally, the overall response of the aircraft is assumed to affect the 

wing by changing the root angle of attack a. 

With these assumptions in mind, the aerodynamic load vector F, is obtained 

from an aerodynamic analysis using the vortex lattice method discussed in the 

previous chapter. The aerodynamic load can be represented in a functional form as 

F, = f,(P, a, w, 8) ’ (6.1) 

where P is a vector of design variables, and is known for the analysis problem. 

The angle of attack a is obtained from aircraft equilibrium in the vertical 

direction as 

folP,F.) = snW NTF, =0, (6.2) 
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where n is the load factor and N7? is a summation vector. 

The vertical displacements at the load set w are obtained from a structural 

analysis using a modified version of the finite-element based program, WIDOWAC. 

First, the displacement at each finite-element node is determined by solving 

K(P)U =TF,+nF/(P) , (6.3) 

where K is the stiffness matrix, U is the finite-element nodal displacement vector, T 

is a Boolean matrix which expands F, to the full set of degrees of freedom, and F 7 

is the inertia and gravitational load vector. The strains in the skin and stresses in 

the spar cap elements are calculated from the displacement vector U. The vertical 

displacements at the load set are extracted from U as 

w=TTU. (6.4) 

Equations (6.3) and (6.4) can be combined as 

w= f(P, F,) , (6.5) 

The control deflection 8 is determined from the control law given in Eq.(5.8), 

and can be represented as 

B= fa(P,w) = G"(P) (w— wm) , (6.6) 

where w,, is the load-set vertical displacement vector at maneuver. The root bend- 

ing moment M, is determined as 

M = f5(P, F,) = y'(P)F. ’ (6.7) 

where y is a vector of load-set spanwise coordinates. 

Using the modular approach of Sobieski**, the individual discipline analysis 

procedures are treated as black boxes which do not need to be changed in the 

integration procedure. Here, f, represents an aerodynamic black box, f, represents 

a structural black box, and f, represents a control black box. 
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6.1 Aeroelastic Analysts at Maneuver 

Assuming that at maneuver the pilot trims the control deflection to zero (i.e., 

8=0), only the aeroelastic (aerodynamic-structural) interactions need to be consid- 

ered. Equations (6.1), (6.2) and (6.5) form a set of nonlinear coupled equations for 

F,, w and a. 

Given an initial estimate for the solution F°, w® and a°, Newton’s method is 

used to improve that estimate. The iterative process may be written as 

JAX = Af, (6.8) 

where 
AF, 

AX=<¢ Aa ; (6.8.a) 

Aw 

and 

f(P, a, w°) ~ Fo 

af=) (P,P) “S, (6.8.8) 
£(P, F?) ~ w? 

and the Jacobian J is given as 

I —Of,/da —Of, /Ow 
J = | —Of2/OF 4 0 0 

—Of,/OF g 0 I 

I -qR —-qA 
=|N? 0 Oo |. (6.8.c) 

-S 0 I 

The Jacobian is given in terms of the dynamic pressure gq, the incremental 

aerodynamic force vector gR, the aerodynamic influence coefficient matrix gA and 

the flexibility matrix S. The incremental aerodynamic force vector is defined such 

that its component qR; represents the change in F,, due to a unit change in angle of 

attack a, and the aerodynamic influence coefficient matrix is defined such that its 

component ga;; represents the change in Fy, due to a unit change in w;. Similarly, 
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the flexibility matrix is defined such that its component s,; represents the change 

in w; due to a unit change in F,,. 

Partial solution of Eq.(6.8) yields the following three equations for the incre- 

ments Aw, Aa and AF;,: 

  

. SR (I- qSA*)Aw = SBAf, + Se Afi + Af (6.9) 

Af, —NTAf, —qNTAAw 
= l Aa aTR ; (6.10) 

AF, = Af, + qGRAa + qAAw, (6.11) 

where RNT 

3=!~ NTR? 
A*=BA. 

Starting with a rigid wing approximation F® = F,,, a® = a, and w= 0 where 

1 T _ I nW-N?f, 51a 
Ar —_ qNTR ? ( . ) 

and executing a single Newton iteration gives the approximate flexible wing response 

at maneuver. The force vector f, is evaluated through a vortex-lattice analysis at 

conditions (P°,a = 0 and w= 0). The derivative vector R as defined in Eq.(6.8.c) 

is also calculated at the same conditions by perturbing the angle of attack, calcu- 

lating the corresponding force vector, and then using finite-differences to determine 

R. The gross weight W is calculated from Eqs.(4.1) and (4.2). From equilib- 

rium equation in vertical direction, Eq.(6.13), the rigid-wing angle of attack a, is 

calculated next. The aerodynamic influence coefficient matrix A is calculated by 

finite-differences by perturbing each load-set node in vertical direction and calcu- 

lating the vertical load vector f,. The A matrix is calculated at conditions (P®, 

a =a, and w=0). 
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No aeroelastic calculation is done at cruise. This implies that the cruise range is 

determined based on the drag calculated under rigid-wing conditions (i.e., Fa = Far, 

a =a,, and w= 0) with g = q, = Py. This assumption is permissible because the 

wing will be manufactured with an initial twist which under cruise loading will be 

reduced to that defined by design variables P; and P3. 

6.2 Gust-Induced Control Deflection Calculation 

Following the discussion on control saturation in chapter 4, it is necessary to 

calculate the control deflection due to gust. Equation (4.23) gives the gust induced 

angle of attack increment as 

V. 
Aa, = tan~' (Z) , (4.23) 

Va 

where V, is the vertical gust speed and Vy is the design dive speed. 

The gust-induced control deflection is calculated at a fixed angle of attack, 

because it is assumed that the pilot does not react fast enough to change the angle 

of attack in an encounter with a gust. It is also assumed that Aa, is small, so that 

the effect of the gust can be calculated by a linear approximation. That is 

0 
Ba = ay ; (6.14) 

g 

where §, is the approximate value of the control deflection. To obtain 06/0Aa, 

Eqs. (6.1), (6.5) and (6.6) are differentiated with respect to Aa, for a given set of 

design variables P as 

OF, _ Of, Of, Ow Of, Op 

dAa, dAa, Ow AAa, dB Oa, , (6.15) 
      

Ow Of, OF a 
OAa, OF ada, ’ (6.16) 
  

AEROSERVOELASTIC ANALYSES AND SENSITIVITIES 72



op _ Of, Ow 
  = . 17 
dAa, Ow dAa, (6.17) 

Rewriting Eqs.(6.14) to (6.16) in matrix form gives 

I -qA -qC OF ,/OAa, qR 
—S§ I 0 0w/OAa, >= ¢ 0 ; (6.18) 

0 -GTr | 0B /OAa, 0 

  

where gC is the incremental aerodynamic force vector with gC; representing the 

change in F,; due to a unit change in 8. Equation (6.18) is solved for the derivatives 

of F,, w and # with respect to Aag. 

6.3 Control Effictency Calculation 

The control efficiency is determined by differentiating Eqs.(6.1), (6.5) and (6.7) 

with respect to control deflection 8 for a given value of P as 

OF, Of, Ow | Of, 

    

OB = dwop * OB’ (629) 
Ow Of, OF , 
3B — OF, OB’ (6.20) 

OM, Of, OF 4 

Writing Eqs.(6.19) to (6.21) in matrix form gives 

I —qA 0 OF, / Op qC 

-S I 0 Ow/OB p= 4 0 (6.22) 

-y 0 TY} ( OM,/08 0 

Equation (6.22) is solved for the derivative of the root bending moment of the 

flexible wing with respect to the control deflection. 

For the rigid wing, Eq.(6.22) is simplified since the terms depending on w will 

disappear from the formulation. This gives 

—- = C. 6.23 
( op rigid uy ( ) 
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The control efficiency is defined by the ratio of the two derivatives of My obtained 

from Egqs.(6.22) and (6.23) as 

CE= (0M,/0B) = Gio vga (6.24) 

To assure control effectiveness and avoid control reversal this ratio must be greater 

than zero. 

6.4 Divergence Calculation 

The aeroelastic divergence instability is calculated at a fixed angle of attack, 

and is characterized by a non-trivial solution to the homogeneous part of Eq.(6.17) 

OF ,/OAa, 0 
Ow/OAa, = 13] , (6.25) 
OB /OAag 0 

This is an eigenvalue problem for g, with the lowest real eigenvalue representing 

-S I 0 
I -gA -qC 

0 -GT I 

  

the divergence dynamic pressure gp. The corresponding eigenvector is denoted as 

[Fap, Wp, Bp|?. Equation (6.25) can be reduced to a standard linear eigenvalue 

problem by substituting 0w/OAa, and 06/0Aaz, in terms of OF ,/O0Aaq, to obtain 

[A+ CG?7]5 — 4 { oa} =0, (6.26)   

with the largest real eigenvalue being 1/qp. 

6.5 Aeroelastic Sensttiuity Analysts at Maneuver 

The method used in the aeroelastic calculation earlier can also be utilized in 

calculating the derivatives of the aeroelastic response with respect to each of the 

design variables. These derivatives are needed in the design problem, and can be 

calculated by differentiating Eqs.(6.9) to (6.11) with respect to each design variable. 
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This approach requires the calculation of derivatives of matrices A and S which can 

be very costly. Here, instead, the technique developed by Sobieski*!**? is followed, 

and Eqs.(6.1), (6.2) and (6.5) are differentiated with respect to a design variable P 

to obtain 

“X= f', (6.27) 

where a prime denotes partial differentiation with respect to P and where 

Fy 
X'= a! ; (6.27.a) 

w ( 

fi 
pale, (6.27.8) 

fs 

along with the definition f/ = Of;/OP for 1 = 1,2,3. The Jacobian J appearing 

in Eq.(6.27) is the same as the one utilized in the analysis in Eq.(6.8). Equation 

(6.27) can be partially solved to yield 

  

SR (I- gSA*)w! = SBf, + f+ fh. (6.28) 
Mower T 

Fi =f, +qRa'+qAw'. (6.30) 

This approach does not require any derivatives of A and S but only partial deriva- 

tives of f;, fo and f3. For example, f{ denotes the derivative of F, with respect 

to a design variable when a@ and w are fixed. 

Note that Eqs.(6.28) to (6.30) are based on the Jacobian J being calculated 

at the point where Eqs.(6.1), (6.2) and (6.5) are satisfied. Because the single New- 

ton iteration satisfies these equations only approximately, the derivatives are also 

approximate. 
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6.6 Control Deflection Sensitsuity Analysts 

The design problem requires the derivatives of control deflection with respect 

to the design variables. To determine them, Eq.(6.14) must be differentiated with 

respect to each design variable P as 

a6. 9 (ap OB Oda, 
@P ~ OP (sxe Oe + Aa, OP” (6.31) 

    

The calculation of each term on the right hand side of Eq.(6.31) is explained in the 

following subsections. 

6.6.1 0(08/OAa,)/OP Calculation 

The derivative of 08/O0Aa, with respect to each design variable is calculated 

by differentiating Eq.(6.18) as 

0 -d(gA)/AP -A(qC)/AP] ( dF,/dAa, 
-88/8P 0 0 dw/dAa, }+ 

0 -aGT/aP 0 08 /dAa, 

  

-S TI 0 
I -qA -—qC 

0 -GF I 

8(8F,/AAa,)/OP ! &(qR)/aP ! 
0(dw/dAa,)/AP $= 0 , (6.32) 
8(8B/OAa,)/OP 0 

  

OA Al OA Oa, 

  

55 = Aly OA Bee (6.32.a) 

oC _C'4 « oar . (6.32.b) 

35 _s', (6.32.c) 

oc =(G?)', (6.32.d) 

oR _R! (6.32.e) 

da, Oa,0W | da, Of, , Ja, OR (6.32.f) 
OP” OW AP‘ Of, AP OR OP’ 
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where for example, A’ denotes the derivative of A with respect to a design variable 

holding a, w and # fixed. A and C are evaluated at rigid wing conditions with 

dependency on both rigid angle of attack a, and design variable vector P. S, 

GT and R depend only on the design variable vector P. Equations (6.32) can be 

reworked to get the equations for the second derivatives of F,, w and f# as 

  

   

             

    

= ( a) = [I — qAS — gCG"s]"" 

Risa gas, * (Be, me CER, 
(a 3B) ince Daa, * [A + cons ae -|. 

(6.33) 

3 (sae) > = Say +S 2 (2) (6.34) 

aP a (aaa;) = (G "Y ahes * Cap (ams): (6.35) 
Equations (6.33) to (6.35) contain the derivatives of A and S matrices with respect 

to P, which were avoided before. However, by utilizing the technique discussed by 

Grossman et al.®° the terms containing A' and S' can be calculated without deter- 

mining either of these derivatives explicitly. Using the definition of A in Eq.(6.8.c), 

it is noted that 

    

' a) = ap (3) 50 

aA (sae OP \ dw Shay’ (6.36) 

To see how gA'(0w/0Aa,) can be calculated without calculating A’, a more generic 

case is considered. Let f be a function of vector Z, and let Q be a given unit vector. 

Let Zo be a particular choice for Z, then the scalar product of the gradient Of /OZ 

at Zo and the vector Q is the directional derivative of f in the direction Q, that is 

Of . 1 
(a7) zo = lim < lf (Zo + €Q) — f(Zo)] 

7 (6.37) 
= qf (Zo + eQ)]<=0 . 
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Equation (6.37) holds even if Q is not a unit vector, but has an arbitrary magnitude. 

Equation (6.37) provides a way of calculating the product Of /OZ times Q without 

calculating the individual components of Of /0Z. Now considering Eq.(6.36) and 

using w as the vector Z and Ow/dAa, as the vector Q yields 

    

Of:,\ Ow d Ow 
— =—_lClc . = 1. eee 9 6.38 

( Ow ) OAa, de fC + dAa, é) = , for: peony Tl ( ) 0 

where f1, is a component of f, and wp is the value of vector w at which the A matrix 

is calculated. Here, wo is zero. Note that Of,,/Ow is a row vector with elements 

composed of the derivatives of f;, with respect to the individual components of w. 

Equation (6.38) can also be written as 

Of,\ Ow  d Ow 

(Ss) Oda, de Kaas, 4 <0 (6.99) 

where f, is a nonlinear function of w. Here the right hand side of Eq.(6.39) is 

calculated by finite-differences as 

Of, Ow _ FP, ar, (Ow/dAa, )e, 0) = f(P, ar, 0, 0) 

(3) OAa, € (6.40) 

For Eq.(6.36) the derivative of (Of, /Ow)0w/OAa, with respect to P holding 0w/dAa, 

fixed (because the derivative with respect to P in Eq.(6.36) applies only to the 

aerodynamic coefficient matrix A) must be calculated. Using the forward finite- 

difference scheme, it gives 

, (2) _ (af, /00)0w/a4a,] rear (af, /oujau/ana, waa 

Since the aerodynamic force vector is only a function of the wing shape and dy- 

  
  

namic pressure design variables (i.e., P; to Py), the solution of Eq.(6.41) requires 

20 calculations of the force vector f,. Equation (6.40) is calculated once for P and 
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once for P+ AP (for P; to Py) with each requiring two f, calculations. By contrast, 

the calculation of A’ requires the perturbation of n; aerodynamic solutions which 

translates into 10 x 48 = 480 force vector calculations. 

The derivative in the right hand side of Eq.(6.40) was determined for various 

values of €, but did not show a strong sensitivity to the value of stepsize; hence 

€ was chosen to be 1°. The non-zero derivatives (i.e., those with respect to P, 

to Py) found from Eq.(6.41), however, showed some variations with the stepsize 

AP. Hence, to select the best stepsize for the finite-difference calculations, the 

normalized (logarithmic) derivative in Eq.(6.41) was calculated for several values 

of stepsize (ic. AP = 1 x 107° to AP = 1 x 107! in increments of 10). The 

stepsize selected was AP = 1 x 107‘, since it was contained in the region where the 

derivative showed the least amount of variation with the stepsize. 

To calculate the product S'(@F,/0Aa,), a similar procedure is used, noting 

  

that 

OF, 9 ( Of, \ OF. 
S dAa, ~ OP (Fe) sa ’ (6.42) 

and 

Of. OF , d OF, ( se Tha; 7 de [f,(Fa. + Bia,” _ (6.43) 

where F,, is the nominal value of Fz. By examining Eqs.(6.3) to (6.5), it is apparent 

that f, is a linear function of F,, and the right hand side of Eq.(6.43) can be 

  

calculated by solving 

OF, 
KU, = "Oka, ; (6.44) 

de [fs(Fao + DAa, <0 = TU, ; (6.45) 

where U, is the gust-induced finite-element nodal displacement vector. For Eq.(6.42), 

the derivative of (0f,/0F,)0F,/O0Aa, with respect to P holding OF ,/0Aaqa, fixed 
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(because the derivative with respect to P in Eq.(6.42) applies only to the flexibility 

matrix S) must be calculated. Realizing that the right hand side of Eq.(6.45) is 

equal to the displacement vector at the load set w, due to OF ,/OAaqzg, the right 

hand side of Eq.(6.42) is determined by calculating the derivative of a single dis- 

placement solution. However, the derivative of w, with respect to P is not W, since 

OF ,/OAaz, is kept fixed. 

Using the forward finite-difference scheme, S'(0F,/0Aaz,) is calculated as 

OF, (w )\p+ap —(w \p 
‘ _ g g 

S dAa, AP (6.46) 

The stepsize here was chosen similarly to the previous case by calculating the 

logarithmic derivative (Aw/w)/(AP/P) for several values of AP among which 

AP = 1 x 107? was found to be the best for the non-zero derivatives (i.e., all 

except Py to P2). 

The non-zero derivatives (i.e., those with respect to P, to Py) in R', C’ are 

evaluated using a forward finite-difference scheme with a stepsize of AP = 1x 107, 

AP = 1x 107° , respectively. The non-zero derivatives (i.e., all except P,, and 

P,2) in Oa,/OP are also evaluated using forward finite-differences with a stepsize of 

AP =1x10~*. Here again the stepsizes were chosen by calculating the logarithmic 

derivatives in each case for several value of the stepsize. 

The derivatives 0C/0a, and 0A/OAa, were also calculated by finite-differences 

with a stepsize of 1° for each. These derivatives did not show any considerable 

variation with the stepsize. 

The derivatives of G? with respect to P were calculated analytically by differ- 

entiating Eq.(5.9). G7 is a row vector with only 4 (out of 48) non-zero terms. The 
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derivatives of these non-zero terms are 

  

  

  

  

  

  

  

a = 3 , (6.47.a) 

ae = z , (6.47.5) 

a = 3H , (6.47.c) 

a = oe (6.47.d) 

= = z , (6.47.e) 

a = 5 (6.47. f) 

one = z (6.47.9) 

one =e (6.47.h) 

where P,; and Pj are the gain design variables, and P2 and P3 are the break and 

tip chord design variables, respectively. 

Having calculated all the necessary terms in Eqs.(6.33) to (6.35), the second 

derivatives, 0(06/0Aa,)/OP can now be determined. 

6.6.2 OAa,/OP Calculation 

By examining Eq.(4.23), it is noted that the gust-induced angle of attack incre- 

ment Aa, is a function of vertical gust speed which is determined from Eq.(4.21) for 

a given cruise altitude. Since the cruise altitude is determined from cruise dynamic 

pressure (q, = Py), Aay is then an implicit function of Py. Hence, the only non-zero 

derivative of Aa, is that with respect to Py, and is determined numerically as 

dAa, _ (Aag)P,+aP, — (Ady) p, 
OP, AP» 

    (6.48) 

The stepsize chosen for this derivative was 1 x 1073. 
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6.7 Control Efficiency Sensitivity Analysts 

The derivatives of the control efficiency CE with respect to the design vari- 

ables P are needed in the design problem, and are determined by calculating the 

derivatives of 0M,/06 with respect to P for both flexible and rigid wings. 

6.7.1 0(0M,/0B)/OP Calculation for Flezible Wing 

To determine the derivatives of 0M,/0f8 with respect to each of the design 

variables, Eq.(6.22) is differentiated with respect to P as 

| 0 ~A(qA)/OP | {as | 
~0S/8P 0 0| 2 aw/ap $+ 
—Oy™ /AP 0 8M,/08 

| I -qA : | sianyan | eet 
-§ I 0 8(0w/OB)/AP } = 0 (6.49) 

-y" 0 0(8M,/0B)/AP 0 
where 

or = (97), (6.49.a) 

and the other first order derivatives in Eq.(6.49) are the same as those defined pre- 

viously in subsection(6.6.1). Equation (6.49) can be rearranged to get the equations 

for the second order derivatives of Fa, w and M, as 

  

      
  

    

a (F) = {I — gAS]~ 
P 6.50) 

ae OA at) 3B Ow Co! OC 0a, 4s OF, (6. 
apt (5 ap ) ap + © + Ga, op th a 

a (dw\ OF, . 9 (oF. 
ap ag) = a5 * Sop ( Gp) (6.51) 

8 (8M\ _-r,0Fa , 7 8 (ORs 
a (am). wag +8 a (ae) (6.52) 

The terms involving A' and S' are calculated by following the same procedure as 

before. 
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The term ¢gA'(0w/0) can be expressed as 

  

1 ( Ow of, 

04'(35) = oP (Ge) a8 (659) 
where . 

of; (Fe) = Spc Feo] (6.54) 
Using the finite-difference approach to calculate the right hand side in Eq.(6.54) 

gives 

oh Ow fi(P, ar, (Ow/0f)e, 0) — f,(P, ar, 9, 0) 3B : (6.55) 

Equation (6.55) is evaluated nine different times (for P, to Pg) while holding Ow/08 

fixed. Hence, the derivative in Eq.(6.53) is determined as 

a (2*) cor /0u)ow/a6] rsar - | af /Ow) 0/08] 6.56) 

The best stepsizes for Eqs.(6.55) and (6.56) were found to be e = 1° and AP = 

  

1 x 107‘, respectively by examining the logarithmic derivatives in each case the 

same way as before. 

To calculate the product S‘(OF,/08), a similar procedure is used, noting that 

  

  

    

st al se) a: | (6.57) 

and 

(se) a = “[hlFe + a9 <0 = %- (6.58) 

Following the same procedure as before, the derivatives in Eq.(6.57) are calculated 

as 
s' _ We) pear — (wg) p (6.59) 

The stepsize for AP was found to be 1 x 107°. 
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The derivatives of the vector of load-set spanwise coordinates y? were calcu- 

lated only for the shape design variables as 

(y7)' _ rear — (y" )p . (6.60) 

6.7.2 0(0M,/08)/OP Calculation for Rigid Wing 

To determine the derivatives of (0M,/Of),rigia With respect to each of the design 

variables, Eq.(6.23) is differentiated with respect to P as 

(6.61)   

— OM, _ T\! * ' a ar) 

ap (ap ) p= MaC+ a9 C+ 5a, OP " 

With all the terms on the right hand side of Eq.(6.61) already calculated, the 

derivatives of (0M,/08),igia with respect to P can be determined. 

6.8 Divergence Sensitimty Analysis 

To determine the derivatives of divergence dynamic pressure gp with respect 

to each of the design variables, Eq.(6.25) is differentiated at g = gp with respect to 

| 0 —O(qpA)/OP aa Fap 
+ —8S/OP 0 0 wp 

0 —0GT/AP 0 Bp 

I -qpA ~-gqpC OF, /OP "0 
-S I 0 Owp/AP $=40}. (6.62) 
0 -Gr st 08/0P 0 

  

Premultiplying Eq.(6.62) by the left eigenvector of Eq.(6.25) [FZ , w?, B,], defined 
ar? 

by 
I -qpA —qpC 

[F2 wi fL)|-S I 0 =0 (6.63) 
0 -—Gt I 
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gives 

0 —O(qpA)/OP -AqpC)/OP] ( Fap 
[FZ wr Br | —0S/0P 0 0 Wp =0, 

0 —~OGT/OP 0 Bp 
(6.64) 

or 

Ogp pF 7, A'wp + wi S'Fay + Br(G*)'wp + qnF 7, C'Bp 
— = 6.65 

oP FT Awp + FT, C8p (6.65) 
  

Here also the derivatives of A and S matrices appear. The method of calculation of 

the terms involving A' and S’ is identical to that discussed previously for the other 

sensitivity calculation. 

The term gpA'wp may be expressed as 

» _ 9 (OF, 
qpA Wp = OP (4) WD, (6.66) 

where 

(os 
  

  

€=0 

(6.67) 

— f(P, ar,WpD, 0) ~~ f(P, ar, 0, 0) 

E 

The term gp A'wp is determined as 

(of, /2)0] — (of, /2vyo0) 

gp A'wp = PrAP fr. (6.68) 
AP 

For this calculation, the best stepsizes were found to be e = 10 and AP = 1 x 107?. 

The term S'F,,, similarly to previous cases may be expressed as 

in 2. ( Of, \ OF sag = 2 (Se), 6.09     
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where 

Of. d 

(se) Pap = de fa(Fao t+ Fan] ,29 = “D- (6.70) 

Following the same procedure as before, the derivatives in Eq.(6.69) are calculated 

as 

S'F ap — Wo)prar = (wp)P (6.71) 

the best stepsize was found to be AP = 1 x 107°. 

For the term gpC'fp a direct finite difference for C' was used. This calculation, 

similar to R' calculation, is not as expensive as that for A’ or S’, thus there is no 

need for modular approach. The best stepsize for the non-zero terms in C’ (i.e., for 

P, to Pg) was found to be AP = 1 x 107%. 
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7. APPROXIMATE OPTIMIZATION PROCEDURE AND RESULTS 

Having defined the design problem along with the associated variables and 

constraints previously in chapter 4, the optimization problem can now be formulated 

and solved. The forward-swept wing optimization problem with gross weight W as 

the objective function is formulated as to find the design variable vector P which 

minimizes W(P), 

subject to g,20, 

qp(P) > 1.44¢m(P) ; 

R(P,D)>R,, 

V(P) > vy, , 

Vi(P,W) S Vir , 

Cr... (P) < 1.0, (7.1) 

—10° < B,(P) < 10°, 

CE(P) > 0.5, 

Ps > 0.6(P, + Ps) , 

Ps > 20° , 

—4° <P, < 4°, 

—4°< Pg <4’, 

where the vector g, represents the structural constraints on stresses and strains, 

gp and g,, are the divergence and maneuver dynamic pressures, respectively. The 

calculated and required range are represented by R and R,, respectively. The quan- 

tities J and VJs, represent the available wing and required fuel volume, respectively. 
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The outboard-section lift coefficient is denoted by C,,,,. The approximate value 

of the control deflection is represented by §,, and the control efficiency is denoted 

by CE. The outboard span Ps and leading-edge sweep angle at the break Ps have 

only lower bounds imposed on them, while the two twist design variables P7 and 

Pg are confined by both lower and upper bounds. 

The solution of an optimization problem usually requires many calculations of 

the objective function, constraints, and their derivatives which are used for calcu- 

lating search directions. In problems where these calculations are very involved and 

time consuming, various techniques may be applied to reduce the computational 

cost. One such technique is the sequential approximate optimization®” which uses 

the linear approximation of the objective function and constraints based on the 

initial set of design variables P® and the derivative information at the initial design 

to determine an approximate solution to the optimization problem defined by the 

design variable vector P’. Move limits are imposed on the design variables to as- 

sure a certain degree of accuracy necessary in the approximation. The approximate 

solution defined by the design variable vector P’ may still be far away from a local 

optima. To obtain the optimum design or to get as close to it as possible, the 

approximate solution defined by P¥ will be used as the initial design for the next 

iteration (cycle). This process may continue for many iterations before convergence 

is reached. 

Since the forward-swept wing problem involves many elaborate and costly anal- 

ysis calculations, it is naturally a good candidate for the application of the sequen- 

tial approximate optimization. Each approximate optimization problem may be 
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formulated as 

minimize W(P), 

Npv 

subject to g.(P) =g,(P°) + 2 
=1 
Nov 

en(P) = ant) +) (GP) AP. > L44am(P) 
R(P,D) > R, , 

  ) AP; >0, 
po 

  

v(P) > Vfr ; 

Vi(P, Ww) < Vir ’ 

(P)<1.0, (7.2) 
Lout 

Npv 

10° < Ba(P) = BalP9)+ (SA 2) AP, < 10°,   

CE(P) > 0.5, 

Ps > 0.6(Ps, + Ps) , 

Pg > 20° , 

—4° <P, < 4°, 

—4°< P< 4°. 

Recalling from chapter 4, the gross weight is given in terms of the aircraft standard 

empty weight W,, usable fuel weight W, fs and the payload weight W, as 

W=W,+WustW,, (4.1) 

where 

W,= W,s—1(Wrw — Ww) ; (4.2) 

with W,, representing the standard empty weight of the reference aircraft and 

W. and W,w representing the structural wing weight of the design and reference 
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aircraft, respectively. Here, the objective function is calculated exactly from a linear 

approximation to the wing structural weight as 

  Wo(P) = Wa(P®) +5 (S) AP; . (7.3) 
" . i=1 OP; / po 

The derivatives of wing structural weight with respect to structural design variables 

(Pi3 to Pyg) in Eq.(7.3) are determined by WIDOWAC while the derivatives with 

respect to the other design variables are determined by finite-differences with AP = 

1x 107%. 

The derivatives of the structural constraints 0g,/OP; are evaluated by finite- 

differences with AP = 1 x 107? for P,; to Pg and AP = 1 x 10~? for the rest. The 

derivatives of the divergence dynamic pressure gp’ are determined from Eq.(6.65). 

The range R is calculated exactly at qg = gq, from a linear approximation to the 

total drag given by 

D(P) = D(P*) + x (se) AP; (7.4) 
— \ OP; / po 

where the derivatives of drag with respect to design variables are determined at 

cruise condition as 

OD aD 
OP. = D' + Fat ; (7.5) 

where ' denotes differentiation with respect to P,; holding a and w fixed. Here, 

D' is evaluated for the first 10 design variables by finite-differences with AP = 

1 x 107%. For the other design variables (i.e., structural and control) D’ is zero. 

The derivatives of drag with respect to angle of attack, 0D/0a is evaluated at rigid 

conditions (i.e., a = a, and # = 0) by finite-differences with stepsize AP = 1x107°. 

The quantities J, Vz and C_,,, are all calculated exactly in the optimization 
out 

process. The derivatives of the approximate control deflection 08,/0P; may be 

6B, _ 8 (_ Op 
OP; OP; (saan) (7.6) 

expressed as 
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where the derivatives on the right hand side of Eq.(7.6) can be determined from 

Eq.(6.31). 

The control efficiency CE is calculated exactly from Eq.(6.24) based on a linear 

approximation to 0M,/08 for both flexible and rigid wings as 

om ~ Rey OM, >. 
9p (P) = = 5g (P+ do OF; BP, a(S BB ) ar , (7.7) 

and 

2M Band? De BR BP) ug, OP 
( op P= (Se op ) )+ » OP; OB rigidlpo a: ( . ) 

i=1 

The optimizer used in this study is the NEWSUMT-A program® which was 

also used earlier in the integrated design optimization of the simplified wing. The 

optimization algorithm used in NEWSUMT-A is based on an extended interior 

penalty function method, and allows for various levels of constraint and objective 

function approximations. 

7.1 Solution Procedure 

The solution process begins by first selecting a set of design variables P® which 

define the initial design. The finite-element mesh generator then uses the planform 

design variables along with the information about the wing-interior structural con- 

figuration (e.g., number of spars, ribs, etc.) and generates the structural grid. The 

load-set nodal locations are then defined with respect to the structural grid nodes. 

The wing structural weight W,, is calculated next through a structural analysis 

by WIDOWAC. The general analyses calculations which follow are modularized as 

shown in Figure 7.1. 
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    Figure 7.1 Design Procedure Flow Chart 
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The initial information along with the structural wing weight are used for rigid- 

wing drag analysis and sensitivity calculations at g = qc = Py. With the vectors f, 

and R, matrix A, gross weight W and rigid angle of attack a, already determined 

in chapter 6, the total drag D is then calculated at the same conditions (i.e., P®, 

a = a, and w = 0) by an aerodynamic analysis which includes the induced and 

viscous drag calculations. 

To calculate the drag sensitivities, first f| and f, are calculated by finite dif- 

ferences. Then Eq.(6.27) is used to calculate a’ by setting w’ and f§ equal to zero 

which is consistent with the rigid-wing assumptions. Next, the partial derivatives 

D‘ and 0D /0a are calculated by finite differences. Finally Eq.(7.5) is used to calcu- 

late the sensitivities of drag with respect to each design variable P;. This procedure 

? 
Aerodynamic / Performance 
analyses at q =q, for 
f,,R,W,a,, A and D 

! 
Calculate 

fi, tf. D' and Dix 
by finite-differences 

Y 
Modular sensitivity 
analysis for a.’ 

Drag sensitivities 

dD 
dP 

is shown in a flow chart in Figure 7.2. 

  

      
  

      
  

      
  

      

Figure 7.2 Rigid-Wing Analysis and Sensitivity Calculations Flow Chart 
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The Maneuver analyses begin by first calculating the structural flexibility ma- 

trix S by WIDOWAC. Then, the procedure discussed previously for the rigid-wing 

is repeated up to the end of A matrix calculations with g = gm = 2.5¢-. Aeroelastic 

analysis is performed next by solving Eqs.(6.9) to (6.11), and calculating the force 

vector F,, the angle of attack a and the load-set vertical displacement vector w. The 

finite-difference approach is used to calculate the derivatives f}, f, and f;. Then 

using the modular sensitivity approach, the derivatives F!,, a’ and w' are calculated 

by solving Eqs.(6.28) to (6.30). The force vector F, and the derivative matrix F4 

evaluated at P® are then used in formulating a first order Taylor series expansion 

for the aerodynamic force vector F, which is used along with the inertia and grav- 

itational force vector F; in an structural analysis for the calculation of structural 

constraints (on stresses and strains) and their derivatives. This procedure is shown 

in Figure 7.3. 

The gust and divergence calculations are performed as follows. First the aero- 

dynamic incremental force vector C is calculated at conditions (P°,a = 0 and w= 

0) by making a simultaneous and uniform perturbation in all load-set nodes which 

are located at the trailing edge of the control surface. This is consistent with mak- 

ing a unit perturbation in the control deflection 8. The perturbed force vector is 

then calculated from a vortex-lattice analysis. Then the vector C is calculated by 

finite-differences. Equation (6.25) is then used to calculate the divergence dynamic 

pressure gp and its corresponding eigenvectors (i.e., F,,, wp and 6p). Equation 

(6.63) is used to calculate the left eigenvectors (i-e., Fa,, wz and B,). The mod- 

ular sensitivity approach is used to calculate the terms involving the derivatives 

of matrices A and S in Eq.(6.65) which is then used to calculate the divergence 

sensitivities 0qp/OP;. 
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Figure 7.3 Maneuver Aeroelastic and Sensitivity Calculations Flow Chart 

The gust analyses follow the calculation of the C vector by calculating the gust- 

induced incremental angle of attack Aa,. Equation (6.18) is then solved for the 

derivatives of F,, wand # with respect to Aa,. The approximate control deflection 

Bq is calculated based on a linear approximation to 8 from Eq.(6.14). Following the 

procedure in section 6.6, the control deflection sensitivities 08,/0P; are calculated 

from Eq.(6.31). The gust and divergence analyses procedure is shown in Figure 7.4. 
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Figure 7.4 Gust and Divergence Analyses and Sensitivity Calculations Flow Chart 

The control efficiency analysis begins by calculating the derivative of the root 

bending moment with respect to control deflection 0M,/08 for both flexible and 

rigid wings from Eqs. (6.22) and (6.23). The second derivatives of My and Mp,.,:4 

with respect to P; are evaluated from Eqs.(6.49) and (6.61). The control efficiency 

CE at P® is calculated next from Eq.(6.24). During optimization, the control effi- 

ciency will be calculated exactly based on the first order Taylor series approximation 

for the derivatives of the bending moment given by Eqs.(7.7) and (7.8). The flow 

chart for this procedure is shown in Figure 7.5. 
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Figure 7.5 Control Efficiency and Sensitivity Calculations Flow Chart 

7.2 Optimization Results 

The optimization procedure began with the case which utilizes both active 

controls and aeroelastic tailoring for divergence suppression. The initial design had 

very thin wing-box skins which resulted in 194 structural constraints (mostly the 

skin strains and including the divergence dynamic pressure) violations. Also the 

outboard-section span constraint was violated initially. At the beginning the move 

limits were set to 5% for all design variables except the gain design variables which 

had 10% move limits. These move limits were chosen to ensure accuracy in the 

approximation used for most of the constraints. However, larger move limits were 

also tried at the beginning, but proved to be inappropriate as they resulted in a 

substantial difference between the approximate values of some of the constraints 

(mostly structural) at the end of an approximate optimization cycle (iteration) and 

the exact values determined at the start of the next cycle. With the selected move 

limits being fairly small and the number of initial constraint violations rather large, 
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it took 7 approximate optimization cycles to gradually satisfy all the constraints. 

The results of the optimization for the case which includes both active controls and 

aeroelastic tailoring are plotted in Figures 7.6 to 7.22. 

Initially the gross weight decreased followed by a temporary increase. This 

behavior was traced to the changes in the wing and fuel weights. The wing’s initial 

weight increase was mostly due to the increase in the wing planform area and 

partially due to the increase in thickness of some skin plies and area of some spar 

cap elements in order to satisfy the structural constraints. However, this weight 

increase was offset by the reduction in fuel weight, and the gross weight subsequently 

decreased. After the 4th cycle, the increase in the wing weight and the resulting 

standard empty weight exceeded the reduction in fuel weight, and the gross weight 

gradually increased until the end of the 7th approximate optimization cycle at which 

point all structural constraints were satisfied. 

The optimization process continued using the same move limits till the end of 

13th cycle. At this point an upper limit of 10 was imposed on the control efficiency. 

This was done because as the control efficiency became larger, the approximation 

for flexible-wing bending moment became poorer. As a result the control efficiency 

at the end of an approximate optimization cycle would be very far from the exact 

value determined at the beginning of the next cycle. At this point, it was also felt 

that a reduction in move limits was also necessary to assure greater accuracy in the 

approximations. Hence the move limits were reduced from 5% to 3% with the move 

limits on the gain design variables kept at 10%. 

At the end of 20th cycle while keeping the other move limits fixed, the move 

limit on fuel weight design variable was increased to 8%. This move limit increase 

was considered proper since the fuel weight was continuously decreasing through 

out the design while the range constraint was always satisfied (see Figure 7.22). 
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The process continued to 29th cycle with the gross weight continuously decreasing. 

Also, since no upper limit was imposed on the cruise altitude, the dynamic pressure 

was being reduced by increasing the cruise altitude and at the same time increasing 

the total wing span and aspect ratio which resulted in substantial drag reduction. 

Since the engine performance was not included in the analyses, it was necessary to 

impose a reasonable ceiling on the cruise altitude. At this point a ceiling of 13500 

m (45000 ft) was placed on the cruise altitude. This altitude cap resulted in the 

rapid reduction in the wing span which affected the wing area and structural weight 

which led to a sudden reduction in the gross weight and sudden increase in dynamic 

pressure and drag. The increase in drag resulted in an increase in fuel weight. 

Since the cruise-altitude ceiling was imposed rapidly over the following 4 cycles, it 

resulted in an oscillation in the wing twist design variables, sweep angle, control 

deflection, control efficiency, drag and usable fuel weight immediately following 

the 29th cycle. Following this interruption, the optimization process continued 

smoothly till 52nd cycle at which point the move limits were all reduced to 2% with 

those for gain design variables also reduced to 5%. This was necessary because most 

of the structural constraints were becoming active and the gross weight variation 

was becoming smaller, indicating convergence approach. 

The control deflection necessary to suppress divergence was in upward or neg- 

ative direction. This pattern continued through out the design till the maximum 

value of upward deflection (—10°) was reached eventually. The sequential approxi- 

mate optimization procedure was continued till the end of the 60th cycle at which 

point the improvement in gross weight per cycle was approximately 0.005% with 

40 of the skin strain constraints being active (i.e., g, < 2%). The margins on the 

other structural constraints (with the exception of the spar caps stress constraints) 
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were in the order of 10% to 30%. Also the constraints on landing speed, control 

deflection, divergence dynamic pressure and range were all active at this point. 

The initial and final wing-planform geometry for this case are shown in Fig- 

ure 7.23. The final wing area is approximately 28% smaller than the initial wing 

with approximately 14% higher aspect ratio. The overall improvement in the gross 

weight is approximately 6% over the initial value. The improvement in the struc- 

tural weight of one wing at the end of the optimization effort is approximately 

20%. The completion of 60 cycles required approximately 42 (CPU) hrs. with 

each approximate optimization cycle taking over 2500 (CPU) sec. on an IBM 3090 

mainframe. 

In order to determine the contribution of the active controls and aeroelastic 

tailoring each in divergence suppression of the forward-swept wing design problem, 

the active control terms were removed from the divergence calculations. However, 

the control efficiency constraint was kept in the design optimization. To avoid ad- 

ditional computational cost, the design at the 40th cycle in the previous case was 

chosen as the initial design. The weight iteration history for this case is compared 

with the previous case in Figures 7.24 and 7.25. Since the effect of active con- 

trol on divergence suppression was suddenly removed, the optimizer increased the 

structural sizing variables to avoid divergence which resulted in a rapid increase 

in the structural and gross weights. However, in just 2 cycles the optimizer began 

utilizing the aeroelastic tailoring more effectively which resulted in the reduction 

of structural sizing and gross weight. After 20 cycles the optimization reached an 

acceptable convergence, and the procedure was stopped. 

The wing planform geometry in this case is compared to that in the previous 

case in Figure 7.26. As can be seen, the difference between the two final designs 

is minimal. The design characteristics in both cases are compared to the initial 
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design in Table 7.1. The initial and final design variables are listed in Tables 7.2 to 

7.4. Comparing the results obtained in this study, a difference of only 0.2% in the 

gross weight and 2% in the structural wing weight is observed. This small difference 

indicates that most of the divergence suppression capability in the forward-swept 

wing example comes from aeroelastic tailoring of composite skins. 
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Table 7.1 Initial and Final Wing Design Characteristics 

  

Parameter Initial 

Final 

Control On 

Final 

Control Off 
  

Gross Weight, N 
Wing Structural Weight, NV 

Total Wing Area, m? 

Total Wing Span, m 

Aspect Ratio   Range, Km   

4.81181 x 10° 
1.32589 x 104 

200.64 

41.80 

8.71 

4.0159 x 10° 

4.52760 x 10° 

1.06343 x 10* 

145.43 

38.29 

10.08 

2.3383 x 10%     

4.53718 x 10° 

1.08675 x 104 

145.09 

38.24 

10.07 

2.3383 x 10°   
  

Table 7.2 Initial and Final Aerodynamic Design Variables 

  

  

      
    

Final Final 
Design Variable* | Initial | Control On | Control Off 

Pi,m 9.3000 8.4909 8.8967 
P2,m 4.8000 2.9044 2.7015 
P3,m 0.7500 2.1692 2.2233 
P,,m 9.9000 7.6375 7.6320 
Ps,m 11.0000 | 11.5083 11.4867 
Po, deg. 20 20 20 
P;, deg. 0.0000 -3.9878 -3.8847 
P3, deg. 0.0000 -4.0000 -3.9992 

* for definition of each design variable refer to Table 4.2   
  

Table 7.3 Initial and Final Performance and Control Design Variables 

  

  

      
    

Final Final 
Design Variable* | Initial Control On | Control Off 

Py, Pa 4000.00 5103.23 5103.23 
Pio, N 61331.80 | 40247.57 40552.78 
Py, rad. -0.1000 -0.299 1.0000 
Pye, rad. -0.1000 -1.010 1.0000 

* for definition of each design variable refer to Table 4.2   
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Table 7.4 Initial and Final Structural Design Variables 

  

  

      
    

Final Final 

Design Variable* Initial Control On Control Off 

P13, m 0.49177 x 107° | 3.38534 x 10-4 | 3.22715 x 10~* 
Py4, m 0.57095 x 107? | 1.51637 x 1073 | 1.88420 x 10-3 
Pys5, m 0.10421 x 1073 | 1.82699 x 10-5 | 1.12600 x 10~° 
Pig, m 0.04547 x 107° | 4.07603 x 10-° | 3.37644 x 107° 
Py7,m 0.16092 x 107? | 3.20212 x 10-° | 2.09687 x 107° 
Pig, m 0.08739 x 1073 | 2.80482 x 10-5 | 2.24237 x 107° 
Py9, m 0.09392 x 107? | 6.82327 x 107° | 5.12976 x 107° 
Poo, m 0.04336 x 107? | 1.85474 x 10-5 | 1.19917 x 10-° 
Po, m 1.42899 x 107% | 1.57621 x 107° | 1.59514 x 107% 
P22,m 0.21999 x 10-3 | 6.03535 x 10-4 | 7.10397 x 1074 
P23, m 0.35615 x 1073 | 8.01613 x 1074 | 1.13436 x 1073 
Pos, m 0.21598 x 10-3 | 1.92981 x 10-4 | 2.24116 x 1074 
Pos, m 0.38387 x 107? | 9.95398 x 10-5 | 6.51777 x 107° 
Pog, m 0.51054 x 1073 | 1.66902 x 10° | 2.02733 x 10% 
Po7, m 0.10099 x 10-3 | 1.50521 x 10-5 | 8.41545 x 10° 
Pog, m 0.03395 x 107° | 5.63213 x 10~® | 6.74201 x 107° 
Pog, m 0.14256 x 10- | 2.49441 x 10-° | 1.99461 x 10-° 
P39, m 0.08521 x 1073 | 1.89122 x 10-5 | 1.23812 x 107° 
P31, m 0.08499 x 107° | 1.70609 x 10-5 | 1.11665 x 10° 
P32, m 0.03564 x 10-3 | 6.74265 x 10~® | 8.23473 x 10-6 
P33, m 1.10613 x 10-% | 1.43474 x 107? | 1.36666 x 10% 
P34, m 0.21804 x 107-3 | 3.92250 x 10-4 | 3.60759 x 1074 
P35, m 0.35230 x 10-° | 7.33627 x 10-4 | 9.51966 x 10~4 
P36, m 0.17892 x 1073 | 7.43211 x 1075 | 7.69412 x 107° 
P37, m? 0.75741 x 107-7 | 1.08926 x 107% | 9.50979 x 10~ 
P3g, m? 0.49548 x 107° | 7.93744 x 1074 | 8.90514 x 107+ 
P39, m? 0.36758 x 107° | 1.07828 x 10-* | 7.09976 x 107° 
Pig, m? 0.19251 x 10-% | 5.71175 x 10-° | 3.81569 x 107° 
P41, deg. 17.00 40.46 42.26 
Py, deg. 2.70 0.29 0.19 
P43, deg. 12.57 16.59 19.12 

Pa, deg. 2.76 4.92 5.78 

Pas, deg. 6.99 19.84 27.03 

P47, deg. 16.41 20.00 20.72 
P43, deg. 5.00 4.87 0.01 

* for definition of each design variable refer to Table 4.2   
  

APPROXIMATE OPTIMIZATION PROCEDURE AND RESULTS 114



8. CONCLUDING REMARKS 

The aerodynamic-structural-control design of a simplified wing and a forward- 

swept composite wing were studied. In the first example, the focus was on the 

structural-control interaction in the multidisciplinary wing design. The wing was 

modeled as a beam with a control surface near the wing tip. The torsional stiffness 

was the only design property varying along the span. The aerodynamic model was 

based on the strip theory, and the control model was based on output feed-back con- 

trol. The simplicity of the wing allowed the use of simple theoretical models to study 

the effect of active controls and structural stiffness tailoring in cantilevered-wing di- 

vergence suppression. With the structural-control interaction being the main focus, 

two different approaches were taken for the simplified wing design: (1) a sequential 

approach, (2) an integrated approach. In each approach the wing was designed 

for minimum weight subject to divergence and control deflection constraints. The 

results of this study indicated that while the integrated approach produced a better 

design than the sequential approach, the difference (in this particular example) was 

minimal. 

In the second example, a forward-swept composite wing was designed for a high 

subsonic transport aircraft. The structural analysis was based on finite-element 

method. The aerodynamic calculations were based on vortex-lattice method, and 

the control calculations were based on output feed-back control. The wing was 

designed for minimum weight subject to structural, aerodynamic/performance and 

control constraints. The control deflection and efficiency sensitivities were derived 

and analyzed. These sensitivities involved second order derivatives compared to the 

aerodynamic and structural sensitivities which involve first order derivatives, and 
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hence their calculations are computationally more expensive. Even with the effi- 

cient evaluation of these derivatives in the design procedure, the computational time 

for each approximate optimization cycle increased from approximately 1100 (CPU) 

sec. (for aerodynamic-structural design) to over 2500 (CPU) sec. (for aerodynamic- 

structural-control design) on an IBM 3090 mainframe. The completion of 60 ap- 

proximate optimization cycles took approximately 42 (CPU) hrs. 

To suppress the aeroelastic divergence of the forward-swept wing, and to re- 

duce the gross weight of the design aircraft, two separate cases were studied: (1) 

combined application of aeroelastic tailoring and active controls, (2) aeroelastic tai- 

loring alone. The results of this study indicated that, for this particular example, 

the aeroelastic tailoring was more effective in suppressing the aeroelastic divergence 

than active controls. It is possible, however, to see a greater influence of active 

controls on divergence suppression of an isotropic or untailored composite forward- 

29-32 Furthermore, the potential of using active controls as a swept wing designs 

tool for suppressing an aeroelastic instability can be realized more in the case of 

aeroelastic flutter as shown also in Refs. 29-32. 

Future work should include the incorporation of unsteady transonic aerody- 

namic load calculation capability so that designs could be considered at higher and 

more efficient Mach numbers than the one currently used. Also, the rigid-body 

mode should be included in the analysis which would permit the calculation of 

body-freedom flutter as well. Finally, more efficient techniques must be developed 

to reduce the computational cost further. 
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