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(ABSTRACT) 

A comprehensive study including modeling and control of aeroelastic 

instabilities in free flying aircraft with flexible wings has been completed. The 

structural model of the wing consists of a trapezoidal composite plate rigidly 

attached to a fuselage with rigid-body degrees of freedom. Both quasi-steady 

and quasi-static aerodynamic strip theories were used to analyze several 

different flutter mechanisms for a variety of low aspect ratio wing 

configurations. The most critical flutter mechanism was found to be body- 

freedom flutter, a coupling of aircraft pitching and wing bending motions, for 

wings in a forward-sweep configuration. In addition, a modal approximation to 

the flutter eigenvalue problem was used to substantially reduce computation 

cost, making the resulting model very attractive for use in larger multiobjective 

design packages. | 

Composite ply angle tailoring was investigated as a passive method of 

increasing the body-freedom flutter airspeed of an aircraft model. In addition, 

wing mounted piezoelectric sensor and induced-strain actuator patches were 

used in conjunction with active feedback control laws to increase the airspeed at 

which body-freedom flutter occurs. Two control laws were tested, coupled and 

independent modal position feedback, to delay frequency coalescence and thus 

increase the flutter airspeed.
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CHAPTER 1 

LITERATURE SURVEY AND MODELING DECISIONS 

1.1 Introduction 

Aeroelasticity is the study of the dynamic interaction between elastic 

restoring forces, inertial forces and aerodynamic loading of a particular system. 

In the case of aircraft wings constructed of materials with inherent flexibility, the 

potential exists for interaction of aerodynamic, inertial and elastic forces in an 

adverse manner. At certain airspeeds it is possible for a vibrating flexible wing 

to begin extracting energy from the surrounding airflow, thus creating an 

unstable condition in which the wing oscillations grow without bounds. Such 

self-excited oscillation is known as flutter, and the airspeed at which it occurs is 

referred to as the flutter airspeed. If an aircraft is flown at or above the flutter 

airspeed, the results are usually catastrophic, including severe damage or 

destruction of the aircraft and very often pilot fatality. 

There are many applications other than aircraft design in which aeroelastic 

effects are paramount. In nature, insects, birds and fish all make beneficial use of 

their inherent flexibility in order to fly or swim efficiently. Also, in the field of 

civil engineering, aeroelastic effects such as wind loading on buildings and 

bridges must be taken into account during structural design as demonstrated by 

the collapse of the Tacoma Narrows bridge in 1940. Unstable interaction 

between wind loading and the vibration of the bridge caused the oscillations to 

grow until the structure was eventually torn apart. The bridge destruction, 

captured on film, is a good example of the type of phenomena that can destroy 

an aircraft wing or empennage during flight.



1.2 Historical Discussion of Flutter 

The effects of elastic materials used to build aircraft structures have 

influenced the design and evolution of aircraft ever since the very first 

experiments with flight. In early experiments with wooden propellers, Orville 

and Wilbur Wright noticed that the flexible shaft tended to twist in an effort to 

partially unload itself. As a result, the performance of the propellers in flight did 

not agree well with their calculations (Ref. 2). 

Although it was not realized at the time, aeroelastic phenomena were 

probably responsible for the destruction of Samuel P. Langley's monoplane, the 

aerodrome, nine days before the historical first powered flight of the Wright 

brothers (Ref. 3). The rear wing and tail of the monoplane collapsed during 

launch from a houseboat on the Potomac river. The general consensus is that 

the failure can be attributed to wing torsional divergence, a special case of flutter 

which occurs at zero frequency. Thus, it seems that aeroelastic problems have 

been plaguing designers since and even before the first recorded powered flight. 

One of the main factors driving both early and present aircraft design is 

the desire for faster, lighter and more maneuverable aircraft. Naturally, both 

world wars provided a great impetus for vast improvements in both speed and 

maneuverability. During World War I, many aircraft structural failures on both 

sides occurred as a result of aeroelastic instabilities. Biplanes including the 

Haviland DH-9 and Handley Page 0/400 on the British side and the German 

Albatross D-III experienced violent vibrations and wing twisting during high 

speed dives, often resulting in wings being torn from the aircraft structure and 

pilot death (Ref. 2). Germany's Baron Manfred von Richtofen, "The Red Baron," 

was reportedly one of the few pilots to successfully land after large cracks had



formed in the lower wing. In civil aviation, the great air races during the period 

between the wars provided a testing ground for aircraft designs. As a result 

some of the best documented flutter occurrences came from these trials, where 

pilots typically pushed their aircraft to the limits of the flight envelope. During 

the 1924 Pulitzer race in Dayton, Ohio, the Army Curtis R-6 monoplane 

developed sudden vibrations and then lost both wings during a high speed dive, 

killing the pilot (Ref. 2). In 1925, during a practice flight for the International 

Schneider Marine Trophy race, a British Supermarine S-4 experienced wing 

flutter and crashed into the Chesapeake Bay. The pilot said later that just before 

the crash the wings began to "flutter like a moth's wings" (Ref. 2). A 1936 report 

by the British Aeronautical Research Committee (ARC) Accidents Subcommittee 

detailed more than fifty separate accidents involving wing, aileron and rudder 

flutter (Ref. 4). Likewise, Ref. 2 lists eleven documented flutter problems in U.S. 

military and civil aircraft during 1932 - 1934, while a 1956 survey by the NACA 

Subcommittee on Vibration and Flutter documented a total of fifty-four flutter 

difficulties experienced by military aircraft during the ten years following World 

War II (Ref. 5). 

Progress in aircraft engine design, in particular the development of jet 

engines, pushed aircraft design quickly towards the supersonic flight regime. 

Typical wing designs for supersonic flight were low aspect ratio, slender swept 

wings. The resulting wing structures had a high degree of flexibility which 

together with the increased aerodynamic loads and _ frictional heating 

compounded the potential for aeroelastic problems (Refs. 6,7). 

Clearly, aeroelastic instabilities have plagued designers and pilots of all 

types of flight vehicles. The severity of these occurrences prompted a great deal



of research into ways of either eliminating flutter or, at the very least, increasing 

the airspeed at which it occurs. We now turn to a discussion of techniques used 

in the past to control flutter. 

1.3. Passive Flutter Suppression 

All of the early "cures" for flutter were passive, often ad hoc in nature, 

generally involving redesign for increased wing stiffness. In his early studies of 

tail flutter in the HP 0/400 and DH-9 aircraft, British aeroelastician, F. W. 

Lanchester, suggested increasing the torsional stiffness of the connection 

between the aircraft's right and left elevators (Ref. 2). Many of the early design 

manuals simply listed minimum stiffness requirements for the avoidance of 

instabilities. In 1923, the concept of mass-balancing was introduced for aileron 

flutter suppression (Ref. 8). A mass was added to the aileron in an effort to 

lower the frequency of vibration and thus avoid flutter, which in this case 

involved interaction of wing bending and aileron motion. The concept of mode 

decoupling was applied again in 1927 by Zahm and Bear to the problem of tail 

flutter in a US Navy MO-1 aircraft (Ref. 9). The instability in this aircraft was 

traced to coupling of the bending and torsion degrees of freedom, bending- 

torsion flutter, in the tail sections. The recommended solution to the problem 

included increased torsional stiffness in an attempt to decouple the bending and 

torsional modes. 

14 Active Flutter Suppression 

Passive concepts of increasing wing stiffness or adding mass ballast to a 

wing in order to increase the flutter speed are not desirable solutions as they 

tend to offset the goal of minimum weight design necessary for fuel economy 

and efficiency. Active control theory offers the possibility of altering the



dynamic characteristics of a wing without significant increase in structural 

weight. Also, controls may be applied to different configurations or flight 

regimes simply by reprogramming the control law. For these reasons, the 

emphasis has shifted from the early passive methods to the use of active controls 

for flutter suppression. 

A large percentage of work using active controls to avoid wing flutter 

involved the use of hydraulic actuators to drive wing lifting surfaces such as 

ailerons or flaperons. The earliest successful flight test of an active flutter 

suppression system occurred in 1972 when engineers at Boeing in Wichita, 

Kansas flew a control configured B-52 test aircraft 10 knots above its open-loop 

flutter speed (Ref. 10). The control design was based on classical theory, utilizing 

a combination of accelerometer measurements and feedback filters to drive 

outboard ailerons. The primary goal in the filter design was to increase damping 

in the wing bending and torsion modes, thus delaying the onset of bending- 

torsion flutter to higher airspeeds. Shortly after this historic accomplishment, 

similar results were reported for bending-torsion flutter control systems on 

another commercial transport, the Lockheed L-1011 (Ref. 11), as well as a 

German Air Force F4-F (Ref. 14) and a scale model of the U.S. Air Force YF-17 

aircraft (Ref. 15). The latter two studies included not only bending and torsional 

modes, but also effects of external wing stores such as engines, fuel tanks and 

ordinance. 

Control law design methodology ranges from classical theory, relying 

essentially on trial and error, to modern optimal control, in which a control law is 

derived systematically through minimization of a cost function. Many examples 

of both types of control designs for flutter suppression are readily available in



the literature (Refs. 10-31). One common theme in nearly all designs to date is 

the use of conventional control surfaces to alter the aerodynamic loads acting on 

the wing, thus avoiding unstable interaction between the structure and the 

airstream. 

References 16 through 25 represent the first major analytical and 

experimental studies of active flutter suppression. All of these papers represent 

control law designs for flutter suppression on a wind tunnel model of NASA's 

Drones for Aerodynamic Testing (DAST) wing. Important characteristics of the 

wing, which was designed to exhibit bending-torsion flutter within the 

operational limits of the NASA Langley Transonic Dynamics wind tunnel, include 

aft sweep, a thin supercritical airfoil, moderate aspect ratio and hydraulically 

activated leading edge (LE) and trailing edge (TE) control surfaces. A wide 

variety of flutter control laws were synthesized and compared for the DAST 

wing. Nissim (Ref. 17) developed a control scheme known as the aerodynamic 

energy method, in which a feedback control law was used to suppress flutter in 

conjunction with a separate optimization procedure for minimizing control 

surface activity. An analytical comparison of two such control laws, one using 

only TE control surfaces and one using both LE and TE control surfaces, is made 

in Ref. 17. Among the results presented in this paper is the indication that the LE 

control surface could become unstable at high frequencies. 

Modern optimal control methods were also used to design flutter 

suppression systems for the DAST wing. Newsom (Ref. 18) used Linear 

Quadratic Regulator (LQR) theory to design a full state feedback flutter control 

law. Minimization of a quadratic cost function allowed penalties to be placed on 

the amount of control surface activity. Mahesh et al. (Ref. 19) developed two full-



state feedback designs based on Linear Quadratic Gaussian (LQG) theory, using 

an input noise adjustment procedure in an effort to improve the resulting 

controller robustness. Both of the aforementioned optimal control designs 

resulted in controllers of the same high order as the original wing model and 

were too complex to be implemented with flight computers in the late 1970's. 

Mukhopadhyay, Newsom, and Abel (Refs. 20-22) extended the LQG approach to 

the design of reduced-order optimal controllers. 

Analytical and experimental comparisons of the optimal control method 

of Newsom (Ref. 18) and the aerodynamic energy method of Nissim are 

presented in Refs. 23 and 24. Analytically, both control methods predicted a 44% 

increase in the flutter dynamic pressure over the open-loop value. However, in 

the wind tunnel the maximum increases in dynamic pressure were 35% and 27% 

for the optimal control law and the energy control law, respectively (Ref. 24). 

The main problem encountered during the experimental tests was excessive 

control surface activity. With the optimal control law in effect the control 

surfaces reached maximum deflection, resulting in system instability, before the 

expected 44% increase was achieved. With the aerodynamic energy control law, 

the problem was excessive control surface deflection rates. Classical control 

results for the same wing generally predict larger amounts of control surface 

activity than both the optimal control and aerodynamic energy methods 

(Ref. 16). 

In 1985 a second major analytical and experimental study, known as the 

Active Flexible Wing (AFW) program, was undertaken jointly by Rockwell 

International, NASA and the U. S. Air Force (Refs. 26-31). The main goal of the 

AFW program was to demonstrate possible weight savings of a highly flexible



wing configuration, while offsetting the detrimental effects on aeroelastic 

performance through the use of active controls for flutter suppression and gust 

load alleviation. The AFW model was a scaled wind tunnel model of an 

advanced fighter configuration, with thin, low aspect ratio, swept-back wings 

equipped with LE and TE control surfaces. The wings were designed to exhibit 

classical bending-torsion flutter within the range of dynamic pressures of the 

NASA-Langley Transonic Dynamics Tunnel. 

Four teams of engineers designed flutter suppression control laws for the 

AFW model with the goal of increasing the lowest open-loop flutter dynamic 

pressure by 30% subject to constraints on control surface deflections and rates. 

These control laws included: a reduced-order LQG design based on techniques 

developed during the DAST program (Ref. 28), a classical pole/zero design, 

relying mainly on root-locus and Nyquist analysis (Ref. 29), a multi-input, mullti- 

output (MIMO) design developed using a constrained optimization routine 

(Ref.30) and a classical design with strain gauge feedback instead of 

accelerometer measurements used in the previous three designs (Ref. 31). Wind 

tunnel tests of all four control laws demonstrated maximum increases in the 

flutter dynamic pressure ranging from 17% to 23%. As in the DAST program, | 

the increases in dynamic pressure achieved experimentally were limited by 

excessive dynamic response of the wing surfaces (Ref. 26). 

1.5 Swept Wing Aircraft 

With the advent of flight at high subsonic, transonic and supersonic 

speeds, aircraft designers began to investigate wings with low thickness ratios 

and either forward or aft sweep, both of which help reduce the adverse drag 

effects of compressibility. Unfortunately, added flexibility and sweep tend to



increase the significance of aeroelastic effects such as divergence and flutter. 

Diederick and Budiansky (Ref. 32) reported on the drastic drop in divergence 

speed associated with forward sweep angles. They demonstrated that increasing 

forward sweep from 0 to 28 degrees can reduce the divergence speed by as 

much as 90%. 

The low divergence speed associated with forward-swept wings is due to 

wash-in, an increase in the effective angle of attack due to adverse bending- 

torsion coupling (Ref. 33). Wash-in leads to higher aerodynamic loading on the 

wing and large deflections at low airspeeds, thus a low divergence speed. The 

opposite effect, wash-out, occurs on aft-swept wings, reducing the effective angle 

of attack, attenuating the aerodynamic loading and delaying the onset of 

divergence to higher airspeeds. 

Forward-swept wings offer many advantages over their aft-swept 

counterparts, including (Refs. 35 & 36): 

Significantly Higher Maneuver Lift-to-Drag Ratios 
Lower Trim Drag resulting in increased supersonic range 
Lower Stall Speed resulting in slower landings 
Better Low-Speed Handling 
Reduced Wave Drag 

Despite these advantages, the severe divergence problems associated with 

forward sweep virtually eliminated the possibility of utilizing forward-swept 

metallic wings in practice. Prior to the mid-1970's the only feasible way to 

increase the divergence speed of a wing was through increased torsional 

stiffness, implying increased structural weight. With the advent of modern 

filamentary composite materials it became possible to alter the aeroelastic 

properties of wing structures without a significant weight penalty Composite 

materials have lower specific weights and higher specific strengths than



conventional metallic aircraft materials. In addition, composite structures have 

directional stiffness properties that may be tailored to meet specific loading 

conditions. Krone (Ref. 34) was the first to demonstrate that proper fiber 

orientation and laminate thickness distribution could be used to reduce the wash- 

in effect on a forward-swept composite wing. 

Following Krone's initial paper on the subject, a great deal of research was 

carried out with the goal of determining proper orientation angles for increased 

divergence speed of forward-swept wings (Refs. 37-40). This practice, known as 

aeroelastic tailoring, cleared the way for practical forward-swept wing designs. 

Wind-tunnel testing verified that lightweight forward-swept wing designs were 

feasible (Refs. 41-44). Excellent surveys on aeroelastic tailoring for divergence 

suppression are presented in Refs. 40 and 42. 

Flutter of composite wings was investigated for straight wings by 

Hollowell and Dugundji (Ref. 43) and for swept designs by Lottati (Ref. 44). Both 

models were cantilever wings which exhibited divergence and classical bending- 

torsion flutter. Lottati demonstrated analytically and experimentally that 

aeroelastic tailoring for increased divergence speed may actually cause a 

decrease in the flutter speed, implying that divergence may not be the critical 

instability for certain wing configurations. 

1.6 Body-Freedom Flutter 

With forward-swept wing divergence problems apparently solved, 

attention shifted to modeling a free-flying forward-swept wing aircraft. In actual 

flight a wing is not fixed in space, but instead fixed to a fuselage free to undergo 

rigid-body motions, such as pitch (rotation about the center of mass) and plunge 

(translation in the vertical direction). The importance of including rigid-body 

10



motions in flutter analysis was first reported by Frazer and Duncan (Ref. 47). 

Rigid-body effects were also included in studies of aft-swept wings (Refs. 48-49), 

delta wings (Ref. 50) and sounding rockets with unswept wings (Ref. 52). All of 

these studies indicated that rigid-body degrees of freedom play an important 

role in determining not only the type of instability, but also the airspeed at which 

the system becomes unstable. 

A detailed discussion of the aeroelastic effects of rigid-body motions is 

given in Ref. 51. With rigid-body freedom, a new type of dynamic instability, 

known as body-freedom flutter (BFF), may be more critical (i.e. occur at a lower 

airspeed) than both divergence and classical bending-torsion flutter experienced 

by a cantilever wing. The BFF mechanism is a coalescence of the rigid-body pitch 

mode and a span-wise wing bending mode. As airspeed increases, the frequency 

of the pitch mode increases while the frequency of the bending mode decreases. 

When the frequencies merge one of the modes becomes unstable. 

Miller et al. (Ref. 45) demonstrated that BFF replaced clamped divergence 

as the critical instability for several free-flying forward-swept wing 

configurations. Weisshaar et al. (Ref. 46) produced similar results using an 

idealized three-degree-of-freedom model including rigid-body pitch and plunge | 

and one wing bending mode. Analytical trends were verified experimentally 

through a series of wind tunnel experiments at the Air Force Flight Dynamics 

Laboratory (AFFDL). Weisshaar and Zeiler (Ref. 53) then extended the model of 

Ref. 46 to include forward-swept wing aircraft designs with tails or canards to 

help increase the aircraft's longitudinal stability characteristics. Important results 

common to the three studies above are summarized below: 
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¢ Body-freedom flutter of forward-swept wing aircraft may occur 
in flight at airspeeds significantly lower than both the wing clamped 
divergence and bending-torsion flutter airspeeds. 

¢ Decreasing the distance between the aircraft and wing centers 
of mass tends to increase the body-freedom flutter speed but decrease the 
divergence speed. 

e One cannot expect to avoid body-freedom flutter simply by 
increasing the divergence speed of a forward-swept wing through 
aeroelastic tailoring. 

In light of the fact that body-freedom flutter cannot be avoided through 

passive means alone, a more recent technique for suppressing divergence and 

body-freedom flutter on forward-swept wings involved the use of active 

feedback control systems. Initial studies demonstrated that separate control of 

static divergence and bending-torsion flutter on a clamped forward-swept wing 

was feasible (Ref. 54). Active suppression of body-freedom flutter was also 

achieved (Refs. 45,55). Simultaneous prevention of both divergence and 

bending-torsion flutter (for a clamped model) or body-freedom flutter and 

bending-torsion flutter (for a model free in pitch) was demonstrated by Noll et al. 

(Ref. 56). In all of these studies, classical control laws were designed for feedback 

of accelerometer signals to control surface actuators. 

Zeiler and Weisshaar applied optimal control theory to the problem of 

body-freedom flutter suppression on forward-swept wings (Ref. 57). However, 

for certain model configurations the resulting control laws were not effective. As 

a result, they proposed a method of simultaneously designing a structure and 

control law which were effective together, known as aeroservoelastic tailoring. 

By combining structural optimization (composite tailoring) and control 

optimization into a single design problem, they were able to produce more 

effective control laws for flutter suppression. Zeiler and Weisshaar attribute the 
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better performance of aeroservoelastic flutter suppression to an added degree of 

passive stabilization and/or enhanced controllability of certain modes. 

1.7 Adaptive Wing Design 

As indicated previously, nearly all of the active control designs for flutter 

suppression to date utilize control surface deflections to alter the aerodynamic 

loading on the wing. The addition of LE or TE control surfaces and associated 

subsystems to an existing wing structure involves a costly configuration change 

as well as a substantial weight penalty. In modern high-speed aircraft, control 

surfaces are generally dedicated to maximizing aircraft maneuver performance 

and cruise efficiency. For example, the Grumman X-29A forward-swept wing 

demonstrator uses a digital fly-by-wire flight control system in which the 

flaperons, canards and strake flaps are programmed to optimize the lift-to-drag 

ratio (Ref. 58). Degraded flight performance, or even instability, as a result of 

interaction between existing flight control systems and added flutter control 

systems is therefore a concern (Refs. 58,59). The excessive control surface 

deflection and/or deflection rate experienced during validation of some flutter 

suppression designs could increase drag and degrade overall flight efficiency. In 

light of the above concerns, active flutter suppression systems have not yet 

gained widespread acceptance in the commercial and military aircraft industries 

(Ref. 60). 

One alternative to conventional lifting surfaces for wing aeroelastic 

control is the use of adaptive materials such as piezoelectric ceramics and films, 

magnetostrictive metals and fiber optics. Adaptive materials provide the control 

designer with a means of inducing strain within the host structure and thereby 

altering its dynamic characteristics. In particular, piezoelectric materials deform 

13



under application of an external electric field. When mounted symmetrically 

about the midplane of a plate, piezoelectric actuators can be used to generate 

controllable bending moments or in-plane loads. In the design of an adaptive 

wing, piezoelectric actuators provide a unique approach to altering aerodynamic 

loading by inducing deformations in the wing itself. A logical conclusion is that 

piezoelectric actuation represents a viable alternative to conventional control 

surface actuation for flutter or divergence suppression. 

The basic premise behind adaptive structure design is that adaptive 

materials are incorporated into the structure itself, thus giving the structure the 

ability to sense and react to changes in its dynamic state according to an 

appropriate control law. During the past decade, the design of adaptive 

structures has gained widespread acceptance in the field of large space structure 

design, with the early work concentrating on accurately modeling the 

relationship between applied voltage and induced strain. Simple models of 

resultant static forces and moments on one-dimensional structures were 

developed by Bailey and Hubbard (Ref. 79), Crawley and de Luis (Refs. 61-63), 

Fanson and Caughey (Ref. 64) and extended to two-dimensional structures by 

Dimitriadis et al. (Ref. 65). For dynamic analysis, these static resultant forces . 

were used in the system equations of motion in an approximate fashion. 

A more realistic model of piezoelectric actuator/structure interaction was 

developed by treating actuators as plies in a composite laminate (Refs. 66-68). In 

this manner actuation strain energy expressions follow directly from classical 

laminated plate theory (CLPT). Experimental results have verified that 

piezoelectric plies are capable of exciting bending and torsional modes 

independently or simultaneously in composite laminates. 
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Piezoelectric materials have also been utilized as effective sensors for 

control purposes (Refs. 66,69,70). When subjected to a mechanical deformation, 

a piezoelectric material accumulates a measurable output voltage. This property, 

together with their light weight and high strength, makes piezoelectrics ideal for 

use as sensing materials in modern aircraft structures. Experiments have 

demonstrated the possibility of using piezoelectric films to sense independent 

modes of beam vibration (Ref. 66) as well as measuring strain and strain rate 

(Refs. 69-70). One advantage of using piezoelectric sensor/actuator 

combinations is the possibility of sensor/actuator collocation, which tends to 

reduce the likelihood of control spillover into uncontrolled or unmodeled system 

modes (Ref. 71). Piezoelectric patches mounted symmetrically about a plate 

midplane amount to a collocated sensor/actuator pair. Alternatively, Dosch et al. 

describe a technique by which a single piezoelectric patch may be used as a self- 

sensing actuator (Ref. 72). 

A large amount of research has demonstrated the feasibility of using 

piezoelectric sensors and actuators for vibration and shape control of beams, 

plates and truss members (Refs. 69,72-81). In fact, adaptive structure designs 

have shown promising results for a wide variety of control laws, including full- 

state LOR design (Refs. 73,74), positive position feedback (Refs. 72,75,76), 

independent modal space control (Refs. 77,78) and nonlinear distributed 

parameter control theory (Refs. 79,80). Only recently has attention been focused 

on the use of adaptive materials for aeroelastic control. 

Static aeroelastic control has been the subject of investigations by 

Librescu, Meirovitch and Song (Ref. 81), Lazarus and Crawley (Ref. 82) and 

Ehlers and Weisshaar (Refs. 83,84). Lazarus and Crawley (Ref. 82) and Librescu 
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et al. (Ref. 81) demonstrated the possibility of altering natural frequencies and 

inducing bending and twist via piezoelectric actuation in composite cantilever 

plate and thin-walled beam wing models, respectively. Ehlers and Weisshaar 

reported that feedback produced by embedded piezoelectric actuators was 

sufficient to alter the divergence speeds of straight and swept cantilever beam 

models (Refs. 83,84). Typical section analysis of adaptive composite beam 

models was the basis of studies conducted by Lazarus, Crawley and Bohlmann 

(Ref. 85) and Lazarus, Crawley and Lin (Ref. 86). In both studies, adaptive wings 

with piezoelectric actuators were compared to conventional articulated lifting 

surfaces for a variety of aeroelastic tasks, including divergence and flutter 

suppression. The important result from these studies is that adaptive actuators 

can provide greater control authority and lower weight penalties than 

conventional lifting surfaces for a variety of wing configurations. 

Results from applications of piezoelectric materials to dynamic aeroelastic 

problems, such as flutter suppression, are very limited. Experimental results 

reported by Heeg (Ref. 60) represent the first use of piezoelectric devices to 

suppress flutter. The idealized wing model used for this study consisted of a 

rigid metallic wing with a flexible mount system allowing translation and twist. 

Piezoelectric actuators were attached to leaf springs in the mount system and 

used with a simple state feedback control law to stabilize the system at wind- 

tunnel conditions up to 20% above the open-loop flutter speed. More recently, 

adaptive materials have been used as plies in composite laminates for flutter 

suppression in simply-supported rectangular panels (Refs. 87,88) and 

cantilevered rectangular plates (Ref. 89). At this point, no attempt has been 

made to investigate the effectiveness of using adaptive materials for flutter 
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suppression in a free-flying aircraft configuration. This is the focus of the present 

research effort. 

1.8 Modeling Considerations 

The goal of this research is the development of a modern adaptive aircraft 

wing capable of sensing its current dynamic state and responding in such a 

manner as to avoid the occurrence of aeroelastic instabilities. The basic premise 

is that optimal wing designs of the future will be lightweight, highly flexible and 

capable of taking advantage of a combination of structural and control 

optimization to alleviate aeroelastic problems arising from flexibility. The 

emphasis is on wing design through a combination of passive composite 

tailoring and active feedback control via piezoelectric actuation. As mentioned 

earlier, the body-freedom flutter mechanism involves a coalescence of two wing 

aeroelastic modes which originate from the first wing flexible bending and rigid- 

body pitch modes. The hypothesis to be investigated in this study is that BFF 

control can be realized by altering the dynamics of only the predominately 

flexible mode. A review of technical literature has revealed that the problem of 

using adaptive materials for suppression of wing flutter on a free-flying aircraft 

configuration has not been studied. Thus, this research represents a unique . 

application of piezoelectric materials to the solution of a realistic problem. 

Any control design must be based on a sound mathematical model of the 

system behavior. In the present application, the interest lies in a structural model 

incorporating the physical characteristics essential to a flutter analysis of aircraft 

with low aspect ratio composite wings suitable for flight in the supersonic 

regime. The aspect ratios of practical wings for supersonic flight tend to be too 

low to be approximated by a beam model. Drag considerations require an 
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efficient supersonic wing with a low thickness ratio. Also, it has been shown that 

realistic amounts of airfoil camber have little effect on displacements due to 

unsteady pressure loading, so that camber may be omitted without loss of 

generality (Ref. 96). In view of these physical requirements, a two-dimensional 

trapezoidal anisotropic plate wing model is suggested. Piezoelectric sensors and 

actuators are included as plies in the laminate for the purpose of aeroelastic 

control. Additionally, fuselage rigid-body degrees of freedom are included for 

accurate modeling of flutter under free-flight conditions. 

It is a well known fact that composite materials exhibit large flexibility in 

transverse shear, invalidating the classical Kirchoff assumption of infinite rigidity 

(Refs. 90-92). In fact, neglecting shear deformability can result in serious errors 

in modeling static and dynamic response of composite structures. Kirchoff 

theory results in overestimation of natural frequencies (Refs. 92,93) and flutter 

airspeeds (Refs. 94,95) and underestimation of transverse deflection (Ref. 92). 

For these reasons, the effects of shear deformation are considered in the present 

model. 

In the interest of structural optimization, the structural model must be 

general enough to represent a variety of general wing planforms. To this end, 

we consider a wing with variable midchord sweep angle, so that forward- or aft- 

swept designs are possible. Furthermore, the anisotropic plate is assumed to 

consist of several variable-thickness, generally orthotropic layers with varying 

fiber orientation angles. 

The following chapters contain the details of a comprehensive research 

effort, including development of a mathematical model of an aircraft in straight 

and level flight, aeroelastic analysis of the model and an investigation of the 
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feasibility of controlling flutter in a free-flying aircraft with piezoelectric sensors 

and actuators mounted on the wing surfaces. The kinetic and potential energy 

expressions and the virtual work due to aerodynamic loading are developed in 

Chapters 2 and 3, respectively. Then they are used in conjunction with a 

variational principle to derive the governing equations of motion in Chapter 3. 

In Chapter 4, an approximation to the free vibration and flutter eigenvalue 

problems is derived through spatial discretization in terms of admissible 

functions. Flutter analysis is carried out for various aircraft configurations and 

two aerodynamic theories, quasi-steady and quasi-static piston theory. In 

addition, a modal approximation to the flutter eigenvalue problem is presented, 

resulting in drastically reduced computation time without significant loss in 

accuracy. The aeroelastic model developed in Chapter 4 is used in Chapter 5 for 

controlling body-freedom flutter. The effects of aeroelastic tailoring are 

investigated, and two output feedback active control laws are derived, using 

wing-mounted piezoelectric elements as sensors and actuators. Numerical 

results for an example configuration are presented in the form of closed-loop 

flutter analysis and closed-loop gust response. Finally, based on the simulations, 

some conclusions are drawn and suggestions made for future areas of study. 
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CHAPTER 2 

SYSTEM KINETIC AND STRAIN ENERGY FORMULATION 

2.1 Model Overview 

A fundamental objective is to develop a structural model as simple as 

possible so as to keep the computation time reasonable. To this end, we choose 

a symmetric laminate model of the elastic wing since there is no coupling 

between bending and stretching displacements, drastically simplifying the strain 

energy expression. Furthermore, the aircraft mass distribution is assumed to be 

symmetric about the fuselage centerline, so that it is only necessary to model half 

of the aircraft. 

A view of the aircraft model is shown in Fig. 2.1. The wing is modeled as 

a trapezoidal, shear deformable, composite plate with root and tip chords 

parallel to the flow. Fuselage mass and inertia are included and the model is 

assumed to undergo rigid-body plunge and pitch motions. There are 2k 

symmetrically stacked, variable thickness, generally orthotropic plies in the 

laminate (Fig. 2.2). The piezoelectric patches are mounted symmetrically on both 

the upper and lower surfaces of the wing. 

The following sections describe a rigorous derivation of the system kinetic . 

and strain energy expressions based on the principles of analytical dynamics and 

the theory of elasticity. In the following chapter, these expressions will be used 

in the extended Hamilton's principle to derive the system equations of motion. 

We begin with a definition of the planform nomenclature and the system 

displacements. 
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2.2 Definition of Displacements and Boundary Conditions 

The mathematical model consists of an elastic plate attached to a rigid 

fuselage. The fuselage is assumed to undergo rigid-body rotation about an axis 

parallel to the y-axis through the system center of mass (point C) and rigid-body 

displacement of the center of mass in the vertical direction (Fig. 2.1). The 

absolute displacement of a point on the fuselage is given by 

w,(X,t) = w(t) +(x- x) W(t) (2.1) 

where x, is the position of the system center of mass, w- is the rigid-body plunge 

and yw. the rigid-body pitch angle. 

ree Ill 

  

    
Fig. 2.3 - General Swept-Wing Planform 

A top view of the flexible wing with mid-chord sweep angle, A, is shown 

in Fig. 2.3. Both the leading edge (LE) and trailing edge (TE) are functions of the 

y coordinate, n, and nr are the LE and TE sweep angles, r is the wing root length



and s is the semispan. Following the usual conventions for aeroelastic analysis, x 

is considered positive towards the TE and all sweep angles are positive for aft- 

swept configurations. The absolute displacement of a point on the flexible wing 

is given by 

u(x,y,z,t)=zy,(x,y,t), v(x,y,z,t)=-zw,(x,y,t) 
(2.2a,b,c) 

w,(x,y,t) = W(t) + (x ~ xc )W c(t) + w(x,y,t) 

in which u and v are elastic displacements in the x and y directions, y, and yy are 

rotations about the y and x axes, respectively, of a line originally normal to the 

mid-plane of the undeformed plate and w is the transverse elastic displacement 

of the plate. In accordance with first-order shear deformation theory (Ref. 98), 

the Kirchoff assumption that line segments remain normal to the plate midplane 

has been dropped. The resulting shear deformation is linear through the 

thickness and w, yy and yw, are independent displacement variables. The rigid 

attachment of the plate to the fuselage is represented mathematically by the 

geometric boundary conditions, w= y, = yw, = 0 along y = 0. The remaining 

three plate edges are free and thus the corresponding displacements are 

governed by natural boundary conditions. 

2.3 System Kinetic Energy 

The total kinetic energy of the aircraft model includes contributions from 

both rigid-body motions and elastic plate deformations. With the fuselage and 

wing displacements given by Egg. (2.1) and (2.2), the system kinetic energy takes 

the form 
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a We +( x- Xc) ar “dM; +4] AP (2 + W2)+[trc +( (x- Xc) We +w| “ldM, 

4( Meri? + Tow +3] [rt + I, (2 + y2)HA, 

+ Wc m,(x—xc)wdA, + toe I, m,wdA, (2.3) 

where 

2 2 

Mc =M,+M,, Ic= Sys (x -—x¢) dM, + Ju (x—xc) dM, (2.4a,b) 

kph kph; 
m, = J. paz, I, = >I, pj;z2dz (2.4c,d) 

j=-k jee} 

in which M, is the total mass of the fuselage, M, the total mass of the plate, m, 

the mass per unit area of plate, p; the mass per unit volume of plate and I, the 

mass moment of inertia per unit area of plate. Note that there are 2k plies and 

h; - hj.1 defines the thickness of ply j. For the Cartesian coordinates of Fig. 2.3, 

the integration over the domain of the plate is given by 

i, dA, =['[' dxdy (2.5) 

2.4 System Potential Energy 

The potential energy for the wing/fuselage system consists only of the 

elastic strain energy in the flexible wing. The total strain energy arises from two 

sources, namely the energy stored during deformation of the plate and also the 

strain energy induced via piezoelectric actuation. In deriving the total strain 

energy expressions, we must first examine the form of the strain-displacement 

relations and the material constitutive equations. 
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Under the assumption of small displacements, a linear relationship exists 

between displacements and strains, given by (Ref. 99) 

_ Ou _ Ov _ ow 
€, — Ox J Ey _~ ? J €, — Oz (2.6a,b,c) 

_ dv , dw _ ou , dw _ Ou , ov 

where the shear strains are recognized as engineering shear strain components. 

Substitution of Eqs. (2.2) into Eqs. (2.6) leads to the following simplified form 

E,=ZW, x, Ey=ZWyy, &, =0 (2.7a,b,c) 

Vy = Wy t Wy, Ve = We FW ie, Vy = z{ Wry + Wy,x) (2.7d,e,f) 

where the symbols ,x and ,y in the subscripts denote partial derivatives with 

respect to x and y, respectively. 

A drawing of the j# generally orthotropic layer is shown in Fig. 2.4. 
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Fig. 2.4 - Composite Layer Nomenclature 
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Coordinate axes (1,2) are aligned with the principal material directions. The fiber 

orientation angle, 6;, is the angle from the plate x axis to the principal fiber 

direction (1 axis). 

From Eq. (2.7c), we conclude that there is no strain through the plate 

thickness, & = €& = 0. The constitutive equations in terms of the principal 

coordinates for the j## layer take the form 

o, | e, 

02 | €2 
T3 | =[Q]’| Yx (2.8) 
T%3 713 
TM2 Yi12 

where [Q} is the generalized stiffness matrix for the composite material, whose 

elements are related to the material properties by (Ref. 100) 

i. jo. Qh =(7-F-) 0b =(7- EB) Ob = wh (2.9a,b,0) 

Qh = Gh, Qi, = Gi, Qh, = Gi, (2.9d,e,f) 

where E;, Gim, and Vjm are Young’s moduli, shear moduli and Poisson’s ratios, 

respectively. 

The wing laminate is assumed to be composed of several plies of varying 

orientation angle. In order to derive a consistent form of the strain energy for 

the entire laminate, we must first transform the constitutive equations of each 

ply to global, xyz, coordinates. To this end, we realize that stress and tensorial 

strain components transform as 2"4 order tensors, or 
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where a is recognized as tensorial strain, and 

cos?6; sin?6; 0 0 sin 26; 
sin? 6; cos?6; 0 0 -sin26; 

[T,|= 0 0 cos@; -sindé; 0 (2.11) 
0 0 sin@; cos6; 0 

—4sin26; 4sin26; 0 0 cos26; 

Substitution of transformations (2.10) into Eq. (2.8) yields the constitutive 

equations for the j*# ply of composite material in global coordinates, or 

j 
0; Ey 

Oy _ Ey 

T | =[Q]] Yx (2.12) 
Tz Vx 
Ty Vxy 

where Q) is the reduced stiffness matrix for the j** layer, given by 

[Oy =[n. tony" (2.13) 

Piezoelectric materials have naturally occurring or induced dipoles within 

their crystalline substructure (Fig. 2.5). When a voltage is applied parallel to the 

dipole direction, a Poisson-like effect causes either in-plane contraction or 

expansion depending on the sign of the applied voltage. If patches are mounted 

symmetrically about the plate mid-plane, applying opposing voltages causes 

pure bending strain within the host structure. The resultant induced moment 
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increases with the distance between the patches, thus surface-mounted patches 

are considered for maximum control authority. 
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Fig. 2.5 - Piezoelectric Patch Nomenclature 

Mathematically, the piezoelectric patches are treated as surface-mounted 

isotropic plies. The voltage is applied uniformly through the actuator thickness 

(Fig. 2.5) with electrodes mounted on the patch upper and lower surfaces. 

Induced strain from bonded piezoelectric actuators is analogous to thermally- 

induced free strain (Ref. 68). For each patch, the relationship between stress and 

mechanical strain is given by 

cle alte Oy p Q, Q» p é,— A, 0 (2.14) 

where A, and Ay are voltage-induced strains. For an ideal piezoelectric material, 

in which hysteresis and nonlinear material behavior are neglected, the induced 

in-plane strains are directly proportional to the voltage applied in the z direction, 

or 
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A, ds,| V, (x,y,t) 
at teh v4 (2.15) 

in which d37 and d32 are piezoelectric constants relating voltage applied in the z 

direction, V;(x,y,t), to displacement in the x and y directions and t, is the patch 

thickness. It should be noted that isotropic patches are not capable of inducing 

shear strains. The components of the piezoelectric reduced stiffness matrix, Qh, 

are given by 

Qn = Qna = (Ex), Qn = Qn = (ae), (2.16a,b) 

where, according to the exact constitutive equations, the material properties are 

those measured under conditions of constant electric field (Ref. 112). 

The total laminate strain energy function is derived following the well 

defined framework of laminated plate theory with first-order shear deformation 

(Ref. 98). Recall that there are 2k plies in the symmetric laminate. The actuators 

are modeled as symmetric pairs of surface mounted plies divided into m 

segments distributed on the wing surface (Fig. 2.6). 
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Fig. 2.6 - Spatial Distribution of Actuators 

The spatial dependence of the actuation strain is included implicitly 

through the applied voltage field, which may be expressed in the form 

(x,y,t) AAC Jfu( x X4;)- u(x ~ x,,) u(y - ¥4;)— u(y — ¥2:)] = RB, () (2.17) 

where u(x - x1) is the spatial unit step function, defined as 

u(x-x,)= 9 *sn (2.18) 1 x2>x, 

and Rp(x,y) and v,(t) are m-vectors of actuator placement functions and control 

voltages, respectively. 

The strain energy per unit of plate area for a single layer, or its 

counterpart below the midplane, is given by 

  

4 hy T Yyz T xz Vxz T. Y: ° Vy =af? [oe + 0,6) + > + is + af be, j= -k,-k+l...,k  (2.19a) 

for the laminate, and 
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A 

V,=4["" [o.es + oye, |,@2 (2.19b) 

for the actuators. Next, the total strain energy is obtained by adding the strain 

energy densities of the plate and actuators and integrating over the domain of 

the plate. Taking advantage of the actuator symmetry, we have 

k A A 

V= 1, BY +2, ba, (2.20) 
= 

Substitution of the strain-displacement relations, Eqs. (2.7), and the constitutive 

equations, Eqs. (2.12), (2.14) and (2.15), into Eq. (2.20) yields the total laminate 

strain energy as a function of the displacement variables, or 

Vaal, DL) Wa Cv’ +s, +B (Waa + Ys 2) 2b rs 

+ 201,» (Wey + Vy x) + 225. (Wey + Wy x ) + (h, ~ h, .)| Od (v, + Wy F 

+Oh(v,+w,)+20k(v.+w,)(y,+w,)]ldA, 

= Ju, Cees + Pe) 3|(Qp, or + Qpa dsr Vee + (Qpu dar + Qpn tsa Vy yA, (2.21) 

where the stiffness of the piezoelectric patches has been assumed to be negligible 

compared to the stiffness of the host structure and only the voltage-induced 

terms from the piezoelectric strain energy have been retained. 

In laminate plate theory, the convention is to express the strain energy 

function in terms of the displacements and the total laminate extension and 

bending stiffness coefficients, Agp and Dgp, defined as 
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k _ k _ 

Ay = Dh, ~ hy-4) Quy Di, = 3 > (h; ~ he Bs (2.22a,b) 

jak ja-k 

Furthermore, with induced strain actuation, it is convenient to define the 

piezoelectric stiffness coefficients, given by 

Fi = +(h, + M11) Quay V2 (x,y,t) (2.23) 

In general, both the layer heights and the actuation voltages vary along the x 

and y directions. Therefore, all the above stiffness coefficients are in general 

functions of both x and y. Using Eqs. (2.22) and (2.23), the total laminate strain 

energy can be expressed in the compact form 

T 

Wax Dy, Dy Dy Wax 

V= Ji, (3 Way Dy, Dy Dy Wyy 

Wey + Vx Dy, Dag Deg Wey + Wy x 

T 
4 Wytw,| [Ay Ag |[W,+W, 

"lw. +W,| [Ags Ass [|W +, 

T 
Wi x Fi EF. ds, 

vot i: Fy |{ doo aA, (2.24) 

N
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CHAPTER 3 

SYSTEM EQUATIONS OF MOTION 

3.1 Extended Hamilton's Principle 

The objective in this chapter is the derivation of all the differential 

equations governing the motion of the system shown in Fig. 2.1. To this end, we 

employ a variational principle known as the extended Hamilton's principle (Ref. 

101). One advantage to this approach is that all the system equations of motion 

can be derived from three scalar functions, the kinetic energy, the potential 

energy and the virtual work of the nonconservative forces. The formulation is 

equally applicable to both discrete and distributed systems. Moreover, the 

extended Hamilton's principle is formulated in terms of generalized coordinates, 

and thus is invariant with respect to the choice of coordinates. 

The extended Hamilton's principle can be written in the form 

i. (ST-dV+dW)dt=0, y(t) = 49,(t,)=0, i=1,2,...,n (3.1) 

where OT is the variation in the system kinetic energy, dV the variation in system 

potential energy, dW the virtual work performed by all nonconservative forces 

present and 6g; the virtual displacement (variation in position without an 

associated change in time) of the generalized coordinates. Equation 3.1 is 

derived in Ref. 101 based on D'Alembert's principle and the principle of virtual 

work. Before proceeding with the equations of motion for the problem at hand, 

we must first derive an expression for the virtual work done by all 

nonconservative forces. 

33



3.2. Virtual Work Done by Aerodynamic Forces 

The only nonconservative forces acting on the aircraft model of Fig. 2.1 

are due to the aerodynamic loading of the wing, namely distributed lift forces 

and moments. A large amount of research has been carried out towards the 

goal of accurately modeling unsteady aerodynamic loading for aeroelastic 

applications. Models range from simple point-function relationships between 

pressure and wing displacement (Refs. 102-105) to complex exact results based 

on potential flow theory (Ref. 106). Likewise, models of varying complexity exist 

for each of the various flight regimes, including subsonic (compressible and 

incompressible), transonic, supersonic and hypersonic airspeeds. 

For the current research effort, the interest lies in modeling the flight of an 

advanced aircraft configuration typical of next generation fighter aircraft. The 

wing model under consideration is a thin trapezoidal wing characterized by low 

to moderate aspect ratio. The flight regime of interest for such a wing is 

undoubtedly supersonic. 

For large Mach numbers, there is a weak memory effect as well as weak 

three-dimensional effects. These factors suggest the use of an approximate 

aerodynamic theory known as piston theory (Ref. 105), in which the pressure 

difference between the upper and lower surfaces of the plate is related to the 

absolute displacement of the plate. The point relationship is written conveniently 

in terms of an aerodynamic operator acting on the absolute wing displacement, 

or 

w., c(x)= A142 ou] (3.2a,b) x Ud



where U is the free-stream airspeed, q the free-stream dynamic pressure, M the 

free-stream Mach number, y the ratio of specific heats and t,, the plate half- 

thickness (Ref. 33). 

Piston theory has been shown to match experimental results quite well for 

Mach numbers greater than about 2.5 (Ref. 105). However, the theory can be 

expected to follow the trends of the exact theory for lower Mach numbers. A 

major advantage of piston theory is substantial savings in computational effort. 

The simple point function relationship permits direct solution of the flutter 

eigenvalue problem instead of the iterative procedures required by more 

complex theories. A minor drawback of piston theory is the error in pressure 

predictions near the wing tips, where three-dimensional effects are more 

pronounced. The feeling is that the computational benefits outweigh the 

drawbacks of piston theory for the present study. Certainly, piston theory will 

be sufficient to develop trends through the use of parameter studies with the 

present model. A complete investigation of a wing would require appropriate 

aerodynamic theories for all of the aircraft's flight regimes. 

As the wing undergoes a virtual displacement, the total virtual work done 

by the aerodynamic force distribution is given by 

(OW = f, Apéw,dA, = J, [Wow +W(x- xc)5yc + WSwfiA, (3.3) 

in which dw is the virtual transverse elastic displacement of the plate, dw and 

dy, are the virtual displacements of the fuselage and 

W = -C(2)} Wotw, + altic + (x - Xc)We + w| (3.4) 
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3.3. System Equations of Motion 

In addition to the virtual work expression, the variation in the system 

kinetic and potential energy expressions are required for the extended 

Hamilton's principle. The variation in the system potential energy is found by 

taking the first variation of Eq. (2.24), or 

\T 

oY, » Di, Di Dg Wis 

dV = J, ( oy, y 1D, Dy Dy Wy 
P 

OY, + OW, « J Di, D,, De Vay + Vy x 

  [My + 8, ‘TAy Ag [Vy tWy 
oy, +dw,| [Ay Ass {|W +, 

_ OW, « , Fy F ds, \dA 

OW, y Fy Fy dx P (3.5) 

Similarly, the variation in the system kinetic energy comes from Eq. (2.3), and is 

given by 

oT = | Met + I, mytodA, |B + 1 We + I, mM, (x —Xc JisdA, |3We 

+ J, {m,[tic + (x — Xe) We + wh |5t + | WOW, + WoW, jaa, (3.6) 

From Eqs. (2.2), the generalized coordinates for the system are the two rigid- 

body displacement variables for the fuselage, w. and y,, and the three elastic 

displacements of the plate, w, W;, and Wy, SO that the extended Hamilton's 

principle takes the form 

ty 

{(T - 6V + 6W)dt=0, dw, = dy, = dw = dy, =dy,=0 @ t,t, (3.7) 
ty 

Substitution of Eqs. (3.3), (3.4), (3.5) and (3.6) into Eq. (3.7) yields 
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f° (Mi + Ji, mind, fog + +|1 We +|.m »(X— X_ waA, pv 

+], {m,[ i. +(x- xe )We + w]ow + I,[W,d¥,, + W,5¥, |}4A, 

_ Jj, We +w,+— = [tie +(x-—X-)Wot tlle, +(xX— Xe) dW + w]dA, 

T 

wes 5 Wes by, + dw)" 

“I, Vos ID) Yew ft oy, + ow, 4 hy. +w, [4 
OY, + OW, Vay + Wy x 

OV ,.x 
+], {eel Fy i a4, )dt=0 68) 

The above expression of the extended Hamilton's principle contains variations of 

velocities as well as displacements. Before the equations of motion can be 

derived, it is necessary to transform the integrand so that it contains virtual 

displacements alone. This is achieved by integrating the terms containing virtual 

velocities by parts with respect to time, taking into account that the virtual 

displacements are identically zero at the end points, t7 and tz. The result is 

_ j. ( Mi. + Jn, m,waA, pe + 1H + Ji, mM, (x —X¢ )wd A, Jv. 

+ j, {m,[t@. +(x-Xx¢)Wie + How + 1,|W,0y, + Woy, aa, 

+ J, Cl2)}¥e +w,t a [tic +(x—x.)Wet i] fo +(x-X,)dW_ + Sw|dA, 

T 

oy y we we dy, + dw , Wy+w, 

* L, Ws [Ph Vy * a + dw } [A Ne a +w, aA, 
oy, , + dy, . Wey tWys 

OW,» 

“I, {oe} Ne 4, A, bat=0 (3.9) 
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Normally, the next step in deriving the system equations of motion would 

involve integration of the terms in Eq. (3.9) containing derivatives with respect to 

x and y by parts. Then, invoking the fact that the virtual displacements, dw, dy,, 

dw, dW, and dy,, are independent and arbitrary, we would arrive at a coupled 

hybrid system of equations consisting of two ordinary differential equations for 

the rigid-body motions and three partial differential equations governing the 

elastic plate deformations. However, control of such a hybrid system of 

equations is not within the state of the art. Indeed, control must be carried out 

with a finite number of sensors and actuators, whereas a distributed system such 

as an aircraft wing has an infinite number of degrees of freedom. For control 

purposes, we require a mathematical model with a finite number of degrees of 

freedom, which in turn implies discretization in space of the mathematical model 

(Ref. 71). As it turns out, it is convenient to carry out spatial discretization 

directly in the extended Hamilton's principle, before the equations are derived. 

Spatial discretization is achieved through a series expansion of the system 

displacement variables. Essentially this amounts to truncation of the infinite 

system degrees of freedom to a finite number. As a result, the three partial 

differential equations of motion are reduced to a system of ordinary differential 

equations in terms of a new set of generalized coordinates. 

The first two generalized coordinates correspond exactly to the rigid-body 

degrees of freedom, or 

w(t) = g,(t), Wo (t) = qo (t) (3.10a,b) 

On the other hand, the elastic wing displacements are expressed as a series of 

trial functions multiplied by generalized coordinates, or 
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w(x,y,t) = Sox. al = 64; 
2n+2 

W,(x,y,t) = DHE WHE) = 0544 (3.11a,b,c) 
1=n+ 

3nt+2 

wi(xyth= > o(x,y)qi(t) = oF 9s 
i=2n+3 

where @, and gq, (i = 3,4,5) are n-vectors of trial functions and generalized 

coordinates, respectively. The discrete system equations of motion are derived 

by substitution of Eqs. (3.10) and (3.11) directly into the extended Hamilton’s 

principle, Eq. (3.9). For the integral in Eq. (3.9) to be equal to zero, the integrand 

must be equal to zero. But, the virtual displacements are arbitrary and 

independent, so that the equations of motion can be obtained by setting the 

coefficient of each of the virtual displacements to zero, or 

MG, + Ih, 17,0543 +C(q2 + 05.093) + §[4 + (X— Xe da + 0345 ]}aA, =0 (3.12a) 

Tella + J, (®—%e){ 034s + C(4e + 05.93) + Gl + (2 xc)fe + O545]}dA, = 0 (3.12b) 

J, Wel Oath + (x— Xe) sth + $50545]+ COade + G[ Oath + (% —Xc)Oafe + 950545] 

+[CO.O7 + Auda Gly + Ags( bay 02s +2, 0y) + Assbs,005 [4s 

+ [Assos i + Asss,.95 4 +[AuGsy95 + Assbs..95 [5 h44, = 0 (3.12c) 

J, Up At'as +[ Asad! + Dud Al, + Degth yy + Dao WM, +4 ye) |e 

+ [Asad + Dra By + Dh Bx + Doh yy + Deh yx las 

+ [Ashdy + Assh dx la — [45.Fy + dspF.|\h « \dA, =0 (3.12d) 
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J, 1h GGG: +|Auh@ + Dt 8, + Det, +Da( 4.8 + Oy Qn) Ms 

+[AgQ@ + Dib de, + Dic. Gs + Doo yy + Dec, x Ay |e 

+ [Augdy + Asx las —- [d5,F,. + dF, I¢y \aA, =0 (3.12e) 

Recall that q3, q, and q, are n-vectors of generalized coordinates, so that each of 

Eqs. (3.12) represents n coupled ordinary differential equations. The system 

equations of motion are expressed in a more convenient fashion through the use 

of partitioned matrices, as follows: 

  

  

  

  

  
              

  

  

    

  

  

M,, 0 |M, 0 0 1/4, Ag, Ag, Ag, 0| 01/4, 

0 My,|M,| 0 | 0 |! |Ha, Ha, | Ha, |9]0]] 4 
My My |Ms| 0 | 0 Kasp+|Ha, Ha, | Has [0] ONG 

0 o0f 0 |[M,| 0 {lq} | 0 oO | 0 JOfollg, 
0 of 0] 0 [Me Il4 0 oO | 0 {0} O}{q, 

0 Ky, |K,, |0|0](q]) [0 Oo] O | 0 | 0 fq) 
0 Ky |Ks, |O}0|lq,| |0 0] 0 | 0 | O |Iq, 

+10 Ky, [Ky [O[OKg,¢+(0 0] Kay | Key | Kas 93 ¢= 
0 0 | 0 [0lOllq,| |0 0] Ky | Ky | Kes lly 
0 0 | O {O{Of{qs} [0 O] Kes | Kss | Kes {4s}                 

where M is the symmetric mass matrix having the submatrices 

My, =M., My =Ic, M3 = Ji, m,$,6;4A, 

_ T T M,;3 = J, m,0,4A,, My, =|, m, (x-x,)3 dA, 

Mu=J,™,0.0144,,  Mss=J) m,0,6544, 

K is the symmetric elastic stiffness matrix having the submatrices 

K,; = Ji, |Auosy95 y+ Aus ($5,495 + b3,.05y) + Ass5,.03,2 ha, 
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Q, 
Q; 

(3.14a,b,c) 

(3.14d,e) 

(3.14f,g) 

(3.15a)



Ky = J, [Aus 91 +Ass0s,.04 HA, Kes =J, [Aus 95 + 465,05 YA, (3.15b,c) 

Ku=J, Ass0,07 +Disb,,.02, + Desi yay +Dis(Ou:Pry + Psy Pax)PA, — (3-15¢) 

  Kgs = I, Ausb.0s + Diyos x95, + Dyob4,295,2 + De Gsy95y + Docb1,y 05,2 HA, (3.15e) 

P 

K,; = Ji, |Audsos + Dns yb5,y + Des, x95, + Dys($5,x95y + 05y95,x ) KA, (3.15f) 

K, is the nonsymmetric aerodynamic stiffness matrix with submatrices given by 

K,, =|, CaA,, Ky, =] Co5.dA,, Ky, =], C(x-x)aA, (3.16a,b,c) 

Ky, =], C(x-xc)$3.8A,, Ky, =] CosdA,, K,, =], Co,03,.4A, (3.16d,e,f) 

and H, is a symmetric aerodynamic damping matrix with submatrices given by 

C C C 
H,,= nue H. tors , Hy= aria dA, (3.17a,b,c) 

C Hy =], a —(x-x¢) dA,, Hyg -[, = —(x—x.)@1dA,, Hy, -[,5 ~ $,614A, (3.17d,e,f) 

The n-vectors of generalized actuator forces, Q4 and Qs, have the form 

Q, = I, (d,F,, +d,F,, )h,.4A,, Q; = J A, (4;,F, +d3F )e, yaA, (3.18a,b) 

where the actuation voltage is included implicitly through the previously defined 

piezoelectric stiffness coefficients, Fgp. It will prove useful to express the 

generalized actuator forces explicitly in terms of the control voltages. To this 

end, we introduce Eqs. (2.17) and (2.23) into Eqs. (3.18) and write 

41



Q(t) = v(t) = Bu, (t) (3.19) i 

H
|
>
|
S
|
O
 

oO 0 

0 

o 
Q, 
Q; 

where B is an actuator participation matrix whose nxm submatrices take the 

form 

B, = 

N
p
 . (ae + h, )(4s:2,,, + ds, P12 )a..RdA, (3.20a,b) 

I, 
B, = 4/ A (Mess + h, (412, + d3,Q,,,, )a Ry aA, 

P 

The matrix equations of motion represent 3n+2 ordinary second-order 

differential equations of motion coupled through the mass, stiffness, 

aerodynamic stiffness and aerodynamic damping matrices. Both K, and H, are 

airspeed dependent. In addition, the aerodynamic stiffness matrix is 

nonsymmetric, thus rendering the problem non-self-adjoint (Ref. 97). 

The accuracy and convergence of the solution of the governing equations, 

Eqs. (3.13), depends on the choice of trial functions in the discretization 

procedure. The nature of the trial functions used in the present application will 

be discussed in the next chapter. In addition, the accuracy and convergence of 

the approximate solution will be examined for both the free vibration (in vacuo) 

and flutter eigenvalue problems. In the remainder of this chapter, the system 

equations will be completed with a derivation of the system output equations, 

relating voltage measurements from piezoelectric sensors to the dynamic state 

of the wing. 

3.4 Sensor Output Equations 

When a piezoelectric patch undergoes deformation, a measurable voltage 

accumulates within the material. This phenomenon is a result of the polarity of



the crystals within the piezoelectric material and is known as the direct 

piezoelectric effect. Such voltages are easily measured when piezoelectric 

patches are equipped with surface mounted electrodes (Fig. 2.5). The 

deformation of a sensing patch mounted on a host structure, in this case the 

flexible aircraft wing, is directly related to the deformation of the host. Thus a 

relationship exists between the voltage output of the sensor and the variables 

corresponding to the plate deformation. 

The piezoelectric sensor and actuator patches are modeled as isotropic ; 

surface-mounted plies. The constitutive equations relating an externally applied 

voltage to stress and strain in the material were introduced Chapter 2 for the 

derivation of the actuation strain energy. For sensing applications, there is no | 

externally applied voltage and Eqs. (2.14) take the form 

o E ‘ _ S 5: | | ‘ (3.21) 

0, p Q.1 Q.. p Ey p 

where all quantities have been previously defined. In addition, a second set of 

constitutive equations governs the relationship between stress in the material 

and electric displacement, defined as the charge per unit area developed under 

applied stress. When stresses occur primarily in the x-y plane, as in the present 

case, the only electric displacement and corresponding voltage produced is in the 

direction normal to the plane. Under the condition of zero external voltage, the 

relationship between the electric displacement and the stresses in the material is 

given by 

oy 

d,,)" (o, 
D; = 43,0, + dO, = | (3.22) 

32 » 

43 

m
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where D, is the electric displacement and d,, are piezoelectric material constants 

defined earlier. 

It can be shown (Ref. 112) that the use of electrodes on the upper and 

lower surfaces of a piezoelectric sensor patch for voltage measurement is 

equivalent to an averaging of the stress (or strains) through the thickness of the 

material. In terms of the wing layer height notation, the average strain occurs at 

a height of z = z, = 4(h, +h,,,), which is the perpendicular distance from the mid- 

plane of the wing to the center of the sensor patch. Using this height in the strain 

displacement relations, Eqs. (2.7a,b), yields the average strains 

€ 
‘ = ey | (3.23) 

Ey) Vay 

which, when substituted along with Eq. (3.21) into (3.22) relates the electric 

displacement to the wing displacement variables, or 

d,,|" ne D, -2 “| S | iy , (3.24) 

dx} [Qu Qy » Yyy 

Note that the electric displacement is related not to the plate transverse 

displacement, but instead to the rotational displacement variables, which under 

first-order shear deformation theory are independent degrees of freedom. This 

result parallels the actuator derivation in Chapter 2, where it was pointed out 

that the net effect of voltage-induced strain was to produce generalized 

moments acting through the rotational degrees of freedom. 

The total charge developed on the surfaces of the sensor element is found 

through integration of the electric displacement over the element area, or



4 ds, , Qy Qy Wx 

q.(t) = Jc Dima = | jad | fC Qn lee fsa (3.25) 

Yr 

and the corresponding voltage measured across the sensor electrodes is given by 

¥2%2 d T 

v,(t) = ir “| 5 | I dy (3.26) 
WX C ds Qu Q»» p Vyy 

where C is the equivalent capacitance of the patch, which depends on the patch 

area A, and thickness f, as well as the permittivity of the piezoelectric material, 

€33, according to 

co = Sa (3.27) 
a 

  

The limits of integration in Eqs. (3.25 & 3.26) correspond to patch placement 

coordinates, and are shown in Fig. 2.6. 

Any control design must be based on the discretized system equations of 

motion. Thus, the sensor output voltage must be expressed in terms of the 

discrete system generalized coordinates. Introduction of the elastic displacement 

variable series expansions, Eqs. (3.11b,c), yields the output equation relating the 

voltage measurement from one patch to the plate generalized coordinates 

Y2%2 d T T 
v,(t) = ir “| iS | {oe indy (3.28) 

nunc (4x2J} [Qu Qn »(By4s 

where ¢,(x,y) and @,(x,y) are the vectors of trial functions defined previously. If 

we consider m sensor patches, the output voltage vector is easily written in the 

standard output form 
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4 
Oy ds 

v,(t)= ” =[0 0f0|C, |Chasp= Cat (3.29) 
ds 

vem Fs 

where C is a sensor participation matrix whose m x n submatrices are functions 

of the piezoelectric material properties, sensor placement and trial functions, 

with rows given by 

n (4;,Q,, + ds. a} 4272 

  

C, = <a J fz, gdx,dy, i=1,m 
i ¥iw1 

. (du Q,,, + 452Q,,, ), 2277 (3.30) 
C, = = os = f fz. gi ydx,dy, i=1,m 

i ¥1%) 

It is obvious from the nature of the participation matrix that the voltage outputs 

are mathematically proportional to linear combinations of the plate generalized 

rotation coordinates. 
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CHAPTER 4 

FREE VIBRATION AND FLUTTER ANALYSIS 

In this chapter, we propose to solve the eigenvalue problem associated 

with Eq. (3.13) first for the case of free vibration (zero airspeed) and also for in- 

flight conditions. The free vibration eigenvalue problem yields the in vacuo 

natural frequencies and mode shapes of the wing, while the in-flight eigenvalue 

problem is solved at a series of increasing airspeeds in an effort to determine the 

flutter airspeed and the flutter mechanism. 

In the previous chapter, we derived a discrete system of equations to 

model a physically distributed wing. The algebraic eigenvalue problem 

associated with the discrete system is therefore only an approximation. The 

computational speed and accuracy of the discretized solution depends on the 

nature of the trial functions used in approximating the continuous elastic 

displacements, Eq. (3.11). 

4.1 Trial Functions 

There are generally three classes of functions available for use as trial 

functions, including eigenfunctions, comparison functions and admissible functions. 

Eigenfunctions are generated by exact, closed-form solutions of differential 

eigenvalue problems, and as such they satisfy the governing differential 

equations as well as all the problem boundary conditions exactly. For realistic 

continuous systems, very few closed-form eigensolutions exist. A slightly 

broader class of trial functions which satisfy all the problem boundary 

conditions, but not necessarily the differential equations, are known as 

comparison functions (Ref. 97). However, comparison functions are often 

difficult to generate as natural boundary conditions can be quite complicated. 
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The broadest class of trial functions, admissible or shape functions, need satisfy 

only certain differentiability constraints and the problem geometric boundary 

conditions (Ref. 97). While admissible functions are relatively easy to generate, 

convergence of approximate solutions in terms of admissible functions 

sometimes converge very slowly, resulting in increased computation time. 

For non-self-adjoint systems, such as the aircraft wing model under 

consideration, the trial functions are generally from the class of comparison 

functions (Ref. 97). However, the wing model is subject to natural boundary 

conditions at the three free edges, which are further complicated by the fact that 

the leading and trailing edges are functions of both x and y. Hence, comparison 

functions are not feasible here. Instead, we do the next best thing and choose the 

trial functions as linear combinations of admissible functions from several 

different families (Ref. 107). The basic premise behind this approach is that a 

variety of admissible functions will have a better chance of containing all the 

characteristics necessary to satisfy the natural boundary conditions and the 

differential equations to any desired degree of accuracy. As it turns out, 

combinations of admissible functions have been shown to exhibit faster 

convergence than both admissible functions from a single family and 

comparison functions for self-adjoint and  non-self-adjoint systems 

(Refs. 107,108). 

For the problem at hand, half of the trial functions are chosen as 

trigonometric functions and half as power series. In expansion (3.11) the 

displacement fields are approximated as linear combinations of the trial functions 

with the generalized coordinates serving as undetermined coefficients. Thus, the 

trial functions must depend on both x and y, and are assumed to have the form 

48



of products of chordwise functions X, (x) and spanwise functions Y,(y) . There 

are a total of 3n+2 trial functions needed for the approximate solution, n 

functions for each of the three elastic displacements and one for each of the rigid- 

body modes, namely ¢, = ¢) = 1. The same functions are used for each of the 

displacement fields and they take the form (Ref. 109) 

(X,Y) = Xi, (x)V,(y), Isfsn (4.1a) 

where 

f=i-2-nent(1=2), i=3,4,5,..,3n+2 (4.1b) 

and INT() implies truncation to the nearest integer value. 

The interest lies in modeling low aspect ratio wings, which in turn implies 

that chordwise and spanwise modes are of about equal importance. Thus, in 

determining the order of combination for the functions X,,(x) and Y;,(y) into 

¢,(x,y) , the desire is to choose the coefficients k, and J; such that the spanwise 

and chordwise functions are about equal in number. The dependence of k, and 

l, on f is given by 

IF HOD Sota 
l=4(2f-n-@+d), f=$+1$+2... (4.2a,b,c) 
ky =1-d-l, f= 12,3, n 

where 

—_ — n d=NINTJ2f, — f =1,2,3,...,5 (4.3a,b) 
n “ot d=NINT./2f—-n, f= atLs 7 +2, 
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In Eqs. (4.2) and (4.3), n is assumed to be an even integer and NINT() indicates 

rounding to the nearest integer value. 

Half of the functions X,, (x) and Y,(y) are chosen as segments of sine 

functions with an appropriate number of zero crossings. The members of the 

first family of spanwise functions have the form 

21, -1)x 
Y,(y) = tai Or } O<sySs (4.4) 

where the sine function has been multiplied by y/s to ensure satisfaction of the 

geometric boundary conditions at y=0, in which s is the semi-span length. For 

the general trapezoidal wing planform of Fig. 2.3, the leading and trailing edges 

vary along the y direction. Taking this variation into account, the first family of 

chordwise functions actually depend on both x and y, and are given by 

_ | 3H 3 x— ytan 1), 
X,. (x,y) = sins — k,-= , LESxsTE x, (X,Y) sn 1 +f f 3| eran, x (4.5)   

where 77, and nr are the leading and trailing edge sweep angles, respectively, 

and r is the wing root length. 

The members of the second family of chordwise functions are chosen as 

terms from a power series, once again shifted to account for leading and trailing 

edge sweep. In addition, the functions are designed to alternate direction 

between the leading and trailing edges, resulting in 

X, (x,y) = (a{rf1 +(-1)" |= (-1)" x+[1+ (-1)" |(tann, - tan, yt 
INT ky +3 

2 
+(tan 7, - tan n, i) ,  LESxsTE (4.6) 
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The second family of spanwise functions is simply 

2) 
Y;,(y) = (4) , Osyss (4.7) 

The complete set of two-dimensional trial functions is expressed in terms of f, k, 

and |; as follows: 

o=Lsinay, f=3,4,. 734, ky   

  

  

Dy = “2 sinay, f = 3,4,.., > / ky =2 (4.8a,b,c) 

_y. _ (b+cex+dy _ n+2 
¢y = Lsinaysin| rey } f =3,4,.05 7 ky 23 

  

    

N 

Os = u) , f= ee ky =2 (4.9a,b,c) 

1 X+ 
ty = My"| 301-0) +0{ S224) =154 mn, kp23 

where 

b= 2%, e=tan7n, —tann, (4.10a,b) 

(21, -1)x 
(4.10c,d) 

c= afk - >| d= nae + C - =p | (4.10e,f) 

  

_ F +3 _ 1 N 

k,+1 
Q=-(-1)%, A= mn7{ 5 (4.10i,j) 
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4.2 State Space Formulation 

The natural frequencies and mode shapes, as well as the flutter airspeed of 

the aircraft wing model, are calculated by solving algebraic eigenvalue problems 

associated with Eq. (3.13). As it turns out, the solution of the flutter eigenvalue 

problem requires that the system be cast in first-order form, known as state 

space form. The system equations of motion are transformed to the state space 

through introduction of the state vector, x(t)=[q7(t),q" ()] - The equations of 

motion in terms of the state vector then take the form 

x(t) = Ax(t) + Ba, (t) 

v, (t) = Cx(t) 4.1) 
where 

A= ° B= é 0 “| mower, wn, ae ag} CHIC 0] @tzan) 

are coefficient matrices, v,(t) is the vector of control voltages and v,(t) is the 

output vector of sensor voltage measurements. 

4.3 Free Vibration Eigenvalue Problem 

Next, we propose to derive the eigenvalue problem associated with the 

system equations of motion in the form of Eq. (4.11). To this end, we drop the 

vector of control voltages and specify the time dependence of the state vector. 

Letting x(t) = Xe“, we arrive at the standard algebraic eigenvalue problem, or 

AX =4X (4.13) 

the solution of which consists of the system eigenvalues, A, and corresponding 

eigenvectors, X. Because the state matrix A is not symmetric, the eigenvalues 

are generally complex, taking the form 
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with the real part indicating aerodynamic damping and the imaginary part the 

corresponding frequency. 

For the free-vibration case, the system is conservative and the 

corresponding eigenvalue problem can be written in terms of real, symmetric 

matrices. Setting K,, H, and v, equal to zero in Eq. (3.13), the equations of 

motion take the form 

Mig +Kq =0 (4.15) 

where M is symmetric and positive definite and K is symmetric and positive 

semidefinite. The eigenvalue problem for Eq. (4.15) is arrived at in the usual 

manner, assuming harmonic time dependence for the configuration vector, 

q(t) = ge, and has the standard form 

w*Mo= Ko (4.16) 

in which the frequencies, @, and corresponding eigenvectors, @, are real 

quantities. Alternatively, if the first order form of Eq. (4.13) is used, the 

eigenvalues, A, are pure imaginary, occurring in complex conjugate pairs. 

To demonstrate the convergence and accuracy of the approximate 

solution, natural frequencies were calculated for two different models using 

increasing numbers of trial functions. The dimensions and material properties 

for the two models are given in Appendix A. The first model is a rectangular 

steel plate cantilevered along one edge, for which an exact solution is available 

(Ref. 110). The results are shown in Fig. 4.1 for the first three natural frequencies 

of the plate. 
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Fig. 4.1 - Nondimensional Natural Frequencies Versus Number of 
Trial Functions for Steel Cantilever Rectangular Plate 

In Fig. 4.1, the frequency has been nondimensionalized according to 

_ p P Q= oA ao on =| (4.17) 

where Ay is the plate area, E the Young’s modulus, p the plate mass density and 

t,, the plate half-thickness. One can observe the nature of the admissible function 

approximation in Fig. 4.1. With just a few terms in the series expansions, the © 

approximate solution vastly overpredicts the plate natural frequencies. 

However, as more terms are added to the expansions, the trial functions result in 

better approximation of both the natural boundary conditions and the 

differential equations. Thus, the calculated natural frequencies are seen to 

converge rather quickly. Table 4.1 shows a comparison between the three 

lowest computed and exact values of the nondimensional natural frequencies.



Table 4.1 - Nondimensional Natural Frequencies of 
Rectangular Steel Cantilever Plate 

i | Computed Q; | Exact Q; 
  

  

  

  

1 0.8808 0.8366 

2 4.442 4.355 

3 5.418 5.219           
As can be concluded, the agreement is reasonably good considering the 

complexity of the model. 

A study of the convergence properties of the second model, a 

graphite/epoxy forward-swept wing model, is shown in Fig. 4.2, where the 

natural frequencies correspond to the first five flexible modes of the wing. The 

rigid-body modes have zero frequency and converge immediately. The results 

in Fig. 4.2 indicate that we have good convergence for the first five flexible 

modes if twenty terms are used in each of the series expansions, Eqs. (3.11). 
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Fig. 4.2 - Nondimensional Natural Frequencies Versus Number of 
Trial Functions for Graphite/Epoxy Wing 
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4.4 Open-Loop Flutter Analysis 

Flutter analysis consists of solving the eigenvalue problem associated with 

the airspeed-dependent state matrix A for a series of increasing airspeeds. As 

mentioned previously, for nonzero airspeeds the real parts of the eigenvalues 

indicate the amount of aerodynamic damping. For a stable system, each of the 

eigenvalues must have a negative real part. The first airspeed for which one of 

the system eigenvalues exhibits a zero real part is known as the open-loop flutter 

speed, the flight speed at which the system becomes unstable. 

As an example, the flutter analysis was carried out for the graphite/epoxy 

wing model with 30° forward sweep and a fullspan aspect ratio of 3. The results 

are shown in Figs. 4.3 and 4.4, where the dynamic pressure has been 

nondimensionalized according to 

2gA? _ Priel’ At 

E(2ty)*  E(2ty)* (2-18) 
  g= 

in which Pgir is the air density and U the free stream airspeed; all other quantities 

have been defined previously. In Fig. 4.3, we see that the rigid-body pitch mode 

takes on a nonzero frequency that tends to increase with increasing dynamic 

pressure. Simultaneously, the frequency of the first flexible bending mode 

decreases. The damping associated with the rigid-body pitch and the first flexible 

bending modes is shown in Fig. 4.4. The pitch mode becomes more stable with 

increasing dynamic pressure, while simultaneously the first flexible bending 

mode tends toward instability. Hence, the flutter mechanism for this forward- 

swept wing configuration is clearly a coalescence of the rigid-body pitch and first 

flexible bending modes, known as body-freedom flutter. 
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As a further illustration of the capabilities of the aircraft wing model, a 

flutter investigation was carried out for the same graphite/epoxy forward-swept 

wing with the rigid-body degrees of freedom removed. The results are shown 

in Figs. 4.5 and 4.6. As the dynamic pressure is increased, the frequency of the 

first bending mode decreases until it eventually goes to zero (Fig. 4.5). At the 

same time, the real part of the eigenvalue crosses into the unstable region 

(Fig. 4.6). This behavior is known as static divergence, a special case of instability 

which occurs at zero frequency. Comparing Figs. 4.4 and 4.6, we see that the 

model predicts a higher instability speed when the body freedoms are removed. 

Thus, for this wing configuration, body-freedom flutter is the most critical 

aeroelastic instability. This finding follows the trends discovered by other 

researchers (Refs. 45-47) and demonstrates the necessity of including rigid-body 

motions in models of free-flying aircraft. 
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Fig. 4.6 - Eigenvalue Real Part Versus Nondimensional Dynamic 
Pressure for Clamped, Forward-Swept Wing 

A third flutter investigation was carried out for the same flexible wing 

model, only in an aft-swept configuration (A = +30°). Nondimensional 

frequencies for the rigid-body pitch and first two flexible modes are shown as 

functions of nondimensional dynamic pressure in Fig. 4.7. For this configuration, 

the rigid-body pitch frequency changes only slightly with increasing dynamic 

pressure. On the other hand, the frequencies of the two flexible modes coalesce 

as the dynamic pressure increases. The damping values associated with the same 

three modes are shown in Fig. 4.8. Once again, as the frequencies coalesce one of 

the modes becomes more stable while the other one tends towards instability. 

The flutter mechanism for this aft-swept design is known as classical bending- 

torsion flutter. It occurs at dynamic pressures significantly higher than those 

corresponding to the forward-swept counterpart discussed earlier. 
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Bending and torsion motions are coupled for swept-wing configurations. 

When a wing is swept back, the coupling tends to reduce the effective angle of 

attack of the wing, resulting in attenuated loading of the wing surface known as 

wash-out. It is a well-documented fact that wash-out delays the onset of 

divergence, which is replaced by body-freedom flutter in the present model, so 

that it is usually not the most critical instability for aft-swept wings. On the other 

hand, forward sweep causes adverse coupling between bending and torsion, 

known as wash-in, which tends to amplify the aerodynamic loading on the wing 

and significantly reduce the airspeed at which instability occurs. 

It will prove useful to examine the effects of variation in wing parameters 

such as sweep angle on both flutter airspeed and flutter mechanism. In the 

interest of generality, both fixed wing and free-flying configurations were 

included as well as aerodynamic theories including (quasi-steady) and excluding 

(quasi-static) aerodynamic damping terms. The results, shown in Table 4.2, are 

useful for establishing trends and determining the most critical configurations. 

Table 4.2 - Effects of Sweep Angle on Nondimensional Flutter Dynamic 
Pressure for Several Aircraft Models 

Gr 

FREE WING FIXED WING 

tic i-stea i-static i 

12.11 17. 
30.1 93 
147 641 
635.7, 887.9 
401 546.9 
27: 347 
219.7. 229.9 

y- utter, , = sta ergence 
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As seen in Table 4.2, forward-swept wing configurations result in 

drastically lower flutter dynamic pressures than their aft-swept counterparts. 

Also, when the wings are swept forward, the flutter mechanism is divergence for 

the fixed wing configuration and body-freedom flutter when rigid-body motions 

are modeled. Furthermore, the flutter dynamic pressures predicted for the fixed 

wing model are higher at each sweep angle (forward or aft) than for the free 

wing configuration. Thus, the need to include rigid-body motions in flutter 

modeling is once again justified. 

Several interesting trends are discovered when we compare results using 

quasi-static and quasi-steady piston theory aerodynamic approximations. The 

quasi-static results are generated by omitting the virtual work terms containing 

derivatives with respect to time (Eg. 3.4), or consequently, eliminating the 

aerodynamic damping matrix in Eqs. (3.13 & 4.12a). Referring again to Table 4.2, 

we see that the inclusion of aerodynamic damping tends to increase the dynamic 

pressure at which flutter occurs. The most dramatic increases occur when body- 

freedom flutter is the critical instability. Furthermore, the increase in flutter 

speed is generally smaller for the fixed wing model and for both models in aft- 

swept positions. 

Intuitively, one might expect aerodynamic damping terms to help 

stabilize a vibrating aircraft wing. However, as Dowell has pointed out (Ref. 102) 

this is not always the case. In fact, Dowell has shown that elimination of 

aerodynamic damping in a simple two degree-of-freedom model of a typical 

section wing resulted in a higher flutter airspeed. It should be pointed out that 

Dowell suggests this phenomena could be a characteristic of this specific model. 

In the present study, only one configuration, the fixed wing with 30° aft sweep, 
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demonstrated the same trends reported by Dowell. All other configurations 

experienced flutter at a lower airspeed when aerodynamic damping was not 

included. 

The question of whether or not aerodynamic damping should be included 

in flutter modeling has been the subject of much debate in the past. Various 

models include either aerodynamic or structural damping, neither or both. One 

could make the argument that we have neglected structural damping in the 

present model and thus we should also neglect aerodynamic damping for the 

sake of consistency. We choose simply to investigate both possibilities. 

When aerodynamic damping is neglected from the flutter modeling, the 

results provide insight into the true nature of the flutter mechanism. A 

comparison of flutter results for the 30° forward-swept G/E wing model using 

quasi-steady and quasi-static piston theory are shown in Figs. 4.9 and 4.10. 
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Fig. 4.10 - Effects of Aerodynamic Damping on Flutter Analysis 

The flutter mechanism for this sweep angle is body-freedom flutter. With 

damping neglected, the aircraft pitching and wing bending modes are neutrally 

stable until the frequencies of the two modes coalesce (Fig. 4.9). On the other 

hand, we see that exact coalescence never occurs under the quasi-steady 

assumption. Instead, as the frequencies of the two modes converge, we begin to 

see adverse effects on the damping of the flexible mode (Fig. 4.10). 

Since flutter occurs even when aerodynamic damping is excluded from | 

the model, it is obvious that the phenomena is triggered by the effects of 

aerodynamic forces on the overall system stiffness matrix. The changes seen in 

modal damping when quasi-steady theory is used are a result of the frequency 

driven interaction between the two modes. Thus, altering the system stiffness 

matrix seems to be a logical approach to controlling or avoiding body-freedom 

flutter.



Certainly, one might attempt to control flutter by introducing additional 

damping into the system through the use of active controls. In fact, this 

approach has received much attention in the past (Refs. 13 - 31). However, in 

light of the above discussion, this approach seems tantamount to operating on 

the symptom instead of the disease. Instead, we propose that a more direct 

route to flutter control should include some means of altering the system 

frequencies. As pointed out in the Introduction, engineers have controlled 

different types of flutter in the past by adding stiffeners to wings and/or 

changing the mass distribution, both of which are passive means of altering the 

modal frequencies. A different approach to control of body-freedom flutter, 

namely, the use of active controls to alter wing bending frequencies (instead of 

damping) and delay interaction with the rigid-body pitch mode is explored in 

Chapter 5. However, first a method is developed in which only the model 

information pertinent to flutter analysis and control is retained in a reduced- 

order set of governing equations. 

4.5 Modal Flutter Approximation 

In the previous sections, the ability to accurately model three different 

flutter phenomena was demonstrated. The results indicate that only the first few 

modes participate in any of the flutter mechanisms, suggesting that a useful 

model need contain only the information pertinent to a few of the lower 

frequency modes. Also, due to the nature of the discretization process, the 

higher frequency modes are not accurate. 

Significant savings in computation time may be achieved by eliminating 

the higher frequency modes from the model used for flutter analysis. Even with 

the rather complex trial functions used in this effort, the size of the system matrix 
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in Eq. (4.13) grows quite large before convergence of the first few free vibration 

frequencies is achieved, reaching 124 x 124 when twenty terms are used in each 

series expansion. As a result, the flutter solution is computationally expensive, 

especially considering that the eigenvalue problem is solved at each in a series of 

airspeeds. One method of reducing the large order of the system equations of 

motion is through modal analysis (Ref. 101), in which free vibration results are 

used to approximate the behavior of the system under aerodynamic loading. 

Modal analysis is based on the assumption that the system response to 

external loading, in this case aerodynamic loading, can be represented by a small 

number N, of the lower frequency free vibration modes. Mathematically, this 

assumption is equivalent to a truncated modal expansion given by 

Ny 

q(t)= > en, = ON (4.19) 
i=l 

where 7(t) is an N-vector of modal, or natural, coordinates and ®, is a matrix of 

the first N, eigenvectors from the free vibration eigenvalue problem, Eq. (4.16). 

The eigenvectors are orthogonal, satisfying the relationships: 

T @'M®,=1, 1K, =} (4.20a,b) 

in which I is the identity matrix and Q, is a diagonal matrix of the first N, system 

natural frequencies. Substitution of Eq. (4.19) into Eqs. (3.13) and (3.29) and pre- 

multiplying by @; yields the N, equations of motion governing the modal 

coordinates, which are written as 

n+ H,n+[Q + K,|n= Bv.(t) 
_ (4.21a,b) 

v(t) = Cnt) 
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where H, = ©/H,®, is the modal aerodynamic damping matrix, K, = ®;K,®, 

the modal aerodynamic stiffness matrix, B=@/B the modal actuator 

participation matrix and C = C ®, the modal sensor participation matrix. 

As in Section 4.3, the flutter eigenvalue problem associated with 

Eq. (4.21a) must be solved in the state space. Thus, we introduce the modal state 

vector, X =(7° it} , and let x(t) = Xe” to obtain the modal approximation to 

the flutter eigenvalue problem in the form 

0 Io on 
a +Ry a eo (4.22) 

where K, and H, are still implicitly airspeed dependent. 

A comparison of flutter results for the 30° forward-swept G/E wing using 

full-order, eight and four mode modal approximations is shown in Table 4.3. 

Table 4.3 - Comparison of Modal and Full-Order Flutter Solutions 

m Gr (psi) Gr (psi) Time 
i-static i-stead sec 

-order 8.5986 12.378 125.0 

8 mode 8.6034 12.384 2.76 

mode 8.6154 12.424 1.41 

utter on a Power 
    

It can be seen that there is excellent agreement between the full-order and the 

approximate modal solutions, even when only four modes (two rigid + two 

flexible) are retained in the modal expansion. In addition, there is significant 

savings in computation time required for the modal approximation. The four 

mode solution is nearly ninety times faster than the full-order solution. 

Computation speed is of particular interest if the model is eventually to be 

used as part of an overall design optimization package. In light of the above 
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comparison, we conclude that the modal flutter approximation does indeed 

capture all the necessary characteristics needed to accurately model the flutter 

mechanism. For these reasons, the reduced-order model will be utilized in the 

remainder of this study. In particular, the model will be used in the next chapter 

as a tool for investigating the feasibility of several control strategies aimed at 

increasing the aircraft flutter airspeed. 
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CHAPTER 5 

FLUTTER SUPPRESSION METHODOLOGIES 

In the previous chapters, a mathematical aircraft fuselage/wing model 

was developed as a useful tool intended for predesign stage of aircraft 

development. The versatility and usefulness of the model for investigating 

various aircraft configurations and their respective flutter mechanisms have been 

demonstrated in Chapter 4. In this chapter, the intent is to utilize this model in 

an investigation of strategies for increasing the flutter speed of a given aircraft 

configuration. Although the model is highly simplified compared to an actual 

aircraft configuration, the goal is to develop unique and novel flutter suppression 

approaches and to demonstrate trends which may carry over into the next 

design phase. Control designs will be demonstrated for the case of body- 

freedom flutter, as this was shown in Chapter 4 to be the most critical flutter 

mechanism for free flying forward-swept wing aircraft. 

5.1 Control of Body-Freedom Flutter 

In Chapter 4, the critical flutter mechanism for a graphite/epoxy wing in a 

30° forward-swept configuration was shown to be body-freedom flutter. Body- 

freedom flutter involves a coalescence or merging of frequencies of the rigid- 

body pitch mode and the first flexible wing bending mode. The wing bending 

frequency decreases while at the same time the pitch mode takes on a nonzero 

frequency and increases with increasing airspeed. After the coalescence of the 

frequencies, the aerodynamic damping of the flexible mode tends towards the 

region of instability (see Figs. 4.3 & 4.4). If aerodynamic damping is not included 

in the model, then the point of coalescence defines the point of flutter onset 

(Fig. 4.9). The governing mechanism of this instability, frequency coalescence, 
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suggests a novel approach to flutter suppression. The basic premise is that 

delaying the frequency coalescence will delay the onset of instability, or flutter, 

to higher airspeeds, thus enlarging the aircraft's flight envelope. 

Several possibilities exist for delaying coalescence of the aircraft's pitching 

and wing bending frequencies. From the flight control designer's point of view, 

the logical choice would be to control the predominantly rigid-body mode of the 

aircraft, thus altering the frequency of the pitch motion and delaying coalescence. 

However, for reasons stated in the literature review, solutions involving 

additional control surfaces or the use of pre-existing ailerons and flaperons are 

not desirable here, since these structures are often dedicated to other control 

objectives. From the aeroelastician's viewpoint, the more desirable approach to 

controlling body-freedom flutter would be to actuate the aeroelastic mode 

consisting mainly of flexible wing bending. Indeed, the present model, with 

surface mounted piezoelectric sensors and actuators is ideally suited for an 

investigation of the latter approach. 

A hypothetical approach to increasing aircraft flutter speed is 

demonstrated in Fig. 5.1. For simplicity, aerodynamic damping has been 

neglected in the hypothetical flutter analysis. However, we recall that frequency | 

coalescence triggers flutter whether or not damping is included. The idea is that 

delaying the onset of flutter to higher airspeeds simply amounts to widening the 

gap between the first wing flexible bending mode and the pitch mode. If we 

consider the zero airspeed, or free-vibration case, this simply amounts to finding 

a way of increasing the first natural frequency of the flexible wing. The 

frequency of the pitch mode will always be zero at zero airspeed. Thus, 

theoretically, increasing the frequency of the flexible wing bending mode will 
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cause the coalescence event (gq; on the graph) to occur at a higher airspeed. This 

is not an entirely new concept, as investigators have been adding stiffeners to 

wings for years to achieve the same effect. However, in the present study we 

are trying to avoid the undesirable weight gain typically associated with such 

solutions. Two techniques for increasing the frequency of the wing's first flexible 

bending mode will be investigated in the remainder of this chapter, namely 

composite material tailoring and active control via induced-strain sensors and 

actuators. 
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Fig. 5.1 - Hypothetical Effects of Frequency Increase 
on Flutter Solution 

5.2 Suppression of Body-freedom Flutter Via Composite Tailoring 

Composite tailoring is a method in which the aeroelastic characteristics of 

a wing are altered through the use of advanced composite materials. The unique 

directional stiffness properties of filamentary composites allow the aeroelastician 

to tailor the stiffness (and thus the bending frequencies) of an aircraft wing. 

Certainly, composite tailoring is not a new concept in the control of aeroelastic 

instabilities. As mentioned in the literature review, composite tailoring has been 

71



used to alleviate divergence problems associated with clamped wings for many 

years (Refs. 34 - 40). Weisshaar et al. (Ref. 46) have also investigated the effects of 

composite tailoring on body-freedom flutter with positive results for some 

aircraft configurations. 

In the present study, composite tailoring is used simply as a passive 

means of widening the gap between the first wing flexible bending mode and 

the aircraft pitch mode. As an example of this strategy, composite tailoring is 

carried out for the [0/-45/+45/0], graphite/epoxy 30° forward-swept wing 

discussed previously. In Fig. 5.2, we have a plot of the variation of the two 

lowest wing natural frequencies as the ply angle of the outside layer is swept 

from -80° to 80°. All angles are measured with respect to the midchord sweep 

angle, with the convention that a positive angle indicates forward sweep. 
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Fig. 5.2 - Nondimensional Frequency vs Tailoring Ply Angle 

For this forward-swept wing, a tailoring angle placing the graphite fibers 

slightly aft of the midchord produces the maximum frequency for the first 

flexible mode. We recall that the aircraft pitch mode natural frequency is 
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identically zero. Theoretically, the ply angle producing the maximum value of 

the lowest wing bending frequency will produce the highest flutter airspeed. 

A plot of the flutter dynamic pressure variation with the tailoring angle is 

shown in Fig. 5.3. As expected, the maximum flutter dynamic pressure occurs in 

the vicinity of the maximum first bending mode frequency. However, dynamic 

pressure is maximized when the fibers are swept slightly forward of the 

midchord instead of slightly aft. Clearly there are more subtle effects of 

composite tailoring on the body-freedom flutter mechanism than mere 

frequency separation. The amount of bending-twist coupling is altered as well 

by fiber positioning, thus affecting the amount of wash-in and ultimately the 

flutter airspeed. Indeed, in Fig. 5.2, we see that a slight forward sweep of the 

tailoring fibers tends to stiffen the wing torsionally, thus reducing the increase in 

effective angle of attack caused by bending. 
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This numerical example is certainly a simplest case scenario, 

demonstrating the usefulness of the composite tailoring layer as a passive design 

73



tool for maximizing the body-freedom flutter speed of a particular aircraft 

configuration. Certainly, the concept can be carried further by utilizing all of the 

ply angles as design variables as part of a larger multi-objective wing 

optimization procedure. 

5.3 Active Control for Flutter Suppression 

In the previous section, a passive method was used to demonstrate that 

an increase in the first bending frequency of a forward-swept wing was sufficient 

to cause a significant increase in the airspeed at which body-freedom flutter 

occurs. Similar changes in modal frequencies can also be achieved through the 

use of active control methods, in particular feedback of measurements or 

estimates of modal position variables. A straightforward technique for altering 

the dynamic characteristics of the wing, known as direct output feedback, will be 

investigated for the remainder of this chapter. 

Direct output feedback is a control method in which sensor output signals 

are multiplied by an appropriate set of gains and used to drive the system 

actuators. This type of procedure has received widespread use in the past, for 

example, Refs. 113 & 114, where outputs from velocity sensors are fed back to 

collocated actuators for control of vibration in flexible spacecraft. An extensive | 

bibliography on the subject is contained in Ref. 71. For the case at hand, the 

aircraft wing structure is equipped with piezoelectric patches for both sensing 

and actuation. The sensor output voltages were shown in Chapter 3 to be 

proportional to system displacement variables. Thus, feedback of sensor 

voltages amounts to position feedback and presents a means of altering the 

modal frequencies of the flexible wing. 
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One may be wary of using a reduced-order model for control design, due 

to a problem known as control spillover (Ref. 71), in which control energy may 

excite unmodeled or unretained modes, causing instabilities. However, in the 

proposed design, spillover does not pose a threat to system stability. Since we 

are feeding back position measurements, at most spillover can effect only the 

frequencies of higher modes. Thus destabilization, which would imply adversely 

affecting the damping of unmodeled modes, is not a possibility. Also, control 

spillover has been shown to have minimal effects in configurations where 

sensors and actuators are collocated, as in the present model. 

5.3.1 Collocated Position Feedback 

The control design is based on the reduced-order modal system equations 

developed in Chapter 4. For simplicity, the modal equations of motion are re- 

introduced here, as 

i+ H,4+[Q) +K,|n=Bo,(t) 
~ (5.1) 

0,(t) = Cm#) 

where 1(t) is the vector of modal displacement variables, Q the matrix of modal 

frequencies, K, and H, the modal aerodynamic stiffness and damping matrices, — 

respectively, B the modal actuator participation matrix, C the modal sensor 

participation matrix and 2,(t) and 9,(t) the vectors of control input and sensor 

output voltages, respectively. Our primary goal is to increase the frequency of 

the first flexible wing bending mode. This opens up the prospect of designing a 

very simple output feedback control law based on the system equations of 

motion without aerodynamics, or 

ij+ Q?n= Bo, (t) (5.2) 
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For position feedback, the vector of sensor output voltages are multiplied by a 

gain matrix to produce the sensor input voltages, or 

v,(t) = Gu,(t) = GCnt) (5.3) 

and the resulting closed-loop system of equations (without aerodynamics) is 

given by 

+[Q? -BGC|n=0 (5.4) 

It can be shown that the closed-loop system of equations remains self- 

adjoint, i.e., BGC is symmetric, as long as the gain matrix is chosen to be 

symmetric. The proof follows from similarities in the participation matrices, as a 

result of using piezoelectric patches for both sensing and actuation, and is 

included in Appendix C. This result is expected, as position feedback cannot 

introduce any energy dissipation into the system. 

The question remains as to the choice of the gain matrix G. One method, 

referred to as collocated position feedback (CPF), is to feed each sensor output 

voltage back only to the collocated actuator. The gain matrix in this case is 

diagonal, taking the form 

V4 81 0 |fv,, 

(Oe) — 82 O52 (5 5) 

Ven} {9 Sm | (sm 

where m is the number of collocated sensor/actuator pairs. The individual gains | 

are chosen essentially by a trial and error process in order to produce the desired 

increases in the system first natural frequency. This process is equivalent to most 
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classical control approaches, where gains are selected to satisfy various design 

criteria based on the closed-loop system eigenvalues or response. An ad hoc 

approach has also been developed to generate gains producing desired changes 

in the system natural frequencies. The approach is based on symbolic calculation 

of the matrix BGC, and is possible when a low number of modes is retained in 

the reduced-order model. 

5.3.2 Independent Modal Space Control 

Another option for selecting the gain matrix in Eq. (5.3) is to design the 

control law in the modal space, a process known as independent modal space 

control, IMSC (Ref. 71). This design is based on the modal equations, Eqs. (5.1a) 

rewritten in the following form: 

i+ win, =Z(t) i=1,2,....N, (5.6) 

where Z(t) is the vector of modal control forces, which for the purpose of 

position feedback are proportional to the modal position coordinates, or 

Z(t)=GrXt)  G=diag(s,), k=1,2,...,.m (5.7) 

Modal gain selection is now simply a matter of choosing the desired increase or _ 

decrease in each modal frequency independently, since the closed-loop modal 

equations remain independent, and take the form 

iy + (w? -,)n,=0  i=1,2,...,N, (5.8) 

If we desire to change only the first wing natural frequency, then only the first 

modal gain must be nonzero. The question remains as to the relationship 

between the modal gain matrix G and the actual gain matrix G, since for actual 

implementation we know the control law must take the form of Eq. (5.3). The



modal control forces are related to the actual control voltages by an N, x m modal 

participation matrix, or 

Z(t) = Bo, (t) (5.9) 

The actual control voltages are found by inverting Eq. (5.9). Assuming that the 

inverse exists, the implications of which will be discussed shortly, substitution of 

the modal control law into the result yields the vector of control voltages, given 

by 

v(t) = BGnt) (5.10) 

Similarly, the sensor output vector is directly related to the modal position vector 

through the m x N, modal sensor participation matrix according to 

v,(t)=CrXt), nt) =C*v, (t) (5.11a,b) 

Assuming that the inverse in Eq. (5.11b) exists, the final relationship between the 

actual control and output voltages is found by substitution of this equation into 

Eg. (5.10) with the result 

v.(t) =B “GC 9, (t) = Go, (t) (5.12) 

Examining the form of Eq. (5.12), one can conclude that the gain matrix relating 

sensor outputs to actuator inputs is symmetric but no longer diagonal. In other 

words, we now have cross-feedback in which the signal from each sensor is 

multiplied by gains and fed back to all of the actuators. 

We now return to the conditions under which the two inverses in 

Eq. (5.12) exist. First of all, for both inverses to exist, the matrices must be 

square, implying that N, = m, or that the number of modes retained in the 
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truncated system of modal equations must equal the number of sensor /actuator 

pairs. Furthermore, for B™ to exist, the participation matrix B must be non- 

singular, a condition analogous to a statement of modal controllability. For the 

problem at hand, the modal equations are controllable via piezoelectric actuation 

as long as only the flexible modes are retained in the modal system of equations. 

Similarly, the inverse matrix C™ exists under the condition of modal 

observability which is indeed met for the flexible modes when using piezoelectric 

sensors. Thus, the above restrictions imply that the control gains may be 

designed using IMSC as long as the design is based on a modal system of 

equations (zero airspeed) retaining as many flexible degrees of freedom as 

sensor /actuator pairs. 

It should be pointed out that both the CPF and IMSC control techniques 

are modal methods, as they are both based on the system modal equations. The 

difference lies in the closed-loop equations, which are coupled using CPF, 

Eq. (5.4), and independent under IMSC, Eq. (5.8). In the following section, 

numerical results are presented for control designs based on both methods. 

5.4 Numerical Examples 

Two control laws were designed for the [0/-45/+45/0], graphite/epoxy 

wing in a 30° forward-swept configuration. Four modes were retained in the 

reduced-order model. A test configuration was chosen with four piezoceramic 

pairs (Fig. 5.4), the dimensions, exact placement locations and material properties 

of which are given in Appendix B. It was demonstrated in Chapter 4 that body- 

freedom flutter is the most critical instability for this configuration. Open-loop 

flutter occurs at a nondimensional dynamic pressure given by g = 30, at which 

point the first bending mode becomes unstable (Fig. 4.4). 
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Fig. 5.4 - Graphite/Epoxy FSW Model with Four Surface- 

Mounted Sensors and Actuators 

Gain matrices were chosen using the CPF and IMSC methods outlined in 

the previous sections, with a goal of increasing the zero-airspeed frequency of 

the first flexible mode by approximately ten percent. The resulting gain matrices | 

are shown in Table 5.1. The gains generated using IMSC are generally larger in 

magnitude than those chosen using CPF. This result is expected, since the above 

choice of modal gain matrix has essentially placed additional constraints on the 

closed-loop equations, prescribing that all modal frequencies except the first 

flexible mode remain unchanged. On the other hand, the CPF gain matrix in 

Table 5.1 resulted in a decrease of approximately two percent in the frequency of 

the second flexible mode. 
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Table 5.1 - Output Feedback Gain Matrices 

  

  

  

  

  

  

CPF IMSC 
GC G 

-31.2 : 0 0 0 0 -O1 § -17 : -82 :  .82 

QO :-126: 0 0 0 -17 3 -7.15 } -33.4 : 33.2 

0 0 37.0 0 0 -.82 : -33.4 :-155.9 } 154.9 

0 0 0 39.9 0 82 : 33.2 : 154.9 : -153.9                           
Results from flutter analysis of the closed-loop system are shown in 

Figs. 5.5 and 5.6. The open-loop flutter analysis from Chapter 4 is included in 

these graphs for comparison. A plot of nondimensional frequency versus 

nondimensional dynamic pressure is shown in Fig 5.5. It is obvious from this 

plot that the increased frequency of the flexible mode in the closed-loop systems 

has indeed delayed the onset of frequency coalescence as predicted. 

Since aerodynamic damping is included in the model, we must look to the 

real part of the eigenvalues to determine the onset of flutter (Fig. 5.6). In this 

figure, we see that flutter occurs at 7 = 42 and 44 for the collocated feedback and 

IMSC control laws, respectively. This represents increases of 40% and 46% in 

flutter dynamic pressure over the uncontrolled aircraft. 

The differences in damping between the closed-loop and open-loop cases 

is not a direct result of position feedback. Indeed, it is not possible to alter modal 

damping characteristics directly without velocity feedback. Instead, the flexible 

bending mode remains stable at higher airspeeds as a result of the delayed 

interaction between the two modes achieved through position feedback. These 

findings support earlier arguments that frequency coalescence is indeed the true 

triggering mechanism for body-freedom flutter. 
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5.5 Gust Response Simulations 

When using piezoelectric materials for control applications, care must be 

taken to keep the applied voltages well below the depoling voltage of the 

material, at which point the desirable properties of the material are destroyed. 
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The closed-loop performance of the system must be evaluated through 

numerical simulation. One such method of evaluating a design is calculation of 

the flexible wing response to gusts, pockets of turbulent air encountered during 

normal level flight conditions. 

Calculation of gust response can be a very computationally intensive task, 

depending on assumptions made about the gust profile and the aerodynamic 

theory used. Consideration of wing flexibility complicates modeling further. To 

simplify calculations, in the case at hand, gust loading is considered equivalent to 

an impulsive external disturbance acting on the mathematical model, 

Mg + H,g+[K+K,|q=Q,6(t) (5.13) 

or in its modal counterpart, 

n+ H,+[Q? +K,|n=9/Q,6(t) (5.14) 

where Q, is an intensity vector for the turbulent disturbance and &t) is the Dirac 

delta function. It can be shown (Ref. 115) that the net effect of such an impulsive 

force is to cause a finite change in the modal velocities, given by 

7X0") = 9 Q, (5.15) 

without a corresponding change in modal displacements. The response is then 

calculated by choosing a flight speed and solving the closed-loop equations of 

motion in state space form: 

djn\_ 0 tifa 
dt|nj |-(Q7+K,-BGC) -H, || 

2,(t) =[C oj 
(5.16a,b) 
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with the initial conditions given by Eq. (5.15). In light of the piston theory 

aerodynamic approximation used in the present aircraft model, this highly 

simplified approach to gust response seems appropriate. Better approximation 

to gust response would require a significantly more complex aerodynamic 

theory. 

Gust response calculations for the uncontrolled aircraft of Fig. 5.4 are 

shown in Figs. 5.7 and 5.8, which show the variation with time of voltage output 

from sensors 1 and 4 at two different nondimensional dynamic pressures. The 

lower dynamic pressure, g= 23.6 in Fig. 5.5, corresponds to an airspeed 20% 

below the open-loop flutter speed, while the higher dynamic pressure, 7= 37.9, 

corresponds to an airspeed 25% above the open-loop flutter speed. Recall that 

the output voltages are proportional to generalized elastic displacement 

variables of the flexible wing. Below the flutter speed, the gust disturbance 

results in low amplitude vibration which is quickly damped out. However, 

above the open-loop flutter speed the catastrophic nature of the flutter event is 

obvious, as a small disturbance results in wing vibration that quickly grows over 

time.
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Simulations of the closed-loop system at the previously unstable dynamic 

pressure, 9= 37.9, are shown in Figs. 5.9 and 5.10. Both control designs use four 

actuator/sensor pairs as described in Section 5.4. Contributions from both the 

first and second flexible bending modes are present in the sensor output signals 
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in these graphs. The vibration of the second mode, which is heavily damped at 

this airspeed, dies out after the first few cycles of the response. The first bending 

mode, albeit lightly damped at this airspeed, remains stable as a result of the 

active induced-strain control laws. 

  
  

8 

    
  

vo
 

(v
ol

ts
) 

  

A =-30° 
q =37.9       Ll i L il ! 

0 0.4 0.8 1.2 1.6 2 

time (sec.) 
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The input signals to actuators 1 and 4 at the same dynamic pressure are 

shown in Figs. 5.11 and 5.12, respectively. As a result of the symmetry of the 

patch locations, the input signal to patch 2 was very similar to the input for patch 

1 and likewise input signal 3 closely resembled input signal 4 (see Fig. 5.4). 
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Fig. 5.11 - Closed-Loop Gust Response: Actuator 1 Input 
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The first important feature of the actuator signals is that the voltage limits, 

roughly + 170 volts, are well under the depoling voltage of 250 volts for this 

actuator configuration. Secondly, an interesting difference between the 

collocated feedback and IMSC designs is evident when the input signals to 

actuators 1 and 4 (or 2 and 3) are compared. The collocated output feedback 

control design tends to use each of the four actuators in roughly equal 

proportions. This behavior follows directly from the fact that the four gains 

chosen in the feedback gain matrix had generally the same magnitude (Table 

5.1). On the other hand, with the IMSC control law in place, the input to actuator 

4 is of much higher magnitude than the input to actuator 1. This behavior 

suggests that actuator placement location 4 is a more effective location for 

altering the frequency of the first flexible bending mode. We recall that the 

IMSC modal gain matrix was chosen to produce a desired change in the system 

behavior, namely, a change in the frequency of the first wing bending mode. 

The actual gain matrix calculation introduces information about actuator and 

sensor participation, through Eq. (5.12), and thus essentially “chooses” the most 

effective actuator(s) for the task. For the case at hand, actuator 1 is not needed to 

produce the required performance. 

5.6 Conclusions and Comments 

In this chapter, two simple, effective strategies have been demonstrated 

for increasing the body-freedom flutter airspeed of an aircraft with forward- 

swept wings. Aeroelastic tailoring is a passive approach in which composite 

laminate ply angles are varied to maximize the wing first bending natural 

frequency. Results indicate that fiber orientation affects not only the frequency 

separation between the first bending mode and the aircraft pitch mode, but also 
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the amount of bending-twist coupling in the wing. Both of these factors must be 

considered to derive the greatest benefit from tailoring techniques. 

Piezoelectric patches were shown to be viable alternatives to conventional 

control surfaces for active flutter control. Their light weight makes them ideal 

for use in modern aircraft designs. Two straightforward direct output feedback 

control laws were formulated based on the hypothesis that dynamic stiffening of 

the wing first bending frequency would deter the coalescence event (and thus 

flutter) to higher airspeeds. Collocated position feedback and independent 

modal space control laws were designed to increase the natural frequency of a 

model's first flexible mode by 10%. The effectiveness of these strategies was 

verified through closed-loop solutions of the flutter eigenvalue problem, where 

the CPF and IMSC control laws produced 40% and 46% increases in the 

nondimensional flutter dynamic pressure, respectively. One advantage to these 

control strategies is that the control laws are airspeed independent. 

Furthermore, since only position feedback is used, no problems with control or 

observation spillover are expected. In future work, consideration should be 

_ given to the practical implementation concerns such as the effects of signal noise 

on closed-loop performance, although piezoelectric sensors typically exhibit low | 

noise-to-signal ratios. Certainly, the simulations contained herein constitute a 

basis for experimental investigation. 

A few comments should be made with respect to gain selection. One of 

the major goals of the study was to prove that rigid-body control was not 

necessary to positively alter an aircraft's body-freedom flutter airspeed. Thus, 

no provisions were made for rigid-body actuation. Instead, control was carried 

out using a smart-structure approach, with piezoelectric sensors and actuators, 
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leaving the wing control surfaces free for use in attaining other flight 

performance goals. While the gains in this study were not chosen to satisfy any 

optimality conditions, the resulting control laws are practical, easily implemented 

and produce the desired closed-loop system performance. Furthermore, it was 

shown that the IMSC control design tends to choose effective patch locations, 

since actuator and sensor participation information is used in the calculation of 

the actual gain matrix. It should be noted that there are routines available for 

choosing output feedback gains in a mathematically optimal sense (Ref. 116). 

In Chapter 5, the benefits of using composite tailoring and active control 

for flutter suppression were demonstrated when applied separately to an 

advanced aircraft configuration. Based on the results, one can certainly envision 

that the greatest benefits may be reaped through a combination of the two 

approaches, taking full advantage of wing flexibility, active control technology 

and advanced composite materials. A multi-objective design package might 

include design variables such as wing sweep, ply orientation angles and control 

gains with objectives such as maximizing the flutter dynamic pressure of a 

minimum weight design. Furthermore, actuator number and placement as well 

as constraints on maximum closed-loop output voltages under the action of 

external disturbances and/or constraints on control gain magnitudes should be 

considered. Such a complex optimization package is beyond the scope of this 

project. However, the mathematical model developed during this research 

effort is a tool well suited for use at the predesign stage of aircraft development, 

allowing complete generality in two-dimensional composite wing geometry and 

including all the features essential for modeling various flutter mechanisms. In 

addition, the reduced-order form of the governing equations is particularly well 
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suited to optimization routines, which typically require system analysis at many 

consecutive iterations. 
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APPENDIX A - MODEL DATA 

Table A.1 - Example Wings 
  

  

  

  

  

  

  

  

  

  

    

Steel Plate G/E Wing 

Area (in) 4204.8 40320 

Taper Ratio 1 333 

Aspect Ratio 5 3 

Fuselage Weight _ 18000 

(Ib) 

Fuselage Pitch Inertia _ 5.0e7 

(Ib-in-sec*) 

Ply Layup _ [0/+45/-45/0]s 
(deg. AFT of midchord) 

Material S [GE/GE/GE/C], 

Layer 1 Thickness (in) 
Root 25 05 
Tip 25 .03 

Layer 2 Thickness (in) 
Root - .05 
Tip - .03 

Layer 3 Thickness (in) 
Root - .05 
Tip - .03 

Layer 4 Thickness (in) 

Root - 2.9 
Tip - 1.0       

Table A.2 - Material Properties 
  

  

  

  

  

  

  

  

          

Steel Graphite /Epoxy Core 

(S) (GE) (© 

E} (psi) 3.0e7 2.1e7 100 

E2 (psi) 3.0e7 1.7e6 100 

Vv12 3 017 3 

v21 3 .210 3 

G13 (psi) 1.15e7 6.5e5 30 

G23 (psi) 1.15e7 6.5e5 30 

G12 (psi) 1.15e7 6.5e5 30 

__ p (Ib-in3) .283 054 .00116   
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APPENDIX B 

PIEZOELECTRIC MATERIAL PROPERTIES 

Table B.1 - Test Wing Piezo Patch Locations* 

  

  

Patch # x, Y, X, Yy, 

1 10.0" 20.0" 15.0" 25.0" 

2 25.0" 20.0" 30.0" 25.0" 

3 10.0" 35.0" 15.0" 40.0" 

4 25.0" 35.0" 30.0" 40.0" 
  

* Refer to Figs. 2.6 & 5.4 for nomenclature 

Table B.2 - Physical Properties of PZT G1195 
Piezoceramic Patch* 

  

Patch Thickness (in.) 

t 0.05 
a 

Piezoelectric Const. (in./ Volt) 

d,, =4,, 7.51 x 10” 

Young's Modulus (psi.) _ 

E 9.1 x 10° corel 
Poisson Ratio — - C576. 

v 0.3 | 

Electrical Permittivity (Farad /in.) 

E, 381x10° =. 576 x jo. 
Depoling Field (Volt/in.) 

E vas 15.2 x 10° 
  

* Taken from Ref. 117 
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APPENDIX C 

SYMMETRY PROOF FOR BGC 

The proof is provided for the case of a single input, single output (SISO) 

system, but it can be easily extended to multi-input, multi-output (MIMO) 

systems. We begin by defining piezoelectric actuator constant , and sensor 

constant p,, as follows: 

H, =, (4;,Q,, + d3,Q,,, = £¢ (4:Q,, + dQy,, 

(C.1a,b) 
H, = a (4s, + 40,,, ~ A (41), + dQy, 

where Z, is the patch midplane height defined in Section 3.4 and the second term 

in each definition is an expression of patch isotropy. Inserting definition (C.1a) 

into Eq. (3.20) and considering the form of the actuator placement function (Eq. 

2.17), we can rewrite the actuator participation submatrices (which are column 

vectors for the SISO case) as: 

Y¥2X2 ¥2%2 

B, =u, | [4.dxdy =u,1,, B, =u, { | ¢,dxdy = u,f, (C.2a,b) 
Wx 1% 

where 9, and @,; are the vectors of trial functions. Similarly, the sensor 

participation submatrices, Eqs. (3.30), are reduced to row vectors, which can be 

rewritten in the form: 

Y2%2 Y2%X2 

C,=H,) [q.dxdy = pi7, C=, | | dxdy = uf (C.3a,b) 
W171 ¥1%) 

Now we can rewrite the actual participation matrices or their modal counterparts 

in the simplified form given by 
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B=p,i or Bay, ,C=y,1" or C=y,l'®, (C.4a,b) 

where 

0 

8 
f=(0 (C.5) 

I, 
I, 

Finally, to show symmetry, we have 

BGC = 1,10; IGI"®, (C.6) 

and 

[BGC] =C’G"B = p,u,67ici"e, (C.7) 

Thus, the matrix BGC is symmetric under the restriction that the output 

feedback gain matrix G is symmetric. For the SISO case, the gain matrix consists 

of a single scalar and this condition is automatically satisfied. As a result, output 

feedback of system displacement measurements does not destroy symmetry of 

the closed-loop stiffness matrix. Q.E.D. 
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