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CHAPTER I 

INTRODUCTION 

While rocket propulsion systems are more completely developed than 

air-breathing systems for hypersonic flight, air-breathing systems have 

specific impulse characteristics which can be used to advantage in long-

range suborbital missions as well as in the first stage of space shuttle 

flights (l)*. Several projects of the National Aeronautics and Space 

Administration have been concerned with the design and development of 

an air-breathing research engine capable of operation at Mach numbers 

from 4 to 8 (2). Another investigation by NASA deals with the first 

stage of a reusable space shuttle vehicle capable of reaching a flight 

Mach number of l2 (3). The proposed supersonic combustion ramjet engine 

for this system would have three-dimensional inlet modules attached to 

the bottom side of the fuselage. This arrangement permits the inlets 

to lie behind the vehicle shock wave utilizing the forebody to obtain 

external compression. 

In order to fully develop the engine's capabilities, it has been 

necessary to carry out research projects on hypersonic inlets. Most 

inlets to date (4) suffer from the requirements of a large amount of 

variable geometry. There must be enough contraction at hypersonic 

speeds and enough spillage for starting at low Mach numbers. Several 

*Numbers in parentheses refer to similarly numbered items in 
reference section. 

l 
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attempts have been made to overcome this problem utilizing fixed 

geometry, swept-wedge compression surfaces, and side waJ.ls open back to 

the minimum area (5-6). An investigation of the flow field of such an 

inlet is the subject of this thesis. 

Shown in figure 1 are four three-dimensionaJ. inlet modules attached 

to the undersurface of a hypersonic vehicle and lying within the flow 

field of the vehicle forebody. The inlet modules have planar surfaces, 

and the shock wave produced by the vehicle strikes the cowl lip at some 

design Mach number. Sweeping the cowl rearward and still catching the 

shock wave provides f'ull capture during hypersonic flight and permits 

flow spillage for fixed geometry starting at low Mach numbers. Another 

benefit of the swept-wedge compression surface is the sharp leading 

edge presented to the approaching flow which tends to minimize drag and 

produces a large normaJ. wedge angle, This large normal wedge angle 

provides for high heat-transfer rates, which reduce leading-edge cooling 

and co.i.struction problems. There is aJ.so the possibility of utilizing 

three-dimensional combustion characteristics (thermaJ. compression) to 

increase the aerodynamic contraction ratio for efficient hypersonic 

operation. 

The present investigation was made to experimentaJ.ly determine the 

characteristics of supersonic flow over the initiaJ. compression surfaces 

of a swept-wedge inlet. A theoreticaJ. analysis for a simplified wedge 

flow model, which produces a flow field similar to that found in the 

experimentaJ. model, is introduced, 
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The experimentaJ. model's leading edge had a sweep angle of' 55°, 

and the compression surf'ace was oriented to provide (in the vertical 

plane) 8° of' def'lection to the Mach 4.o f'low (see f'ig. 2), The cowl, 

which would have been attached to the top of' the model, was omitted. 

Tests were conducted in a 23-centimeter-square continuous-f'low tunnel 

test section. The stagnation temperature was 300° Kand the stagnation 

pressure was 13.6 atmospheres, giving a Reynolds number of' 6.6 X 107 

per meter. Static pressures, pitot pressures, schlieren photographs, 

and oil streaks were obtained to determine the model's perf'ormance. 

In the theoretical analysis, the working f'luid was assumed to be 

a perf'ect gas having specif'ic heat ratio of' l.4. The f'ree-stream f'low 

was broken into components and two-dimensional techniques were used to 

predict f'low direction, Mach number, and shock wave structure. An 

appendix is included which contains a parametric study of' swept-wedge 

compression surf'aces and determines the limit~tions of' the theoretical 

analys1s. 



CHAPTER II 

EXPERIMENTAL MODEL .AND FACILITY 

The experiment was conducted at the Langley Research Center of the 

NationaJ. Aeronautics and Space Administration located in Hampton, 

Virginia. 

Test Apparatus and Model 

A sketch of the swept-wedge model mowited in a square channel is 

shown in figure 3. Machine screws fastened the sides to the compres-

sion surface of the machined aluminum model. Thin films of room-

temperature vulcanizing rubber were used as gaskets to prevent flow 

leakage between the sections. Two 1.27-centimeter-square steel rails 

were bolted to the model under side and they, in turn, were bolted to 

a flat plate spanning the square channel. This arrangement placed the 

model's 55° swept leading edges above the plate boundary layer and 

allowed the compression surface to present a true 8° ridge angle to 

the free stream. Sides or plows were provided to fill the region left 

by the flow turned inward by the swept leading edges. 

A 39,0-centimeter-diameter duct continuously supplied the 

23,0-centimeter-square test section through a two-dimensional nozzle. 

The test section exhausted through a throat and subsonic diffuser to 

the atmosphere. The average Mach number in front of the leading edges 

was 4.03, as obtained from previous caJ.ibration with the flat plate 

(7), and_the stagnation pressure was 13.6 atmospheres, yielding a free-

stream static pressure of 0.87 newton/centimeter2, A test section 

4 
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Reynolds number of approximately 6.6 X 107 per meter was calculated 

from these conditions and the ambient stagnation temperature (8). 

Channel mass flow was 15.5 kilograms/second. 

Instrumentation 

Tunnel stagnation pressure was measured by a U.S. 0-172 newton/ 

centimeter2 absolute gauge. The stagnation probe was located just 

upstream of the nozzle throat in the 39.0-centimeter-diameter duct. 

Figure 4 shows the location of the 30 static pressure taps on the 

compression surface, which is presented in the figure parallel to the 

plane of the paper. Therefore, both sections of the compression sur-

face are shown in a normal projection. Each pressure tap had a 

0.152-centimeter OD, 0.102-centirneter m, continuous monel tube 

cemented in plastic and finished flush with the compression surface. 

Static pressures were recorded on strip charts with automatic balance 

potentiometers attached to 6.9 newton/centimeter2 differential pressure 

transducers. The three pressure transducers were connected to 12-port 

Scanivalves which provided for a maximum of 36 pressure readings. A 

reference pressure of -8.3 newtons/centirneter2 gauge was applied to 

the back sides of the transducers with a vacuum pump to enable the 

gauges to read less than -6.9 newtons/centirneter2 gauge. This pressure 

was controlled by a manostat and monitored with a mercury column. 

Pitot probe survey stations over the compression surface are also 

shown in figure 4. Each station is identified by s, the distance 

from the fork formed by the intersection of the leading edges and the 

probe tips, measured down the center of the compression surface. The 
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pitot probe was a tube aJ.igned approximately paraJ.lel to the flow, with 

the open end facing upstream (9). Therefore, the measured pitot pres-

sure was the stagnation pressure behind the normaJ. shock wave lying 

ahead of the probe. 

Pitot probes of different lengths (see fig. 5) surveyed the flow 

field via two test section access locations. Surveys were made vertic-

aJ.ly by translating the probe shaft and lateraJ.ly by yawing the probes. 

The probes were positioned with an electricaJ.ly driven actuator and 

. 80 located with a potentiometer system. The probes were angled down at 

to be more nearly parallel with the flow coming up the compression 

surface. 

Probe number 3 tip was made smaJ.ler than probe number 2 tip to 

more precisely locate the shock waves, aJ.though a time lag was antici-

pated with the smaJ.ler tip. Pitot probe tip number 4 was flattened to 

record the pressure gradient close to the ctmipression surface. The 

pitot pressure was aJ.so recorded on a strip chart utilizing a 

17.2 newton/centimeter2 differentiaJ. pressure transducer and an auto-

matic baJ.a.nce potentiometer. 

Flow Visualization Techni~ues 

Schlieren photographs were taken to locate the position of any 

shock waves above the model sides. A single-pass schlieren system 

consisting of a mercury vapor lamp, two parabolic mirrors, and a 

silvered horizontal knife edge permitted density variations in the 

test section to be photographed. 
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Oil-streak tests to determine the surface flow direction were con-

ducted by placing smaJ.l drops of blackened oil on the model surface. 

The droplets were placed in row patterns back from the leading edges. 

supersonic flow was established in the test section as quickly as 

possible (approximately 6 seconds) and operation was sustained for 10 

to 20 seconds. The model was then removed from the tunnel and 

photographed. 

Data Reduction and Accuracy 

The raw static and pi tot pressure data. were reduced and non-

dimensionaJ.ized by the free-stream static pressure. Static pressures 

were plotted as functions of distance aJ.ong and across the compression 

surface to determine the effect of distance from the leading edges. 

Distances measured on the surfaces were nondimensionaJ.ized with either 

the model's partial length, L, or the distance of the pitot probe from 

the fork, s. Although the model was symmetrical, static pressure taps 

were located on both sides to determine flow misaJ.ignment. A totaJ. of 

16 vertical and 3 horizontal pitot pressure surveys were made with the 

4 pitot probes to determine the shock wave structure and to compare the 

experimental data with the analysis. 

The pitot probes were yawed up to 10° without significant loss in 

the accuracy of the pressure measurements (10). At higher yaw angles, 

the pitot pressure would begin to decrease, but it was still possible 

to estimate the location of the shock waves if the amount of probe 

deflection could be determined. In one case the value of the pitot 
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pressure for probe number 2 was extended to the surface static pressure, 

and the probe tip vertical deflection was found to be less than approxi-

mately two probe tip diameters. With the same wind loading assumed for 

the smaller probe tip number 3, the probe was unable to more accurately 

locate shock waves. Because of the length of probe number 4, deflec-

tions were difficult to estimate and, consequently, data are presented 

only for the case of zero yaw. It was calculated that for maximum yaw 

the value of s increased two probe tip diameters for probe number l 

and three probe tip diameters for probe numbers 2 and 3. 



CHAPI'ER III 

THEORETICAL MODEL 

To understand the model design and the flow field on the compres-

sion surface., it was necessary to study the mechanism which produces 

the shock wave generated by the swept leading edges. The problem can 

be approximated by a wedge with a swept leading edge when only half of 

the model is considered. This swept-wedge analysis indicated the need 

for the plows (sidewalls) to fill the region left by the cross-flow 

and suggested a region of complex flow near the center of the model. 

Before the results were obtained, a method was developed which calcu-

lated the flow across an oblique shock wave. 

Shock Wave Calculation 

A closed-form solution of the cubic equation of reference 8, deal-

ing with oblique shock waves, is available in reference 11. However, 

the familiar oblique shock wave equations of references 12 and 13, but 

requiring an iterative solution., were used in this analysis as this 

method was more convenient. 

A computer program for the CDC 6000 computer at the Langley 

Research Center was written to compute the flow properties behind the 

shock wave of a swept wedge. To obtain the governing equations, the 

continuity., momentum., and energy equations were combined with a state 

equation to give two independent equations for the static pressure rise 

across a shock wave. The aforementioned equations are: 

9 
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continuity (l) 

momentum (2) 

energy (3) 

state - p = pRT (4) 

The continuity, momentum, and state equations are combined t8 give 

the first equation 

(5) 

where y is the specific heat ratio, M1 is the upstream Mach number, 

P1/P2 is the density ratio across the shock wave, and E is the 

oblique shock angle. The second equation, obtained by combining the 

continuity, momentum, and energy equations to give one of the Rankine-

Hugoniot relations, becomes 

r + 1 P2 
P2 - l Pi 

l 
-- 7 (6) 
P1 r + 1 P2 - -r - l pl 

The finaJ. equation needed is one which relates the density ratio, 

P2/P1 , back to the shock angle, E, and the flow turning angle, o. 

From the diagram of an oblique shock wave 
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the normaJ. velocity component, un1, crosses a normAJ.. shock wave, while 

the ta.ngentiaJ. component remains unchanged (ut1 = ut2 ). Therefore, 

f'rom trigonometry, 

tan E 

and 

tan ( E - 0) (8) 

or 

'Un2 = tan ( E - O ) 
¾1 tan E 

(9) 

Then, from continuity, 

(10) 
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or 

------- (11) 

With equatluu (11) subs ti Lutt::d ln equ.aLluns (::>) and ( 6), the re:m.a.:i.ning 

quantities for a given amount of flow turning, o, are shock angle, €, 

and static pressure ratio, p2/p1 • 

The programed iterative process consisted of selecting a trial 

value of E, calculating the static pressure ratio with both equa-

tions (5) and (6), and comparing the two values. A new trial value of 

€ was then selected by linear interpolation and the process was 

repeated. When the computed difference in the two values of static 

pressure ratio was within 0.001 percent, the solution was considered 

satisfactory. Once the pressure ratio and shock angle were found, the 

Mach number behind the shock, ~, and the static temperature ratio, 

T2/T1 , were determined from the following equations (8). 

M = 2 

T2 = [21~2 sin2E - (7 -1LJ[(1 -1)~2 sin2E + 2] 

T1 (7 + 1)~2 sin2E 

(12) 

(13) 
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Swept-Wedge Compression Surface 

Referring to figure 6, the geometry of the compression surface is 

specified by the sweep angle, a,, and the ridge angle, 13. The com-

pression surface is, therefore, the triangular surface BEO, with OE 

being the horizontaJ. leading edge. 

While Mach number is not a vector, it is assumed that the Mach 

number can be broken into two components. The free-stream Mach number, 

M:i_, is paraJ.lel to the x-axis, and the Mach number component normaJ. to 

the leading edge, Mrfl, becomes equaJ. to M1 cos a,. 

For the caJ.culations a free-stream Mach number "vector" was assumed 

to intersect the leading edge at point G such that line CG would be 

perpendicular to the leading edge, OE. A plane was passed through 

point G perpendicular to the leading edge containing CG and the 

normaJ. turning angle, oN. 

The oblique shock wave procedure discussed in the previous section 

was used to appzy oN to MN1, and the flow properties behind the 

shock wave were caJ.culated. The tangentiaJ. Mach number, MT, was less 
2 

than MTl by the square root of the static temperature ratio, JT2/Tl. 

Also caJ.culated was the norrnaJ. shock angle, 1 JGC. From the normaJ. and 

tangentiaJ. Mach number components behind the shock wave, Mrf2 and ~ 2, 

the resultant Mach number, ~, was determined. 

Line or represents the resultant Mach number translated over the 

wedge surface to point o, and the region which must be filled by the 

plow becomes JrOB. By projecting or down to the x:y plane, the amount 
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of' cross-f'low, A, was caJ.culated and the normaJ. shock angle, JGC, 

was transferred to the xz plane to produce the ridge shock angle, ro. 

The various angles and line segments needed for the solution were 

det~rmined from trigonometry, utilizing the laws of cosines and sines. 

This was to keep the solution general and to insure that problems with 

the leading edge other than horizontal could be solved. 

Computed results for a swept wedge.- The computed solution for a 

swept wedge representing the experimental model (a= 55°, = 8°) in 

a Mach 4.03 flow field is presented in figure 7. These computations 

are compared to the experimentaJ_ model in Chapter rJ. The solution 

for an unswept 8° wedge (14) is aJ.so given in figure 7 and serves to 

illustrate that sweeping the leading edge by 55° did not have a great 

effect on compression(~ changed from 3.45 to 3.42). Of greatest 

significance was the 4.6° of cross-flow and the increase in the shock 

wave angle from 20.34° to 24.20°. 

Parametrics.- Although the geometry of the experimentaJ. model was 

fixed, the appendix presents a study of the parameters which describes 

a swept wedge. The sweep angle and ridge angle are discussed in regard 

to their inf'luence on Mach number, static pressure, cross-f'low, and 

shock wave structure. DihedraJ., which permits the leading edge to be 

lifted out of the xy plane, is also introduced. Limitations to the 

analysis are discussed and, because the amount of sweep is restricted 

by the analytical computation, the maximum sweep angle is given in the 

appendix for several swept-wedge configurations. 
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Center Region Calculation 

Figure 8 illustrates how the shock wave structure might appear if 

the shock waves from each side of the compression surface intersected 

and remained planar as they extended on to the surface. The numbers in 

circles indicate the three different flow regions or beys as viewed in 

the x:y plane, while the numbers in squares indicate the three regions 

as viewed in the yz plane. This nomenclature is given to help identify 

the three flow regions regardless of whether the flow on the compression 

surface or the shock wave structure is being considered. 

Because each side of the compression surface turned the flow 

toward the model's plane of symmetry, a complex flow region was expected, 

beginning at the model's fork. The direction-of-flow arrows show the 

flow turned back parallel to the plane of symmetry in the center region 

(region 3), and this is the assumption made to locate the intersection 

of the shock waves with the compression surface. Therefore, M:2 is 

subjected to this compression to obtain center region properties and 

the shock wave angle measured on the compression surface, E • 
C 

Computed results for the center region.- The cross-flow angle 

(A= 4.6°) is not the exact amount of turning required to bring the 

flow back parallel to the plane of symmetry because A is measured in 

the x:y plane. However, the correction to the flow on the compression 

surface, which is slanting toward the center, is small and has been 

ignored. 

The computed results presented here are compared to the experimen-

tal model in Chapter IV. For = 3.42 and A= 4.6°, the static 
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pressure ratio, The ratio of pitot 

pressure in region 3 to static pressure in region 2, Pp3/p2, is 29.2. 

These conditions can be transferred back to the free stream to become 

P3/pl = 3.24 and Pp3/pl = 43. 0. 

It is reaJ.ized that the flow in the center region is more complex 

than pictured here, but these results should at least serve to approxi-

mately describe this region. Two questions arise which are not answered 

by this anaJ.ysis of the center region but are discussed in Chapter rv. 
First, since the two shock waves produced by the leading edges are not 

strictly of opposite families, would they join in a different manner 

over the compression surface? And second, what happens to the shock 

wave after it strikes the compression surface? 



CHAPTER IT 

RESULTS AND DISCUSSION 

The experimentaJ.. model represents the initial compression surfaces, 

excluding the vehicle forebody and inlet cowl of a hypersonic inlet. 

Therefore, the effect of the swept leading edges on static pressure and 

shock structure are important, as is the requirement of identifying arr:f" 

regions of flow which could contribute to undesirable pressure losses. 

Static Pressure Distribution on Compression Surface 

The static pressure distribution on the compression surface is 

presented in figure 9, where L is the length of the model from the 

fork to the trailing edge and W is the compression surface half-width 

(see fig. 4). The static pressure profiles in they-direction are 

shown in figure 9(a) for three s/L stations. The line indicating 

where the plow intersects the compression surface is shown to give 

perspective to the nondimensionalized y/W scaJ..e. 

Apart from the center region, the pressure is constant across the 

compression surface and slightly higher than the theoretical caJ..cula-

tion discussed in Chapter III. This could be caused by non-uniformities 

in the test section flow field or the difficulty encountered with 

accurately measuring low static pressures of 1.0 newton/centimeter. 

The static pressure taps used to check on symmetry indicated aJ.lllost no 

model misalignment and their data are not shown. The most probable 

reason for the h~gher static pressure was the fact that the calculated 

17 
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value had not been corrected for a boundary layer on the compression 

surface. Such a connection would make the compression surface appear 

steeper to the approaching flow and result in more compression. For 

example, the solid line on figure 9(a) represents the calculated static 

pressure for a wedge ridge angle, ~, equal to 9° instead of 8°. 

The calculated static pressure for the center region, discussed 

in Chapter III, was generated with a wedge ridge angle, ~, equal to 

8° which produces 4.6° of cross-flow. The experimental data show the 

static pressure rise in the center region influencing a greater part 

of the compression surface as s/1 is increased. This is possibly due 

to the thickening of the compression surface boundary layer, spreading 

out the effect of the intersecting shock wave. The location of the 

center region boundary on the compression surface is discussed in the 

section entitled "Visual and Flow Analysis." The calculated boundary 

of the center region on the compression surface tends to underpredict 

the influence of the center region as s/1 is increased. This 

boundary would be moved outward slightly if a larger ~, which generates 

an increase in cross-flow, were assumed. 

Figure 9(.b) shows the static pressure distribution on the com-

pression surface both down the model centerline (y/W = 0) and 

y/W = 0.57. For the stations of s/1 at or a.head of the fork, the 

static pressure is near the calculated value. The increase in static 

pressure farther back from the leading edge indicates a small amount 

of compression has occurred along the surface of the swept wedge. 
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The dashed lines are the calculated static pressures in region 2 

and in the center region, assuming 4.6° of cross-flow. 

At the s/L equal to o.8, the value of p/p1 has decreased, 

indicating the possible presence of an expansion region feeding 

upstream through the subsonic boundary leyer from the model's trailing 

edge. 

Shock Wave Structure 

Pitot pressure profiles.- Pitot probe surveys are shown in 

figures 10 and 11 and their results are shown by the contour map of 

figure 12. The distance from the model fork to the probe tip, s, is 

measured down the center of the compression surface. The probe was 

moved vertically, first in the model center plane (fig. lO(a)) and 

then at stations awey from the model center plane until y/s equaled 

to.191 (fig. lO(f)). Values of ±y/s are shown to verify shock wave 

symmetry about the model's plane of symmetry. Surveys for the differ-

ent probe stations coincided when nondimensionalized with the probe 

tip distance from the fork, s, indicating the presence of a conical-

like flow field in the center region. 

Total pressure will decrease behind an oblique shock, but the 

total pressure loss of the normal shock in front of the probe a.head of 

the oblique shock is greater than for the combined total pressure loss 

of the oblique shock and the normal probe shock behind the oblique 

shock. This characteristic is due to the lower Mach number which 

exists behind the oblique shock wave. Therefore, the pitot pressure 

will increase when the probe moves behind an oblique shock wave. The 
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parameter Pp/pl is the locaJ. pitot pressure divided by the free-

stream static pressure. 

Pitot pressure is presented instead of totaJ. pressure because of 

the non-uniform flow field found in the center region. Small changes 

in static pressure have a great influence on totaJ. pressure caJ.culations, , 

and no static pressure data were taken above the compression surface. 

Therefore, instead of adjusting the pitot pressure by a caJ.culated 

static pressure, the experimenta.J., pitot pressure data is presented and 

compared to the pitot pressure obtained from the theoreticaJ. 

caJ.culations. 

The vaJ.ue of Pp/p1 eg_uaJ. to 21.4 corresponds to a free-stream 

Mach number of 4.03. The caJ.culated value of Pp/P1 in region 2 is 

34.2, but region 2 was not seen by the pitot probe until y/s was 

greater than ~0.o68 (see figs. l0(c) - l0(f)). The average Mach number 

in region 2 was found from the average experimentaJ. vaJ.ues of Pp2 

p2 to be 3.30, which is 4 percent less than the caJ.culated vaJ.ue. 

and 

This increased compression was consistent with the boundary-layer growth 

on the compression surface. 

In the center region, or region 3, the experimentaJ. Pp/pl was 

approximately eg_uaJ. to the caJ.culated vaJ.ue of 40.3, but the non-

uniformity of the flow field is evident from the varying pitot pressure. 

NormaJ.ly there was a decrease in pitot pressure as the pitot probe 

moved closer to the model in the center region when y/s was eg_uaJ. to 

or greater than ~o.o68. One exception was in the survey closest to the 

model's fork (s = 4.45 centimeters) for y/s = +0.137 (see fig. l0(e)). 
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Three yaw surveys of the pitot probe presented in figure 11 were 

made above the intersection of the shock waves from the leading edge. 

The value of Pp/p1 = 21,4 near y/s = 0 is for the free stream and 

Pp/p1 = 34.2 is for region 2 where the pitot probe moved behind the 

leading-edge shock waves. There was no appr~ciable drop in pressure 

as ty/s increased in either region 1 or region 2, indicating no 

noticeable error from probe misalignment due to increased yaw. 

Lateral pitot surveys with approximately the same value of z/s 

coincided even though the value of s changed. This would be expected 

if the shocks from the leading edges were planar. An average calcu-

lated curve is shown for z/s between 0.398 and o.405, as the difference 

is small, There is a greater distance between the leading-edge shock 

waves for z/s = o.462, but all three yaw surveys indicate the leading-

edge shock waves are closer together at their respective stations than 

the calculated results predict. 

The small symbols with dots in figure 12 locate the shock waves 

as determined from the vertical pitot probe surveys seen in figure 10. 

Vertical instead of lateraJ. surveys were used as the probe was more 

perpendicular to the shock waves and could more easily distinguish the 

different regions. 

While figures 10 and 11 show the experimental pitot pressure for 

the three regions to be near the calculated value, figure 12 indicates 

why the locations of the regions were not correctly predicted, First, 

the leading-edge shock waves were located above the calculated position 

for /3 = 8°. The shock structure f'or f3 = 9°, which provided a boundary 
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la:yer displacement thickness correction, was nearer the experimental 

results, Second, the shock waves from the leading edge did not inter-

sect along a line in the xz plane but instead were joined by a shock 

wave perpendicular to the xz plane. 

The joined shock wave made the shock structure appear much like 

that of the corner-flow problem, In fact, pitot pressure contours in 

the entire center region were similar to that of the corner-flow problem 

discussed experimentally in reference l5 and analytically in refer-

ence l6, For the experimental model, the corner angle would be highly 

obtu~e (l57°) and the leading edges swept forward from the corner (fork). 

The angle the joined shock wave made with the free-stream flow was 

found to be 26.6° measured in the xz plane, which is the angle of a two-

dimensional shock wave contributing 14,7° of turning to a Mach 4,03 flow, 

This flow turning yields Pp3/p1 equal to 43.1 and is approximately the 

computed value for the center region. Therefore, by reversing the 

process, it would have been possible to approximately locate the joined 

shock wave with the calculated pitot pressure in the center region. 

This does neglect the boundary-layer considerations previously discussed. 

Visual and Flow Analysis.- The photograph in figure 13 was taken 

immediately after the oil-streak test was made. Initial movements, 

about one-third the length of most streaks, would have occurred before 

the test section obtained supersonic flow and should be ignored, Out-

side the center region, the streaks show the flow parallel to the lines 

of intersection between the compression surface and the plows. The 

leading edges of the plows were designed to follow the shock waves 
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produced by the compression surface and, as expected, there was no 

evidence of any shock wave on the plows. This indicates the waves fell 

very near the plow leading edges as designed or somewhere above the 

model. 

The edge of the center region is visible in the oil-streak 

photograph and indicates the flow had been turned back parallel to the 

model's plane of symmetry. In fact, it appears that the flow was 

turned more than just parallel and produced a spreading effect. This 

is believed to be caused by the oil following the direction of the sub-

sonic sublayer of the boundary layer instead of the inviscid flow field. 

This boundary layer would have the tendency to flow away from the high-

pressure center region. 

From the oil-streak data, the boundaries of the center region on 

each side of the compression surface were found to form angles of 

between 15° and 17° with the model plane at symmetry. These positions 

are represented by the diamonds in figure 12 and compare to the calcu-

lated value of Ec 0 equal to 15.7. 

Beyond the maximum yaw position of the pitot probes (y/s = ±0.091), 

the shock wave structure is shown in figure 12 to be extrapolated to 

the compression surface at the points determined from the oil-streak 

data. The shock waves were assumed to be perpendicular to the surface 

as there was no evidence from the static pressure, pitot pressure, or 

oil~streak data that the shock wave reflected from the surface back 

toward region 3. This was consistent with reference 17 which deals 

with a limiting case for corner flow. If the shock wave reflected into 
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region 2, it would violate the restriction that disturbances in super-

sonic flows cannot lie ahead of the Mach angle, 

Because the calculated boundary of the center region was represented 

by a planar shock wave extending from the shock wave intersection point 

to the compression surface, it greatly underpredicted the area of 

influence of the center region. The compression surface boundary to the 

area of influence of the center region felt by static pressure is marked 

by the square symbol in figure 12, This point was determined from an 

interpolation of the three axial stations of figure 9(a), and fell out-

side both the calculated boundary and the boundary indicated by the 

oil-streak data. 

Figure 14(a) is a no-flow schlieren photograph and is presented to 

help identify the distinguishing features found in figure 14(b) where 

M1 = 4.03. The region along the top of the photograph is the test 

section boundary layer which has grown considerably over the distance 

from the nozzle throat. The one oblique shock wave is from the leading 

edge of the flat plate which spans the test section. Substantiating 

the plow design is the fact that there are no other visible shock waves 

which could have originated within the model. 

All the data verified the conical-like flow field within the 

center region, as it was possible to obtain a correlation by using the 

nondimensiona.lized distance from the fork, s. However, the lines of 

intersection of the two plows with the compression surface approach 

the plane of symmetry as s is increased. Therefore, in keeping with 

the scale of the model, figure 12 was constructed for s equal to 1/21. 
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At this station, the experimental center region represents 4 percent of 

the model frontal area and is a region of highly disturbed flow which 

could prove undesirable if not unacceptable in the throat of a hyper-

sonic inlet. 



CHAPTER V 

CONCLUDING REMARKS 

The flow field of a swept-wedge model, representing the initiai 

compression surface of a hypersonic inlet, was investigated and compared 

with theory. The leading edges of the two wedges of the experimentai 

model were swept back toward each other, which turned the flow toward 

the model's plane of symmetry. A uniform flow field was found except 

in the model's center region. 

In the center region there existed a flow and shock wave structure 

similar to the corner-flow problem with the corner angle equaJ_ to 157°. 

The shock waves generated by the leading edges were joined together by 

a shock wave perpendicular to the model's plane of symmetry. The shock 

waves were then bent around the center region to become perpendicular 

to the compression surface. The center region represented approximately 

4 percent of the model's frontai area when measured at a station haJ_f 

way down the center of the compression surface from the leading edge. 

This region of conical-like three-dimensional flow would be a large 

percentage of the flow in the throat of a hypersonic inlet and should 

be a design consideration. 

By breaking the free-stream flow into velocity components normai 

and tangentiai to the leading edges, a two-dimensional anaiysis was 

used to determine shock wave structure and flow properties. The 

anaiysis was improved when plows were used on the ex:perimentai model 

to fill the region left by the cross-flow generated by the swept 
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compression surfaces. By turning the cross-flow paraJ.lel to the model's 

plane of symmetry, the location of the shock wave intersections on the 

compression surfaces was determined. However, this assumption under-

predicted the size of the center region as it does not consider the 

forming of a third wave between the leading-edge shock waves. Also, 

there was no provision for the three-dimensional flow which existed in 

the center region. 

The calculated and experimental values of pitot pressure and shock 

wave structure outside the center region were in good agreement. There 

was some underprediction of the static pressure and the angle the 

leading-edge shock wave made with the compression surface. This was 

attributed to compression from boundary-layer growth on the model's 

surface. The experimental value of Mach number behind the leading-edge 

shock waves was approximately 4 percent less than the calculated value 

of 3.42. 
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APPENDIX 

PARAMETRIC STUDY OF SWEPI' WEDGES 

Although the experimental model was restrictAd to one sweep angle 

and one ridge angle, the theoretical analysis was used to make a para-

metric study on swept wedges. This study also found some restrictions 

which must be imposed on the analysis which utilized two-dimensional 

techniq_ues. 

Figure 15(a) shows a wedge of the same class as the experimental 

model with the leading edge lying in the x:y plane. The wedge has been 

made into a compression ramp on each side of the xz plane in fig-

ure 15(b). A plow has been added to fill the void left by the flow 

turned awa:y from the xz plane. Figure J.6 is another swept wedge, 

characterized by the compression surface having its dihedral line, and 

hence the compression surface, perpendicular to the xz plane. There-

fore, the leading edge is lifted out of the x:y plane. Carrying this 

process another step, the configuration of figure 17 can be developed. 

This configuration, known as the caret wing, was developed from tracing 

streamlines in a two-dimensional flow field. No plow is req_uired 

because the flow is not turned awa:y from the xz plane, and the amount 

of flow turning is eq_uivalent to the wedge ridge angle. 

Reference l8 uses an analysis similar to the one presented here 

for the horizontal leading-edge wedge, but no parametric results are 

given. Reference 19 includes real gas effects for different values 

of y but presents a coordinate system making it difficult to refer 
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the downstream flow direction back to the free stream. In addition, 

the results are presented in terms of the dihedral angle, which changes 

with sweep angle for the horizontal leading-edge compression surface. 

Dihedral parameter.- In this analysis a dihedral parameter, t, 
was used to represent the wedge dihedral instead of the dihedral angle, 

¢. The dihedral parameter is identified in figure 18 to be DE/AJJ and 

is compared to the dihedral angle in figure 19. Control of t was 

easier since the value is zero for the horizontal leading-edge compres-

sion surface, Also, regardless of the sweep angle or the ridge angle, 

the horizontal compression-surface configuration(¢= 0.0) always has 

a t value of 1.0. Both parameters will change for any other leading-

edge position including the streamline-traced surface. While the 

dihedral angle can be either positive or negative as shown in the 

sketch of figure 19, the vaiue of t can vary from zero for the 

horizontal leading edge to tan E/tan 5 for the streamline-traced 

configuration. When the leading edge does not lie in the xy plane, 

line segment JC (seen in figs. 6 and 18) does not coincide with BC, 

and the normal turning angle becomes -1 HGC with the plane JGC still 

required to be perpendicular to the leading edge at point G. 

Normal turning angle and Mach number.- For the shock wave to be 

planar and attached to the leading edge, the Mach number component 

normal to the leading edge must negotiate the normal turning angle, BN. 

Therefore, BN' which is a function of wedge geometry but not Mach 

number, has been plotted against sweep angle and dihedral for various 

ridge angles in figure 20. As expected, the angle becomes quite large 
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at high sweep angles and increased vaJ_ues of ridge angle. However, oN 

is not a strong :function of dihedraJ_ regardless of the ridge angle 

except for very large sweep angles. In this and subsequent figures, 

the circular symbol represents the experimentaJ_ model. As can be seen, 

a 2° change in ridge angle of the experimental model has a greater 

influence on the normaJ_ turning angle than a 5° change in sweep angle., 

while the dihedraJ_ has almost no influence. The vaJ_ue of 'V which 

produces a maximum vaJ_ue for oN is O. 5. For large vaJ.ues of sweep 

angle, the vaJ_ue of °N is large but faJ.ls off rapidly as the vaJ_ue 

of 1jr for the streamline-traced configuration is approached. The 

smaJ.l crosses indicate the streamline-traced configuration for 

Figure 2l presents the normaJ. Mach number component as a :function 

of sweep angle and dihedraJ.. The normal Mach number is independent 

of the ridge angle for the horizontaJ_ leading edge but is a :function 

of the sweep angle and the free-stream Mach number. The vaJ_ue of MNl 

is equaJ_ to unity when the sweep angle is equal to the Mach angle 

(sin-1 J1), For Mach 4, with 50°, 55°, and 60° sweep angles, fig-

ure 2l(b) illustrates that M.N-1 is insensitive to dihedraJ_ and ridge 

angle. 

Maximum sweep angle.- Both an increasing oN and a decreasing 

MNl contribute to a shock which is detached from the leading edge. 

Increasing sweep angle drives both parameters toward a detached situa-

tion, which two-dimensionaJ. techniques can no longer solve because of 

the three-dimensionaJ. flow between the wedge and the bent shock wave. 
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The maximum shock wave angle, ¾J.ruo which the f'low can produce 

at any Mach number can be determined f'rom the f'ollowing equation (20): 

This equation was incorporated in the swept-wedge computer program, and 

an iterative process was used to determine the maximum sweep angle f'or 

a given ridge angle and Mach number resulting in f'igure 22(a). 

The curve with zero ridge angle is a limiting condition f'or a 

wedge with zero thickness. Because the normal Mach number component 

does not change when crossing the leading edge of' a zero thickness 

wedge, the limit occurs when ~l is equal to unity. The maximum 

sweep angle would then be equal to the complement of' the f'ree-stream 

Mach angle. The maximum sweep angle increases rapidly with Mach number 

initially but quickly levels of'f' as the f'low becomes hypersonic. For 

M1 equal to inf'inity, the maximum turning a perfect gas can negotiate 

is 45.6° (8) resulting in a maximum sweep angle of 83° for a ridge 
0 

angle of 8. Figure 22(b) illustrates the variation in maximum sweep 

angle with increasing dihedral. 
• 0 Theoretically, the sweep angle should extend 90 f'or the 

streamline-traced wedge. However, above °'max equal to approximately 
0 80, the value of generated by the computer program begins to 

drift awa;y from the correct value. This region of uncertainty is shown 

by the dashed lines in figure 22(b). There is no explanation for the 

crossing of the lines at t equal to 2.0. 



Downstream shock wave properties.- The remaining figures in the 

parametric study (figs. 23 - 26) concern themselves with flow properties 

behind the shock wave produced by the swept leading edge. The proper~ 

ties have bccr.L n011dimensionaJ.ized by the properties of a two-dimensional 

wedge to demonstrate the effects of the swept wedge above that of a 

wedge with zero sweep angle. Two-dimensional wedge properties can be 

found in reference 14. 

Figure 23 indicates the swept-wedge effect on the downstream Mach 

number. Because of the expanded ordinate, the change in M2/1½,~=0 
appears large with change in sweep angle. Actually, changing the ridge 

angle would have a much greater effect on 1½ than sweep angle. This 

fact is not apparent on figure 23(a) because M-/M- is different ·c ·c,~=O 

for each ridge angle. As sweep angle is increased, the amount of com-

pression increases, resulting in a decrease in for the horizontal 

leading-edge wedge at M1 = 4.o. This is not always true, however, 

because at 55° sweep and 8° ridge angle, M2 becomes greater than the 

zero sweep value for Mach numbers greater than 6 (see fig. 23(b)). 

When the dihedral is varied, the greatest amount of compression occurs 

for the horizontal compression-surface wedge where the flow is turned 

by the full amount of the ridge angle plus the cross-flow angle. The 

amount of compression for the streamline-traced wedge becomes the same 

as for the zero sweep horizontal leading-edge configuration, where the 

amount of flow turning is eg_ual to the ridge angle. 

Figure 24 is presented because of the importance of being able to 

locate the shock wave. The angle the shock wave makes with the xy plane 
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measured in the xz plane is ill• This angle along with the leading edge 

determines the location of the attached shock wave. While ill climbs 

radically with increasing sweep angle (see fig. 24(a)), the same 

geomeLry pruduces less of an effect at high Mach numbers, as shown in 

figure 24(b). The shock wave angle decreases to the two-dimensional 

value for the streamline-traced wedge (see fig. 24(c)). 

The cross-flow angle (A in fig. 18) is dependent upon sweep angle, 

ridge angle, dihedral, and Mach number. The amount of cross-flow is a 

strong function of the nearness to the maximum sweep angle where the 

cross-flow becomes large. Therefore, higher sweep and lower Mach 

numbers increase cross-flow (see figs. 25(a) and 25(b)). Increasing 

the dihedral will reduce the cross-now angle (see fig. 25(c)) and the 

streamline-traced surface produces no cross-flow. This property served 

as a check on the anaJ.ytical solution because the computer solution 

followed the same procedure for all cases. 

The static pressure rise across the shock wave illustrated in 

figure 26 indicates the amount of compression obtained by utilizing 

swept wedges. This figure, along with the result of figure 23, can be 

used to illustrate that any increased compression, brought about by the 

swept wedge, accompanies a corresponding decrease in Mach number. This 

results in a decrea8~ in total pressure recovery. Therefore, no 

measurable compression benefits are obtained through the use of a 

swept compression surface with regard to total pressure recovery. 

Hence, it must be concluded that the greatest benefits of swept-wedge 

compression surfaces would come from inlet structural and self-starting 

considerations and not from benefits in increased total pressure recovery. 
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Figure 13.- Oil-streak photograph. 
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Figure 14.- Schlieren photograph. 
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AN EXPERIMEN"TAL INVESTIGATION OF THE FOREBODY OF A 

HYPERSONIC INLET MODEL AND A COMPARISON WITH THEORY 

By 

Carl Arthur Trexler 

ABSTRACT 

An experimental investigation of the flow field of a hypersonic 

inlet forebody model has been conducted in a Mach 4 airstrea.m. Test 

section Reynolds number was approximately 6.6 X 107 per meter at a 

stagnation pressure of 13.6 atmospheres. The model consisted of two 

8° wedges in the same plane and sloping toward each other, whose leading 

edges made angles of 55° to the approaching flow. The side walls were 

designed to follow the flow streamlines on the wedge surfaces and the 

shock waves from the wedge leading edges. The data was obtained from 

surface static pressure taps, pitot probe surveys, oil-streak tests, 

and schlieren photographs. 

The results of the investigation indicate that the leading-edge 

shock waves join in a manner producing a region of three-dimensional, 

conical-like flow near the model's plane of symmetry. The flow and 

shock wave structure in this region were similar to the corner flow 

situation and the region size was underpredicted by the theoretical 

analysis. In the analysis the free-stream flow was broken into velocity 

components normal and tangential to the leading edge and utilized two-

dimensional methods. It was possible to predict the flow properties 

and shock wave structure with confidence outside the center region, 



although the experimental Mach number was approximately 4 percent less 

than the calculated value due to viscous effects on the model surface. 

An appendix is included which uses the analysis to make a parametric 

study of several swept wedge configurations. 
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