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Elizabeth M. Keil

Abstract

This thesis details the development and implementation of an attitude and orbit determining
Kalman filter algorithm for a satellite in a Molniya orbit. To apply the Kalman Filter for orbit
determination, the equations of motion of the two body problem were propagated using Cowell’s
formulation. Four types of perturbing forces were added to the propagated model in order to
increase the accuracy of the orbit prediction. These four perturbing forces are Earth oblateness,
atmospheric drag, lunar gravitational forces and solar radiation pressure. Two cases were
studied, the first being the implementation of site track measurements when the satellite was over
the ground station. It is shown that large errors, upwards of ninety meters, grow as time from last
measurement input increases. The next case studied was continuous measurement inputs from a
GPS receiver on board the satellite throughout the orbit. This algorithm greatly decreased the
errors seen in the orbit determining algorithm due to the accuracy of the sensor as well as the
continuous measurement inputs throughout the orbit. It is shown that the accuracy of the orbit
determining Kalman filter also depends on the length of time between each measurement update.
The errors decrease as the time between measurement updates decreases. Next the Kalman filter
is applied to determine the satellite attitude. The rotational equations of motion are propagated
using Cowell’s Formulation and numerical integration. To increase the fidelity of the model four
disturbing torques are included in the rotational equations of motion model: gravity gradient
torque, solar pressure torque, magnetic torque, and aerodynamic torque. Four cases were tested
corresponding to four different on board attitude determining sensors: magnetometer, Earth
sensor, sun sensor, and star tracker. A controlled altitude path was chosen to test the accuracy of
each of these cases and it was shown that the algorithm using star tracker measurements was
three hundred times more accurate than that of the magnetometer algorithm.
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Chapter 1

Introduction

This thesis demonstrates how Kalman Filters can be used to determine a satellites orbit and
attitude. Up to date and accurate knowledge of a satellite’s position and orientation is necessary
for a satellite to perform the mission it was designed for and communicate with the satellite
ground station. On-board attitude and orbit determination typically requires a multitude of
sensors and is computationally expensive. This chapter will explain the motivation behind this
thesis as well as the fictitious satellite and orbit used in this Kalman Filter model.

1.1 Background and Motivation

The goal of this thesis is to accurately compute the orbit and attitude of a satellite with as little
computational effort as possible. Although on-board processing capabilities have greatly
increased in the past couple of decades, it is still a priority to minimize the amount of
computational effort required by the on-board processors while maintaining a desired level of
accuracy. Kalman Filters allow for accurate prediction of a given state (attitude, position,
velocity etc) without requiring expansive past data to be stored and computed, which allows for
efficient on-board computation. The on-board computation, along with the sensors that measure
the satellite orbit and attitude, make up the attitude determination system of the satellite. Satellite
attitude determining systems vary in size but typically consist of four to five on-board sensors as
well as the necessary processing equipment. The goal of this thesis is to develop an attitude
determining system which utilizes a smaller number of sensors and is computationally
inexpensive so that it can be implemented on a small payload. If a small payload is able to
autonomously determine the host satellite orbit and attitude it would reduce the number of
interfaces needed between the host and payload, reducing the complexity that comes with
integrating payloads to host satellites. The first step in developing a minimized attitude
determination system is to define the physical characteristics of the satellite. This is done in the
following section.



1.2 The Satellite

To accurately estimate the orbit and attitude of a satellite, the physical aspects of the satellite
must first be define. The fictitious satellite used in this thesis has a cylindrical shape with two
solar arrays on either side of the cylinder. Figure 1.1 shows the dimensions of the satellite and
defines the orientation of the satellite in the body frame.
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Figure 1.1: Dimensions and orientation of satellite used in this thesis

The satellites dimensions are needed to calculate the moment of inertia matrix, which will
be essential in determining how environmental torque affects the satellite attitude. The principal
moment of inertia matrix can be calculated using the parallel axis theorem:

1° = ¢ + m[T‘COTT'COI _ rcorcoT]

where r€° is the vector originating at the satellite’s center of mass and pointing to the origin of a
chosen reference frame, 6. I€ is the moment of inertia matrix for the given object and ¢ is that
objects moment of inertia matrix with respect to the reference frame, 4. In this case, the origin of
the reference frame is choosen to be the center of the cylinder. The position of each solar array
and connecting rod is defined with respect to the origin of the cylinder. Once the moment of
inertia matrices for each rod and array are calculated with respect to the cylinders origin, they
can be added together:

o — Jo o o o o
I total — I cylinder +1 solararrayl +1 solararray?2 +1 rodl +1 rod2



The principal axes theorem can be used again to translate the total moment of inertia matrix from
the center of the cylinder to the satellite’s center of mass.

T T
jem — Iototal _ m[rco 7O — yCOp-CO ]

Once the total moment of inertia matrix has been formed, eigenvalue decomposition can be used
to find the principal moments and axes of inertia. For this satellite, the principal moment of
inertia matrix is

L, 0 0 2000.7 0 0
Iprincipar = |0 I, O|=| 0 20193 0
0 0 Iy 0 0 6473

This matrix will be used to determine how the satellite rotates with respect to the center of mass
under environmental and controlled torques. A satellite is stable about the major and minor axes
and unstable about the semi-major axis. From the principal moment of inertia matrix, I, <

I, < I, therefore this satellite is unstable about the b, axis.

Notice that the orientation of the satellite’s solar arrays varies over the period of the orbit
since they will always be oriented with the normal of the array pointing towards the sun. This
necessity means the principal moment of inertia matrix for the satellite varies depending on the
satellite position in the orbit. Therefore, the effects of the disturbing torques on the satellite,
which depend on the moment of inertia matrix, depend on the position of the satellite in its orbit.
In order to determine the attitude of the satellite the position of the satellite is needed. This will
be further discussed in Chapter 4.

Not only are the dimensions of the satellite needed to estimate the orbit and attitude of the
satellite, other characteristics are required, such as center of solar pressure, center of drag etc.
Table 1.1 defines these characteristics for the satellite used in this thesis.

Mass m 800 kg
Average cross-sectional area A 8 m°
Coefficient of drag Cp 2.2
Coefficient of Reflectivity Cr 0.6

b, b, b,
Center of mass 0 0 0
Center of aerodynamic pressure, Cpa 0 0 -0.5m
Center of solar pressure, Cs, 0 0 -0.8'm

Table 1.1: Characteristics of Satellite



1.3 The Orbit

For this thesis, the chosen orbit is the Molniya orbit, seen in Figure 1.2. The Molniya orbit is a
highly elliptical orbit with an inclination of 63.4 degrees and period of one half of a sidereal day.
In this orbit the satellite’s distance to Earth varies drastically over one period. As seen in Figure
1.3, at perigee the altitude of the satellite is roughly 5000 km and at apogee the altitude of the
satellite is over 40,000 km. As will be explained in Chapter 2, a satellite at apogee in the
Molniya orbit is traveling much slower than when it is at perigee. This allows for nearly
persistent collection by a satellite’s sensors while at apogee, making this orbit essential for
communication satellites.

Molniya Orbit

Top View Side View

Figure 1.2: View of Molniya Orbit used in this thesis

In this thesis, the Molniya orbit was chosen because of the large variation in altitude. Both
perturbing orbital forces and disturbing environmental torques acting on the satellite vary with
altitude. As shown in Figure 1.3, the forces and torques strongest at the satellite’s apogee are
different than those forces and torques affecting the satellites motion when it is at perigee. At
lower altitudes a satellite experiences a considerable more amount of drag due to the Earth’s
atmosphere. Also at low Earth orbit, a satellite is more affected by the Earth’s oblateness, which
is the increase in mass around the equatorial region. At higher altitudes, upwards of 10,000
kilometers, perturbing forces such as solar radiation pressure and gravitational attraction from
the Moon affect the satellite’s orbit. Since the forces influencing the orbit and attitude of the



satellite vary over just one period, the attitude determination system must take in to consideration
more perturbing forces and torques than a satellite in an orbit where the attitude does not vary
greatly.
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Figure 1.3: Altitude of Satellite in Molniya Orbit

The ground track of the Molniya orbit is seen in Figure 1.4. When the satellite is at
apogee, above 30 degrees latitude, the satellite is traveling much slower than when it is at
perigee, below -30 degrees latitude. In this thesis, the fictitious satellite ground station is in
Sydney, Australia. Since the Earth rotates 180 degrees during each satellite orbit, the satellite
only passes by this ground station every other orbit. Therefore a full day must go by before the
satellite can pass over the ground station and collect orbit determining information. As discussed
in Chapter 3, this makes orbit determining algorithms using site track measurements less
accurate than algorithms with on-board sensors due to the limited time in which the satellite is
getting measurement updates. Also, since the ground station in this thesis is located at the
perigee of the satellite orbit, the number of measurements gathered and provided to the on-board
Kalman filter is even more limited since the ground station is only in view for roughly an hour.

In this thesis a Kalman filter is used to determine the orbit and attitude of the satellite in a
Molniya orbit. The algorithm requires an accurate model to predict the satellite orbit and attitude
and then updates the predictions with input measurements from on board sensors or ground
station communication. In Chapter 2, the general theory behind Kalman filters is explained. In



Chapter 3, the Kalman filter is applied to determine the satellite orbit by first propagating the two
body equations of motion and then adding in perturbing forces due to the Earth’s oblateness,

- :‘l‘xll 120 90 50 30 U 30 50 30 120 150
“in view” of ground station

Figure 1.4: Molniya Orbit Ground Track

atmospheric drag, gravitational effect of the Moon and solar radiation pressure. Then two cases
are studied, the first being the input measurements coming from the ground station using the
pointing of the ground antenna tracking the satellite to provide the satellite with its range,
azimuth and elevation. For this case the measurement input only occurs for a brief time once a
day. The second case uses an on-board GPS receiver to update the filter with position
measurements throughout the orbit.

Then in Chapter 4, the Kalman filter method is applied to determine the satellite attitude,
taking in to consideration the disturbing torques a satellite experiences over the period of its
orbit. Similar to the orbit determination, the satellites attitude is determined by propagating the
rotational equations of motion and adding in the following disturbance torques: gravity gradient,
aerodynamic drag, solar radiation pressure and magnetic torque. The attitude determining
algorithm is then updated using measurements from one of four possible on-board sensors each
with different error magnitudes. The sensors are: magnetometer, Earth sensor, a Sun sensor and
star tracker.



Chapter 2

Fundamentals of Kalman Filters

The Kalman Filter, developed by Rudolf E. Kalman is a linear quadratic estimator that uses a
series of measurements, which contain a level of noise and inaccuracies, over time to estimate a
systems current state. The Kalman Filter has numerous applications and in this thesis the
Kalman Filter will be used to estimate a satellite orbit and attitude using various types of
measurement inputs. There are two main stages in the Kalman Filter algorithm, a “predict” stage
and then a “correct” stage. In the prediction stage, the algorithm uses models, such as the
equations of motion for an orbiting satellite, to predict the system’s state over time along with
the state’s uncertainties. The “correct” phase occurs when a measurement is received. The
algorithm updates the estimated state with the measurement data with a certain level of weighted
average. The algorithm then begins the predict phase all over again. This recursive algorithm

Time Update Measurement Update

(“Predict”) (“Correct”)

Figure 2.1: The two main steps in a Kalman Filter
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allows for real time state calculation without requiring past data and measurements to be stored.
Since only the current state and data from the next measurement are required, necessary data
storage is minimal.

The Kalman filter uses measurements and the system’s dynamic model to estimate the
systems state over time. The dynamic model is a linear, time-varying, finite-dimensional state-
space system defined as

x(t) =F()x(t) +w

y(t) =H(t)x(t) +v

where x(t) is the state vector, F(t) is the state matrix and w is the process noise. H(t) is the
observation matrix, y(t) is the output vector and v is the observation noise.

For this thesis, the Kalman filter is used to determine the orbit and attitude of the satellite. In
the case of orbit determination, the state vector is made up of the satellite position and velocity

relative to an inertial Earth centered reference frame and is: x(t) = [ri Ij T Vj Vj vk]T. For
attitude determination, the state vector is made up of angles and rates of the satellite body frame

with respect to its orbital frame: x(t) = [0, 6, 85 6, 8, 63]T. These two cases will be explained
further in Chapter 3 and 4. The next few sections explain three types of Kalman filters and their
different elements.

2.1 Kalman Filter

The basic Kalman filter can be applied to systems with linear equations of motion. The Kalman
Filter uses the state transition matrix,®, to propagate the state and its errors exactly since the
equations of motion are linear. The inputs of the filter are the initial state, X, initial state error,
P, the covariance of the process noise, Q, the covariance of the observation noise, R, and the
measurements, z. The covariance of the process noise allows for measurement noise and enables
the tuning of the filter. The process and observation noise is assumed to be zero mean Gaussian
white noise.

The state transition matrix, @, is determined using a Taylor series to determine the state
vector at a certain time t.

= —~ B 22 At
Xk+1 :Xk +XkAt+Xk7+

Substituting in the dynamic model equation gives



2

_ . _ _ At
Xii1 = X + FX, At + szk7 4o

Therefore,
)=(k+1 = ‘I’Xk
where the state transition matrix is

2

At
¢=I+FAt+F27+---

The covariance matrix, P, of the predicted state vector is calculated from the previous
covariance matrix, the state transition matrix and the covariance of the process noise

Py = ®P @7 +Q

The algorithm computes the observation matrix, H(t), once, at the beginning of the
algorithm. For the orbit determining Kalman filter, the observation matrix is

rdr;  Or; Or dr; Or; Or;]
n ar on v v
drj 0r; Or; drj Odr; O
n an, on aw v
ory Ory Org Jory Org Org
o | W v ow
0X dv; 0dvy 0v; dv; dv; 0v;

on oy oo Gv v o

dv; dv; 0v; avj 0vj  0v;
. an an v v
ovg O0vy O0vg  0vg Ovi 0vy
[ dr;  Jrj  Ory dvi 0v; 0Oyl

The Kalman Filter can be “tuned” by adjusting the covariance of the process noise, @, and
the covariance of the observation noise, R. In this thesis, Q and R are taken to be diagonal and
constant although this does not have to be the case. To tune the Kalman filter, an initial guess for
each of the noise matrices is selected and the algorithm is run. Then the matrices can be changed
in order to improve the results. For the case of orbit determination, the initial guess for the noise
matrices are



o> 0 0
0 oy 0
Q=R= 0 0 oy’
0 0 0
0 0 0
0 0 0

where o is the expected errors of each state.

Once the initial inputs are defined iterative process begins by propagating the state and error
covariance over time. Once a measurement occurs, the predicted state and errors are corrected.

The basic Kalman filter is summarized below.

0 0 |

0 0

0 0

0 0
oy, 2.0

0 oy’

Kalman Filter

Input {Xk; ﬁk} Z, QF R}

Output {X; 11, Prs1}

0X 41
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+1 oX),
H 0z
1= P Rers
Prediction
Xis1 = ©X,,
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—
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=
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State Transition matrix

Observation Matrix

Predicted State

Predicted Error Covariance

Kalman Gain

State Estimate

Error Covariance Estimate
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A Kalman filter is optimal when the model used to determine the state matches the real
system exactly and the variance of the noise is known exactly. In this thesis, neither the model
nor the covariance is known exactly since the state model for an orbiting satellite can only be
estimated. Also, in this thesis, the equations of motion are not linear and need to be linearized
before applying the Kalman filter. This is done in the following section.

2.2 Kalman Filter for Linearized System

In a Kalman Filter the equations of motion that define the problem are used to develop the state
matrix, F(t),. In this thesis, the equations of motion need to be linearized in order to apply the
Kalman filter. To do this, the partial derivatives of the equations of motion and perturbations are
taken with respect to each element of the state vector. For orbit determination using only the two
body equations of motion, the state matrix is

rdv;  dvy  0v; dv; 0vy 0vj]
o oy oo Gv v o
avj dvj; 0v; avj 0vj  0v;
o o w0 v
dvi O0vy Odvg  0Ovg 0vy O0vg
Fz_bOdy=a_X= orj 0Jrj Ory dvi dv; Odvy
0X da; 0da; Oy da; 0a; 0Jgy

o o au v ow

0 Oa 0y O 0y Oy
or;y 0r; Jdrx dv; 0vy 0vy
day Oay day 0Oday OJday Oag
[dr;  drj  Ory avi  0vj OVl

0 0 O 1 0 O
0 0 O 0 1 0
0 0 O 0 0 1
u o 3ur? 3T 3uriry
— 3T 5 5
=] r r r r
3urr; no 3ur? 3uriry ¢ 00
ot - J J 0 0 O
ro r3 r® r> 0 0 0
3urjrg 3urjry no 3urg
ro ro 13 r>
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As will be shown in later chapters, much of the Kalman filter development is in determining this
state matrix since each perturbing force and torque affects the final state matrix. The state
transition matrix is calculated once, at the beginning of the algorithm and includes all the
perturbing forces needed to best estimate the state. This algorithm is summarized below.

Kalman Filter — Linearized System

Input {Xy, Py, z, Q, R}
Output {Xx+1, Prs1}

— aXfo

= X, found one time

F

¢=1+FAt+F2§

0z
H = —

Prediction
Xy41 predicted with Cowell’s Method Predicted State
0Xpy1 = POX Predicted State Update
Py, = ®P,®T +Q Predicted Error Covariance
Update

b=2—Hp 1 Xpi

Kiy1 = ProiHiyq [Hio 1P Higyy + R]7! Kalman Gain

8%py1 = 0%y + Kyqa[Drsr — Hyp10%41] State Update Estimate
Xii1 = Xpqq + 0%piq State Estimate

Pioi =1 —Kii1Hyr1] Prin Error Covariance Estimate
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2.3 Extended Kalman Filter

The Kalman filter used in this thesis is the Extended Kalman Filter (EKF). The difference
between the basic Kalman filter and the Extended Kalman filter is that the state transition matrix
is calculated at every time step rather than at just the beginning of the algorithm. This is required
since the perturbing forces that make up the state matrix change with respect to the satellite
position in the orbit and therefore with time. So at every time step, the satellite position must be
used to recalculate the state matrix and state transition matrix. This is computationally expensive
but decreases the errors in the orbit determining algorithm. The summary of the EKF is seen
below.

Extended Kalman Filter

Input {X, Py, z, Q, R}
Output {Xx+1, Pr+1}

H 0z
Prediction

Xy4+1 predicted with Cowell’s Method Predicted State

0x
F = k+1
0X) 11

d=F()P

6Xp41 =0 Predicted State Update

Py, = ®P,®T +Q Predicted Error Covariance
Update

b=2z—Hg 1 X1

Kii1 = ProiHiyq [Hio 1P Higyq + R]7! Kalman Gain

O%k+1 = Kri1bpiq State Update Estimate
Xii1 = Xpqq + 0%piq State Estimate

Pioi =1 —Kii1Hyr1] Prin Error Covariance Estimate

13



Figure 2.2 shows how, at each time step, the state and errors are propagated from X,, P, to X, P,
and then the state and errors are updated when a measurement is observed, resulting in X;, P; .

=S =y X4,P4 ~
Xa Py X3P 53, Xs,Ps X, Ps
A\
| —]
X4,p4 XS’PS

/m Correct

Xo, Py Predict

Figure 2.2: Extend Kalman Filter Representation

Chapter 3 will explain how the Kalman filter is applied in order to determine the position of
the satellite in its orbit. The derivation of the state matrix is the lengthiest step in the process;
requiring the development for individual state matrices for each perturbing force and then
summing them in order to get the final state matrix. Then two cases are analyzed, the first
provides the filter with a group of measurements once a day in the form of the satellite’s range,
azimuth and elevation from a ground station. The second case predicts the orbit using position
and velocity measurements from an onboard GPS sensor throughout the duration of the orbit.

Similarly, Chapter 4 will estimate the satellite attitude by applying the Kalman filter
algorithm. Once again, the development of the state matrix will require the most work seeing as
how each disturbing torque influences the matrix. Then four cases are studied pertaining to the
four types of on-board attitude sensors.

14



Chapter 3

Orbit Determination

In order for a satellite to perform the mission it was designed for, it must accurately determine its
location in space. Knowledge of the satellite location, called orbit determination, is used by
ground stations to command the satellite, maintain the orbit from degradation or to maneuver the
satellite to a desired location. The position of a satellite is used for station keeping maneuvers,
mission planning and even collision avoidance. Although space is a vast place, the accurate
knowledge of the location of each satellite is essential to prevent intergalactic space collisions.
Having an accurate on-board orbit determining system allows a satellite and its ground station to
accurately plan missions and the necessary maneuvers that mission drives.

In this chapter, the fundamentals of orbit determination will be explain as well as the
derivation of the orbit determining Kalman filter used in this thesis. To increase the level of
accuracy of the Kalman filter, multiple orbit perturbing forces are added to the algorithm,
making the Kalman filter derivation a lengthy but necessary process. First off, the fundamentals
of orbit determination will be explained. Then, the Kalman filter will be developed in order to
accurately determine the satellite orbit using two cases, site track measurements and GPS sensor
measurements.

3.1 Defining a Satellite Orbit

To define an orbit, an inertial reference frame must be developed such that, at any location, the
satellite’s position and velocity can be described. An inertial reference frame is a set of three
mutually perpendicular vectors whose origin remains fixed with respect to space. Therefore the
inertial reference frame is one that is not accelerating. However, there is no truly inertial location
in space since all points in space are accelerating. Therefore, for any given problem, a reference
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frame that is as close to inertial as possible must be selected. In the case of a satellite orbiting the
Earth, an Earth centered reference frame is inertial enough since the motion of the Earth
throughout space need not be considered. The reference frames that will be used in this thesis are
explained below.

3.1.1 Reference Frames

First, the Earth Centered Inertial reference frame, or ECI frame, is a reference frame with its
origin at the center of the Earth. As shown in Figure 3.1, the I-axis points in the direction of
Earth’s vernal equinox, the K-axis points towards the North Pole and the J-axis completes the
triad and lies within the equatorial plane. The satellite’s position can then be defined as the
vector, 1, in this ECI frame.

x 10

Z (km)

1

Y (km) ol X (km)

Figure 3.1: Earth Centered Reference Frame

The ECI frame remains relatively fixed over time, therefore the Earth rotates about the K
axis of the ECI frame. Another reference frame needs to be defined that remains fixed with the
Earth and therefore rotates along with the Earth. This reference frame is appropriately called the
Earth Centered Earth Fixed reference frame, or ECEF. This frame is similar to the ECI frame
however the [},.,; points towards the location of the prime meridian, or 0 degrees longitude.

Later on in this chapter, another reference frame will be needed to determine the satellite’s
position. This reference frame determines the satellite’s position as it relates to a point on the
surface of the Earth, such as a ground station. The reference frame is called the Topocentric
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Horizon Coordinate System. It is commonly called SEZ since the vectors that make up the
coordinate system point due south and due east from the ground station as well as directly out, or
zenith, from the ground station. Figure 3.2 shows how the SEZ frame relates to the ECEF and
ECI frame.

K» Klocal

1

]local

—~

Ilocal

Figure 3.2: ECI, ECEF and SEZ Reference Frames

A satellite’s position can be described in the SEZ frame by three parameters: range,
azimuth, and elevation. The range of a satellite, psg, is the distance from the satellite to the
ground station. The azimuth of the satellite, 3, is the angle measured from the north, clockwise
to the location beneath the satellite. The elevation of the satellite, el, is the angle to the satellite
measured from the horizon. These three parameters can be determined from a ground antenna
pointing toward the satellite and will be used as the site track measurements in one of the
Kalman filter cases. In order to determine the satellite location in the ECI frame, using
parameters defined in the SEZ frame, coordinate transformations must occur. A coordinate
transformation takes in to account the rotations required to transform the ECI frame in to the
SEZ frame. Then, any vector in the SEZ frame can be transformed back in to the ECI frame and
used to define the satellite in the ECI frame. This process is called the transformation of
reference frames and is explained in the next section.
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3.1.2 Transformation between Reference Frames

In order to define a satellites position in the ECI frame using measurements in the SEZ frame,
the measurements must be transformed into the ECI frame. In order to transform vector
components from one reference frame to another, the vector is multiplied by a rotation matrix.
For example, if a vector & = [e, e, e.]"needed to be transformed from an a,b,c frame to a u,v,w
frame it would need to be multiplied by a rotation matrix R*¢.

Uy Uz Uz][€a
euvw = |V1 V2 Vz||€p

wy Wy Ws]lé

—_ puaz
=R €abc

The rotation matrices used to transform the vectors come in one of three forms depending on
which of the three axes the rotation is about.

1 0 0 cos@ 0 sind
Ri(6) =0 cosf —sinf| R,(0) = 0 1 0
0 sin® cos@ —sind 0 cos@

cosf —sinf O
R3(0) =|sinf@ cosf O
0 0 1

Then the final rotation matrix can be developed my multiplying each of the individual rotation
matrices needed to complete the rotation. For example, the final rotation matrix for a rotation
about the third, first, then second axes is

R312 = R3R4R3

To transform a vector in the SEZ frame to the ECI frame, it must first be rotated counter
clockwise about the E-axis in order to align the Z-axis with the K-axis. This is done by using a 2-
rotation by the negative of 90 — @,,.

cos((bgd 90) 0 sm((bgd 90) sm(a)gd) 0 cos((z)gd)
Ry(940 —90) = 1 0
—sm((Z)gd -90) 0 cos(Q)gd —90) —cos((bgd) 0 sin(@,4)

Another rotation is required to rotate the S-axis, which is now the [;,.q; axis, to the I-axis. This
is done by rotating counterclockwise about the K-axis by the angle, A, which requires the R,
rotation matrix.

cos(—4) —sin(=4) 0
R3(—=A) = |sin(—=1) cos(—1) O
0 0 1

So the final rotation comes out to
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sin((Z)gd) cos(1) —sin(4) cos((Z)gd) cos(4)
Pecr = R3(=R; (®gd - 90),55152 = Sin((z)gd) sin(4)  cos(1) COS((Z)gd) sin(4) | psgz
—cos((Z)gd) 0 sin((bgd)

The last step in transforming position vector in the SEZ frame to the ECEF frame is just the
translation of the origin from a point on the surface of the Earth to the center of the Earth. This is
done using basic addition

Tgc1 = PEct + Tsite ECI

This transformation will be used when measurements of range, azimuth and elevation of a
satellite from the ground station are inputted in to the Kalman filter that is estimating the position
of the satellite in terms of the ECI frame.

3.1.3 Orbital Elements

Another important way to describe a satellite orbit is using orbital elements. In this thesis, the
effects of the perturbing forces that influence a satellite orbit will be described in orbital
elements; therefore a brief overview of these elements is given here.

Figure 3.3: Depiction of Orbital Elements
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The orbital elements describe the location of the satellite at any given time. Figure 3.3
depicts the orbit of the satellite as an ellipse that is inclined with respect to the Earth’s equator.
The first of the orbital elements is the semimajor axis of this ellipse, a. The eccentricity of this
ellipse is the second of the orbital elements, e. The third orbital element is the inclination of the
ellipse with respect to the Earth’s equatorial plane and is denoted, i. The right ascension of the
ascending nodes, Q, is the angle from the I-axis to the ascending node, n, which is the vector
pointing from the center of the Earth to the point where the orbit crosses the equatorial plane
going from south to north. The argument of perigee, o, is the angle between the ascending node,
n, and the location of the orbit’s perigee, or closest approach, denoted, e. Last, the true anomaly,
v, is the angle between the satellite’s current position in the orbit with respect to e. These orbital
elements are all that are needed to find the position and velocity of the satellite in the ECI frame.
Next, the laws that govern the motion of a satellite orbiting Earth are explained.

3.2 Laws Governing a Satellite Orbit

Kepler’s and Newton’s Laws, which were first developed to describe the motion of planets about
the sun, are essential to determine a satellite orbit. These laws can be applied to any two body
problem, where one body orbits another due to gravitational forces, such as a satellite about the
Earth.

3.2.1 Kepler’s Laws

Kepler’s laws are as follows:

1. The orbit of each planet is an ellipse with the Sun at one focus.

2. The line joining the planet to the Sun sweeps out equal areas in equal times.

3. The square of the period of a planet is proportional to the cube of its mean distance to
the Sun

Figure 3.4: Illustration of Kepler’s 2™ law
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Figure 3.4 illustrates Kepler’s second law, showing that a satellite will trace out equal areas
of an ellipse in equal times. In order to trace out equal areas in equal times, the satellite travels
much faster when close to the Earth, at perigee, then when it is at apogee, furthest from the
Earth. Later, it will be shown that this increased speed causes increased errors in the orbit
determining Kalman filter.

3.2.2 Newton’s Laws

Newton’s second law and his law of gravitation are also essential to predicting a satellite orbit.
Newton’s second law states that the sum of all forces acting on a body, F, is equal to the mass of
that body, m, times the body’s acceleration, a. Therefore,

Z F =ma
Newton’s law of gravitation applies his second law to the gravitational forces between two
bodies. Therefore the gravitational force of the Earth, acting on a satellite is

GmEarthmsat F

F=-
r3

where G is the gravitational constant. With this equation, the acceleration of a satellite can
be determined from just the satellite’s position relative to the body in which it orbits.

3.2.3 Assumptions of the Two Body Problem
There are four key assumptions of the two body problem and they are

1. The mass of the satellite is negligible when compared to the mass of the attracting body,
in this case, the Earth

2. The coordinate system used to define the motion is inertial

The bodies of the satellite and Earth are spherically symmetric

4. No other forces act on the system except for the gravitational forces of the attracting
body

w

For this thesis, assumption 1 holds; the satellite’s mass is negligible when compared to the mass
of the Earth. Also, assumption 2 holds loosely; the ECI frame is determined to be inertial enough
for this two-body problem. The motion of the Earth through space is neglected. However, in this
thesis, both Assumption 3 and 4 do not hold, resulting in perturbation forces and disturbing
torques on the satellite. Assumption 3 does not hold, since neither the Earth nor the satellite is a
perfect sphere. The Earth has more mass about the equatorial region than at the poles; therefore
the gravitational force on the satellite varies between the equatorial plane and poles. Also, the
satellite is not a sphere, but rather a cylindrical shape with extending solar panels. This non-
spherical shape means the force from Earth’s gravity varies from point to point along the satellite
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body. Assumption 4 does not hold since there are additional external forces such as drag from
the Earth’s atmosphere acting on the satellite. These variations to the two-body problem will be
discussed further throughout this thesis.

3.3 Predicting the Satellite Orbit using the Two Body Problem

In this thesis, the satellite orbit is propagated using the laws explained above and a numerical
integration method called Cowell’s Formulation, explained below.

3.3.1 Cowell’s Formulation

From Newton, the acceleration of a satellite in the two body problem can be described by the
following equation

where p = Gmg,qp,. However the two-body problem neglects the real-world perturbation
effects such as atmospheric drag and the Earth’s oblateness. These perturbations, which will be
discussed in detail in the following sections, create an additional acceleration that acts on the
satellite. This acceleration can be added to the two-body acceleration and numerically integrated
to find a more accurate satellite orbit.
ur

a=- 3 + Aperturbed

Cowell’s Formulation numerically integrates the second order differential equations of motion.
To use this method a state vector is developed such as the one below for orbit determination.

Then the derivative of the state vector is
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Cowell’s method uses numerical integration to integrate the derivative of the state vector to
determine the state vector over time. In this thesis, Matlab’s numerical integration function
ode45 is used to numerically integrate X over time using a fixed time step.

3.4 Perturbations of the Satellite Orbit

This section is devoted to finding the acceleration of the satellite due perturbing forces,
@perturbed- FOUr perturbing forces will be added to the two-body problem, explained in previous
sections, in order to increase the accuracy of the satellite orbit determination algorithm. These
four perturbing forces are: Earth’s oblateness, Earth’s atmospheric drag, the Moon’s
gravitational force, and the pressure due to solar radiation. The first two perturbing forces,
Earth’s oblateness and atmospheric drag, affect the orbit of a satellite while it is relatively close
to the Earth (~1000 km altitude). Their affects diminish with increased altitude. While the
oblateness and atmospheric drag diminish with altitude, the effects of Moon’s gravity and the
pressure from solar radiation increase with altitude. Since this particular satellite is in a highly
elliptical orbit it experiences both the perturbing forces that are strongest at low altitudes as well
as the perturbing forces that are stronger at higher altitudes. Therefore the accelerations due to all
four of these perturbing forces are added to the general two-body acceleration.

Aperturbed = Aspherical + Adrag + A3rdbody + agr

3.4.1 Earth’s Oblateness

As was explained in Section 3.2.3 one of the assumptions of the two body problem is that the
satellite and the Earth are symmetrically spherical. The fact that the satellite is not spherically
symmetric will cause aerodynamic disturbing torques that will be discussed in Chapter 4. The
fact that the Earth is not spherically symmetric is addressed here. The oblateness of the Earth
refers to the increase in mass around the Earth’s equatorial region. This increased mass around
the equator creates its own gravitational force on the satellite.
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The perturbing acceleration due to the Earth’s oblateness is derived from the aspherical
potential function

ll + Zl , zm 0( ) le[Sln(({bgc {Cl,m cos(MAsq) + Sim Sin(mlsat)}

where Rg is the radius of the Earth, gbgcsatand Asqe are the latitude and longitude of the sub-
satellite point on the Earth, and P, ,,, is the associated Legendre functions.

The acceleration due to the Earth’s oblateness is then found by taking the gradient of the
aspherical potential function in spherical coordinates with respect to 7, using the chain rule.

L _Udr 0uar  ou dg,
“=orar 9207 oy, or

This then gives the final acceleration in the ECI frame as

( )
Jtou__ m_ou } { 1 v }
a; ={——— o .
| kr or r? riz + 7}'2 a(;b'gcsatj l riz + 7}2 0Asat !
( )
10U T ou 1 oU
Y =\7or = Tty Zza2a; (1
ror r2 |r2 +r ad)gcsat e+ T 0Asat
\ J
24 .2
_tou TN gu
k= or T 2 a¢gcsat

where

Zz ZZ 0( ) (I + D Pyp[sin(ge Y{Cim cos(MAgqr) + Spm sin(magq,)}

a¢gc MEI sz 0 <R®) {Pl m+1 [Sln(¢gc )] mtan(qbgc )le[SIrl(qbgC)]}
X {Cl,m Cos(mlsat) + Sl,m Sln(mlsat)}

aU ‘uzl 2 zm 0 (_> MPym [Sin(¢gcsat)] {Sl,m cos(MAsqr) — Cim Sin(m/lsat)}
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Zonal Harmonics
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Figure 3.5: Zonal Harmonic used in this Thesis

For the second order zonal harmonics, as shown in Figure 3.5, I=2 and m=0. The zonal
gravitational coefficient becomes C;,, = C,, = —0.0010826269 and the sectorial harmonic

becomes S, ,,, = S, = 0. For this case, the associated Legendre functions are
: 1 .
P20 [Sm (¢9Csat)] - E{Ssm (d)gcsat) -1

Poa [Sin(¢gcsat)] = 3sin (d)gcsat) cos (d)gcsat)
The partial derivatives become

U BMR@ZCZO
9= 3 (dgey,, )~ 1)

ar 2
U Rg%C
a¢gc 3’u ®T' 20 - (¢gc )COS (¢gcsat)
oU
=

Therefore the final acceleration due to perturbations from Earth’s oblateness for second order
zonal harmonics is

3 /.LR@ Cz 0 Tk #RG-) C2 O i
a; = J[ 27‘—{35 n ((‘bgcsat) - 13}] - [3 3 (¢gc ¢gcsat
r2 /riz + 77 J
3 ﬂR@ Cz 0 Tk “RG-)ZCZ,O .
%= J[ 2 rt {3sin® (('bgcsat) - 1= 3 3 om (¢gc ¢gcsat
L r2 /riz + 7 J
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This process can be repeated for sectorial and tesseral harmonics until the level of accuracy of
the acceleration due to Earth’s oblateness is reached. In this thesis, only the perturbation from
second order zonal harmonics is considered since it is almost 1000 times larger than
perturbations from the third order harmonics.

The Earth’s oblateness affects a satellite orbit since the gravitational pull of the bulge
creates secular variations in the argument of perigee and right accession of the ascending node.
Since the bulge around the equator pulls the satellite toward the equatorial plane, the satellite will
reach the line of nodes, 7, more quickly than it would for a spherically symmetric Earth. This
creates a “spinning top” like precession in the satellites orbit. Periodic variations in all orbital
elements are also caused by the harmonics of the Earth’s shape.

3.4.2 Atmospheric Drag

The next most influential perturbing force for low earth orbiting satellites is the effect of
atmospheric drag. The molecules that make up the Earth’s atmosphere create friction on the
satellite, making drag a non conservative perturbation, reducing the total energy of the system.
The acceleration of the satellite due to atmospheric drag is

1cpA

— _ Vrel
Adgrag = — E m

: 1
re |Vrel|

where cp is the dimensionless coefficient of drag that quantifies the susceptibility of the satellite
to drag. The coefficient of drag depends on the shape of the satellite and in this thesis the satellite
coefficient of drag is cp = 2.2. A is the cross-sectional area of the satellite defined to be the area
which is normal to the satellite velocity vector. In this thesis, the cross-sectional area of the
satellite is taken to be 8 m? and its mass, m, is 800 kg. The atmospheric density, vy, is the density
of Earth’s atmosphere at the current altitude of the satellite and is the most difficult aspect of the
acceleration to determine. Not only does the atmospheric density vary with altitude, the density
is affected by temperature, winds, tides and even the location of the ground station. There are
two types of atmospheric models used to determine the density. They are static or time varying
models. A static model considers

e Latitudinal variations: variations in the density of the atmosphere due to altitude.
Since the Earth is oblate, when a satellite passes over the equatorial region
relative altitude is less and therefore the atmospheric density is larger.
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e Longitudinal variations: variations in the density due to local altitude, such as
mountain ranges, cause significant variations in the atmospheric models due to
local wind, temperature etc.

A time-varying atmospheric model has additional complexities to consider including diurnal
variations in which the atmosphere lags in the direction of the Sun, where it is warmest. Other
affects such as the sun spot cycle and even the 27-day solar rotation cycle create changes in the
Earth’s atmosphere. It is extremely difficult to model all of these effects.

In this thesis, the atmospheric density is determined using the following equations

—(IFI—R@))/h
0

_h/
e hO = YOe

Y =Yo
where v, = 3.019 x 10715 %% and h, = 1000 km.
m

The velocity vector used in the calculation of the acceleration due to drag is taken relative to
the Earth’s rotating atmosphere. The rotation of the atmosphere is approximated as the rotation
of the Earth. This is an assumption since the rotation of the atmosphere depends on the altitude;
when closer to Earth’s surface the atmosphere’s rate is close to that of Earth’s, however as
altitude increases the rate of the atmosphere decreases. The velocity vector is found using the
transport theorem. The relative velocity vector is

_drl -
I + Wl
B df' . . dr. Vi + (L)@I'j
Viel = a —Wwgp XTI = d—t] + wer;| = Vj +Vu)@ri
drk k
dt .

Therefore the acceleration due to atmospheric drag becomes:

—( }riz+r]-2+rk2—R®)/

ho

1 CDA
a — f 2 2
Adrag —E—yoe ViZ+vi©+vy

As explained earlier, atmospheric drag is a non conservative perturbing force which causes
the satellite to lose energy. This in turn causes a decrease in the orbits semimajor axis and
eccentricity. Therefore, over time, the orbit becomes more circular and the altitude of the satellite

Vi + (1)@1"1'
Vi + Wl
Vk
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decreases. Therefore, station keeping maneuvers are required to maintain any satellite orbit
including the highly elliptical orbit of the satellite in this thesis.

3.4.3 Perturbation due to Moon

The Earth’s oblateness and atmospheric drag play a crucial role in perturbing orbits at low
altitudes (~ 1000 km), however as the altitude of a satellite increases the Moon’s gravitational
pull becomes a more influential perturbation force. Since a satellite in a Molniya orbit reaches
altitudes upwards of 35,000 km, third-body perturbation effects due to the Moon are essential to
accurate orbit estimation. As seen in Figure 3.6, the Moon creates a gravitational force on the
satellite in the direction of the Moon, which pulls the satellites orbit toward the lunar plane,
changing the inclination of the orbit.

The acceleration of the satellite due to the Moon’s gravitational pull is

N 1. 1 —
a3-pody = G, (@d 3T )

where d and T’ are shown in Figure 3.7 and defined as

. Timoon ~ Tisat
— - T T,
d = Tnoon — Tsat = | Tmoon g

Lunar Orbit

Satellite Orbit

Equatorial Plane

Figure 3.6: Orientation of Third Body

28



Moon

2

Satellite

Figure 3.7: Diagram of Third Body

The acceleration due to the Moon can be written in the ECI frame as

- 1 R R 1 R
aMoon = GMMoon ( = = 13 (rmoon - rsat) 1= 3 I'moon)
I'moon — Fsatl |Pmoonl
[ .
| 1 Tim ™ Tisat
GM I Tim T
- Moon | 3/2 sat
1 Tim ]
N PO |
[l |
m Tkm J

The Sun’s gravitational force on the satellite is not added as a perturbing force in this thesis since
its affect on the satellite orbit is about half that of the Moon’s, which is already a small effect.
The overall affect of the Moon’s gravitational force on the satellite is similar to the oblateness of
the Earth, causing perturbation in the line of nodes and argument of perigee; however the
variations are about the lunar plane rather than the equatorial plane.

3.4.4 Perturbation due to Solar Radiation Pressure

The final perturbing force considered in this thesis is the pressure created on the satellite due to
the Sun’s radiation. Similarly to the Earth’s atmospheric drag, solar radiation particles create
friction on the satellite, and therefore solar radiation pressure is a non-conservative perturbing
force. This force decreases the overall energy of the satellite, reducing the semi major axis of the
orbit. There are also annual variations in the argument of perigee and eccentricity due to the
relative location of the Earth with respect to the Sun over one year.

29



The acceleration of the satellite due to solar radiation pressure is

. pSRCRAO Fsat@

m |Fsat® |

Asr =

Where pgy is the solar pressure per unit area and is found using Einstein’s law, E = mc?in the

form mc = % and the solar-radiation constant, SF = 1353 %

w
SF 13533 W.s
¢ 3><108? m

|

N
Psr = 4.51 % 10_6?

Reflectivity of the satellite, cg, is typically between 0 and 2, and is 0.6 for the satellite in this
thesis. The exposed surface area of the satellite to the sun, A, is taken to be 14 m? since both
the solar arrays will be facing the sun at all time and the surface area of the central body will
vary from 3 to 8 m?. Tsaro 1S the vector from the satellite to the sun, therefore

Tig T Tisar
- _ - - _ r. — r.
Tsat©@ =T ~Tsat = | /O sat

Tk ~ Tksat

Substituting in this vector gives the acceleration of the satellite due to solar radiation pressure in
the ECI frame as

Yin —Ti
©) lsat
_ PsrCRAG 1 i —1

asp =

j j
m > 5 > © sat
(Mg ~ Tigae)* + (5 — T”jsat) + (kg — Thsae)* [Tk — Thsar

Notice, knowledge of the location of the Sun is required to determine the acceleration of the
satellite at any given point. In this thesis, the Sun’s position is taken as stationary over the time
period in which the orbit is determined. Each time the algorithm is run, the Sun’s location must
be inputted and the perturbing acceleration recalculated.

3.4.5 Summary of Perturbation Forces

To summarize, the acceleration due to each of the perturbing forces explained above can be
added to the two-body acceleration and numerically integrated to find the satellite’s position and
velocity. The numerical integration is done using MatLab’s 0de45 which integrates the time
derivative of the state vector. A plot of the perturbed and unperturbed orbit is seen in Figure 3.8.
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The inputs needed to calculate the perturbation acceleration are the position of the satellite, the
latitude and longitude of the sub-satellite point and the position of the Sun and the Moon relative
to the center of the Earth. The position of the Sun and Moon relative to the Earth is taken as
constant for the period of the satellite and therefore can be inputted once at the beginning of the
algorithm. The sub-satellite point changes over time and therefore will need to be recalculated
with each time step. At each time step,

Tk T;
— —coin—1( 2 — -1 _] —
99k+1 = Hgk + wgAt qbgcsat = sin (r) Asqr = tan <7‘i> ng+1
where 6,is the Greenwich sidereal time. Therefore the final initial inputs needed to compute

the perturbation acceleration are: the satellite’s initial position, velocity and characteristics, the
Earth to Sun vector, the Earth to Moon vector and the initial Greenwich sidereal time.
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Figure 3.8: Unperturbed and perturbed orbit using all four perturbation accelerations
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3.5 Development of State Matrix with Perturbing Forces

The state matrix, F, is made up of the equations of motion that define the problem, therefore it
must be calculated for each of the perturbing forces in order to apply the Kalman filter to orbit
determination. Much of the Kalman filter development is in determining this state matrix since
each perturbing force and torque affects the final state matrix. The state transition matrix also
needs to be linearized in order to apply the Kalman filter. To do this, the partial derivatives of the
equations of motion and perturbations are taken with respect to each element of the state vector.
For an orbit in which no disturbing forces are considered, the F matrix is only dependent on the

2-body equations:
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Once again, the four types of disturbing forces considered are non-spherical, drag, 3-body and
solar radiation. These disturbing forces need to be added to the F matrix so that they become
incorporated into the state transition matrix, ®. Luckily the F matrices, for each disturbing
forces, can be combined in the following way:

F= l:"Z—body + Fnonspherical + Fdrag + F3—body + FSR

Therefore, the state matrices for each of the perturbing forces need to be developed. This is done
by taking the partial derivatives of the perturbing acceleration with respect to the state vector. In
the following sections, the state matrices for each of the perturbing accelerations are determined.

3.5.1 Earth’s Oblateness

In Section 3.4.1, the acceleration on the satellite due to a non spherical Earth was determined to
be

( )
_ ). 3HRe*Co0 ., . , Tk HRe Cap
a= i[—z 22 3sin? (9ye,, )~ 1]~ — oo 357022 5in (g, ) cos (¢gcsat)]fn-
re i+
( 3 uRg%C r URm2C |
a = [_E%{?)sinz (qbgcsat) -1} - k [3 ?3 20 in (¢gcsat) cos (¢gcsat)] }rj
72 /riz + 7 )
2 4r? 2
3URg2Crg _ T URg2Cy
a, = [_E—G?A 20 {3sin? (q[)gcsat) — 1} + - 3 ®r3 20 sin (¢9Csat) cos (¢gcsat)
The state matrix for this perturbing force is then
0 0 O 1 0 0
0 0 O 0 1 0
0 0 O 0 0 1
. aai aai aai
F _ aXspherical | on ar]- ory
spherical — = oy — T
X da; 02 03 ) 0 9
ari ar] ark 0 0 0
aak aak aak
_ari ar] ark
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Appendix A shows how each of these partial derivatives are found. Below is just the first of the
partial derivatives of the acceleration with respect to position

2
Tk URg“Csp
3 r3 sin (d)gcsat) cos (d)gcsat)
r2 /riz + 77

2
/ URg“Cyp .
67; 3 {3sin (d)gcmt) -1}

+Ti\ 3

151, 1;

B i ——
2 2
r’ /ri + 17

3 187241

s(2 4 2\ 2
r5(r; +rj)

da; 3uRe’Cap . . ,
o = () -1

R oo 5in () 05 (Bac)

R Coosin (e, ) os <¢gcmt>]>

Although the derivation is lengthy, once programmed, the state matrix for Earth’s oblateness just
depends on the current position of the satellite.

3.5.2 Earth’s Atmospheric Drag

In Section 3.4.2, the acceleration due to atmospheric drag was defined as

—( /ri2+rj2+rk2—R®)/

ho

1 CDA
2 — 2 2
Agrag —E—yoe ViZ+vi©+vy

The state matrix is then

Vi + (1)@1"]'
Vj + Wl
Vk

0 0 O 1 0 O
0 0 O 0 1 0
0 0 O 0 0 1
E)ai (')ai (')ai (')ai aai aai
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Farag = 0X 10a; 0a; 0a; 0a; Oa; Oa
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where
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The state matrix for atmospheric drag perturbations changes with time and depends on the
current position and velocity of the satellite.

3.5.3 Moon’s Gravitational Force

The acceleration of the satellite due to the Moon’s gravitational force is

[ . 1
| 1 Tim ~ Tisat 1 Timoon |
apoon = GMuoon 3/2 Tim ™~ rjsat - I E T moon
(rim - risat)2 + (7} -7 )?+ (rkm - rksat)z Tkm ~ Tksat Moot ATk moon
l m sat
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The state matrix is then

r 0 0 O 1 0 O
0 0O 0 1 0
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Once again, the position of the Moon is assumed to be constant over the period of the satellite
orbit, so the state matrix for the lunar perturbations only depends on the current position of the

satellite.

3.5.4 Solar Radiation Pressure

Finally, the acceleration of the satellite due to solar radiation pressure is

. PsrCrAQ 1

asgp =

ri@ - risat
o sar

m
\/(rl'O - risat)2 + (TJO - rjsat)z + (TkO o rksat)2 Tko ™ Tksat
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Therefore the state matrix becomes,

where
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After the initial values pertaining to the satellites reflectivity, surface area, etc. are inputted along
with the position of the Sun, the state matrix for solar pressure only depends on the current
location of the satellite.

Now that each of the state matrices for the perturbing forces has been defined, they can be
summed to get the final state matrix to be used in the Kalman filter.

F= l:‘Z—body + l:“nonspherical + Fdrag + F3—body + FSR
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3.6 Kalman Filter Implementation for Site Track Orbit Determination

The first of the two cases studied in this thesis, determines the satellite orbit using input
measurements from a ground stations site track. When the satellite passes in view of the ground
station antenna, the antenna’s orientation and signal collection determines the satellite range,
elevation and azimuth and relays this information to the satellite every time step. For the orbit
and ground station used in this thesis, the measurements are received once every two orbits, or
once a day.

Estimated Orbit

Orbit Prediction
Refined with
Ground Station

Observations

Figure 3.8: Visualization of Orbit and Occurrence of Measurements from Ground Station

The range of the satellite, p, is determined using the following equation

_ cAt
=
where c is the speed of light and At is the total time required to transmit the signal to the
satellite and then receive a signal from the satellite. Range accuracy using this type of calculation
has errors of about 3 meters. The range rate, p, is determined from the frequency shift of the
signal, or Doppler shift.
2p
fa=——

where 4 is the wavelength of the signal and f; is the change in frequency of the signal from
the initial frequency sent by the antenna and the frequency that the satellite receives. The
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azimuth and elevation of the satellite are determined using the gimbal angles from the antenna
when collecting the satellite signal.

Orbit Prediction Refined

with Observations

Estimated Orbit

Ground Station measuring and
transmitting range, azimuth,
elevation to satellite

Figure 3.8: Visualization of ground station collecting and sending range data to satellite

The state matrix found in the previous section applies to all orbit determining cases in this
thesis. The difference between the two cases, site track and GPS sensor, lies in the form and
occurrence of the measurements inputted into the Kalman filter. For the site track case, the
measurements are in the form of range, p, azimuth, 8, and elevation, el, where

Psez = \/PSZ + pe? + pz?

_ _Ps
B = ATAN(=2)

el = ASIN( Pz )
Vps? + pe? + ps?

In the case of orbit determination using site track observations, the H matrix is complex

since the measurements are in the SEZ reference frame and need to be transformed in to the ECI
frame. This is done using the chain rule

u dobservation [ dobs l laobs 0Xs57 aXECIsitel
== — = — - X —
0X 0Xgcprl  190Xspz  0Xpergy,  0Xpar

3 Iaobs y 0psEz y 0pgc; 0obs
0psez  Opgcr OTgc

ap ap
0 % pTSEZ % /zECIl
0psez  OPecr 0Vgc

From the definitions of range, p, azimuth, £, and elevation, el the partial derivatives of each
with respect to the position portion of the state vector in the SEZ frame are
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[dp dp 0p]
dps Opg 0pz
dobs (0B 0B 0P
dpsgz  |0ps Opp 0pg
del del Odel
dps Opg 0pzl
Ps PE Pz
p p p
-1 Ps
Pe” Pe*
— pSZ(LZ +1) pEZ(LZ +1)
= Ps Ps
PsPz —PEPz PsPz
pg\/ psz+Z§2+p2 ! p3\/_P52+gbZ“2+P2+1 pg\/ Fas

In Section 3.1.2 the rotation matrix needed to transform the SEZ to an earth centered frame was

defined as

aﬁSEZ —
apQECI

sin(@44) cos(1)  sin(@yq)sin(1) —cos(Dyq)
—sin(A) cos(A) 0
cos(@gq) cos(1) cos(Byq)sin(1)  sin(@yq)

where @ 44and A are the latitude and longitude of the ground station.

Finally, since 7zc; = Tsite 5c1 + Pecr» @ Vgep = Pecr

[6 151561]

0Pkci
0V

a)’(\ECI

The observation matrix is then

aXECISite _ rFEa‘ _

[1]

_ dobservation I(’)obs
X 0psez

9
% Psez Ol

apAECI

Now that both the state matrix and observation matrix have been determined, the orbit can
be estimated by running the Kalman filter algorithm over multiple orbits and imputing
measurements when the satellite is over the ground station. Only one ground station was used
throughout this thesis, therefore the measurements are sent to the satellite once a day when the
satellite is over that station. A sample set of site track measurement data is seen in Table 3.1. The
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measurement errors of the site track are assumed to be 0.1 degrees for azimuth and elevation and
3 meters for range.

Measurement Range, p, (km) Azimuth, g, (degrees) | Elevation, el, (degrees)
1 1338 240.8 17.9
2 1816 160.3 45.2
3 2824 128.4 50.7
4 3531 116.2 51.0
5 4329 107.1 52.4

Table 3.1: Sample set of site track data

Figure 3.10 shows the actual and predicted orbit obtained using the orbit determining Kalman
filter with site track measurements.

Orbit Determination with Site Track Measurments

Actual
- Predicted
+  Measurments

Figure 3.10: Predicted and actual orbit determined using site track
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Orbit Determination with Site Track Measurments
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Figure 3.11: Close up of Predicted and Actual Orbit Determined using Site Track

Figure 3.11 shows sample sections of the orbit with the predicted, actual and measurement
data plotted. It shows how the Kalman filter takes in to account the measurement as well as the
past position in order to best predict the current location of the satellite.

Figure 3.12 plots the difference in actual and predicted orbits. The plot is over two periods.
The error increases as time from last measurement update increases. The algorithm was iterated
over multiple orbits and days; however the errors did not seem to decrease much as shown in
Figure 3.13.

Although, the site track method has quite a bit of errors, if they are within the
requirements for the satellite, this method is computationally less expensive and requires no on-
board sensors unlike the next case, in which an on-board GPS receiver is used to input
measurements of position and velocity in to the Kalman filter at each time step throughout the
orbit. This case has much smaller errors but forces the algorithm to update itself with
measurements multiple times a second, which is computationally expensive.
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Error in Orbit Determined by Site Track Measurements
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Figure 3.12: Error of Orbit Determined using Site Track over one Orbit

Errar in Orbit Determined by Site Track Measurements
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Figure 3.13: Error of Orbit Determined using Site Track over multiple orbits
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3.7 Orbit Determining Kalman Filter Implementation with GPS

The same method used in Section 3.6 can easily be applied to the case using measurements from
an onboard GPS sensor. The only differences are the observation matrix, H, and the frequency in
which the algorithm corrects the predict phase with measurements.

For the case of GPS sensor date in the form of ECI position and velocity, the observation
matrix is simply

[ ari ari ari ari 8ri ari i
dry drj OJrg vy 0v; dvy
oy oy Oy oy o o
drj drj OJry dvi 0vj dvy

100 000
| o o one anc on [ o o g g
=60bservatlon= drj 0rj OJry dvi 0vj 0dvy =| 0 0 1 0 0 0|=I
0% dv; dv; dv; dv; dv; advi| |0 0 0 1 0 0f
or; ar; dr,  dv; Av; 0V [0 00 0 1 OJ
000 00 1

avj 0dvj 0vj dvj 0vj 0v;
o oo v o
dvi O0vy Ovi  0vg Ovg 0vyg
[ dr;  drj  Org avi 0vj Ovyl

The state matrix, F, is the same as it was in the site track case, since it is independent of
what type of measurement is used. Now the Kalman filter is run inputting measurements over the
entire orbit rather than just a brief time during ground site overpass which results in a much more
accurate prediction of the satellite orbit. The simulated GPS measurements were created using
the rand function in MatLab which produces normally distributed pseudorandom numbers, using
a chosen error and rate. The error for the sensor used in this thesis is 0.5 meters.

Figure 3.14 shows the actual orbit and the predicated orbit and Figure 3.15 shows the
element break down of the position vector. Figure 3.16 and 3.17 then show a close up of the
actual and predicted position.

Figure 3.18 shows the errors seen between the actual and predicted orbit over one orbit with
measurements inputted every second. Figure 3.19 shows the errors over one orbit with
measurements inputted every two minutes. The plot begins and ends at the orbits perigee, where
the satellite is traveling much faster than at apogee. Therefore, the distance traveled between
each time step and measurement update is greater than when it is at apogee. Interestingly, the
errors increase when the satellite is a perigee due to this greater distance between measurement
updates. This increased error at perigee is not seen when the time step is one second. Therefore,
the accuracy of the orbit determining Kalman filter depends on both the accuracy of the
measurements as well as the time between updates.
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Figure 3.14: Error of Orbit Determined using GPS sensor
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Figure 3.15: Orbit Determined using GPS sensor
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Figure 3.17: Zoomed in orbit determined using GPS sensor
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Figure 3.18: Errors in orbit determined using GPS sensor with measurement updates every second
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Figure 3.18: Errors in orbit determined using GPS sensor with measurement updates every two minutes
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Figure 3.20: Mean errors in orbit verse time between measurement updates

Figure 3.20 shows how the decrease in time between measurement updates decreases the
errors of the orbit determining Kalman filter. This shows the importance of both an accurate
measurement as well as a small time between measurement update. The decrease in time
between measurement updates increases the number of iterations per second the filter must
compute, increase the computational effort. Therefore when designing an orbit determining
algorithm, a trade study can be performed to find the largest time interval that meets the desired
accuracy requirements.

In summary, the orbit determining Kalman filter designed in this thesis is clearly more
accurate when run with GPS measurements updated throughout the orbit than using site-track
measurements. However, if the GPS receiver somehow failed, the orbit can be determined using
a ground station site track. This allows for orbit determination redundancy for the satellite. Now
that the orbit has been determined, the satellite attitude will be determined using a similar
method. The rotational equations of motion will be defined and the attitude will be estimated,
taking in to consideration environmental forces on the satellite. Then the Kalman filter will be
defined and implemented using a multiple of attitude determining sensors.

48



Chapter 4

Attitude Determination

Similarly to orbit determination, satellite attitude determination is an essential part of a satellite
mission. Determining and controlling the attitude of a satellite allows for successful pointing of
the satellite antennas, sensors and solar arrays. In order for a satellite to successfully perform the
mission it was designed for, it must be able to accurately estimate and control its attitude. Also
similar to the orbit of a satellite, the attitude of a satellite is affected by the environment in which
it is in such as by atmospheric drag or solar radiation pressure. These environmental forces create
disturbing torques on the satellite that need to be estimated in order to accurately determine the
attitude of the satellite.

4.1 Representing Attitude

The attitude of a satellite is defined as the orientation of the satellite’s body frame with respect to
a constant reference frame. The next section defines the reference frames used in determining the
attitude of the spacecraft in this thesis.

4.1.1 Reference Frames

In order to define a satellites orientation, an orbital reference frame, consisting of a triad of
orthonormal vectors, must be defined. The orbital frame is constant under orbital variations with,
03, pointing in the direction of the satellite’s position vector, described in Section 3.1.1. The
attitude of a satellite is the orientation of the satellite’s body frame with respect to this orbital
frame, shown in Figure 4.1.
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Figure 4.1: Orbital and Body Frame Representations

The angles between the body frame and the orbital frame are called Euler angles and define the
orientation of the body frame with respect to the orbital frame.

4.1.2 Euler Angles

A satellite’s orientation can be described by three angles, called Euler angles. Each Euler angle
represents a rotation of the body frame about an axis of the orbital frame. These Euler angles are
commonly referred to as roll, pitch and yaw. For a satellite, roll is the rotation of the satellite
about 03, the satellite’s position vector. Yaw is defined as the rotation of the satellite about 0.
Last, pitch is defined as the rotation about 0,, the satellite’s velocity vector. The roll Euler
angle, 6, is the angle with which the body frame rotates about 5. In other words, the roll angle
is the angle between the body frame and orbital frame along the 0, and 0, axes. Similarly, the
yaw Euler angle, 6,, is the angle with which the body frame rotates about 0,. Last, the pitch
Euler angle, 6;, is defined as the rotation about o,. These angles are summarized in Figure 4.2.
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Pitch Yaw Roll

Figure 4.2: Euler Angles

Similar to the rotation matrix created to transform the SEZ frame to the ECI frame, rotation
matrices are developed to represent a rotation about each of the three possible orbital axes.
Below are the corresponding rotation matrices for roll pitch and yaw.

1 0 0
Rpitcn(61) = R1(6,) = [0 cosf; —sin 91]
0 sinf; cos6,

[ cosf, 0 sin6,]
Ryaw(82) =Ry(6;) = 0 10
|—sinf, 0 cos6,]

[cos0; —sinf; O]
Rrou(83) = R3(63) = |sinf; cosf; O
0 0 11

Combining these three rotations gives the rotation matrix.
RP® = R3(85)R,(62)R1(61)

cos B, cosf; cosBssinf; sinf, + cos B, sinf; sin b, sin 83 — cos B, cos O3 sin b,
RP° = |—cos@,sinf; cos B, cosB; —sinh; sinf,sinf; cos B, sin b, sin B3 + cos O sin B,
sin@, —cos 8, sin 8, cos 65 cos 05

This will be the rotation matrix used to transform any vectors in the orbital frame to the body
frame. The same process can be used to determine the rotation matrix needed to transform any
vector in the body frame to the orbital frame. Next, the rotational equations of motion must be
formed in order to propagate the satellites attitude over the orbit.
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4.2 Rotational Equations of Motion

The equations of motion for the satellite rotating about the orbital frame is derived using the
satellites angular momentum and moment of inertia, defined as
h=lw

where w = [wz] = [92‘ and is the time derivative of the Euler angles.
(OF] 9
3

From Euler’s Laws the time derivative of the satellite angular momentum is then

dh d(lw)
N = — X = =
P h o h+1 i lw
where
O _(l)3 (1)2
X = [ W3 0 —0)1]
_(l)z (1)1 0

and t is the torque acting on the satellite.
By rearranging the equation
®=-1"1wlw + 1717

where 171 for the principal moments of inertia found in Section 1.2 is

1
Y, o 0]
I_1= O 1/12 O
1
o o 1

Therefore the final rotational equations of motion are

rl, — 1 T4
z 3w2w3+—1
1 I1

w1 I, — 1 T
w,| = 3 1a)1w3+—2

I, I,
L -1 T3
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As done in Chapter 3, the Cowell’s Formulation will be applied to the rotational equations of
motion to propagate the satellite attitude over time using numerical integration. The state vector
is defined as

x1 _91_ 91_
[xz] %2 6,
v lml 1% e
= x| =161 = |y
x5 6.2 (1)2
X6 0, w3
The time derivative of the state vector is then
i wq i X4
_9'1_ “ (1)2 X5
. 1 0)3 x6
9,2 W2 [, =13 0aion + 71 [, -1 ox Ttotaly
X: ?.3 = 23 = Il 23 I1 = I1 576 11
6 . I3 -1 T2 I3 -1 Ttotal,
2] (1)2 (1)1(1)3 + T x4x6
92 0:)3 IZ Iz 12 2
0] I =1, T3 I =1L, Ttotals
(1)1(1)2 + - x4x5

Also seen in the previous chapter, perturbing forces, or in this case disturbing torques, are
added to the angular acceleration in order to best estimate the attitude of the satellite. The
disturbing acceleration is defined as

_Tl

. I

w1 7,

(1)2 = I_

. 2

Wslgist |15
‘13‘dist

Similarly to Chapter 2, the disturbing torques can be summed to find the total disturbance on
the satellite attitude. In this thesis, four disturbing environmental torques are considered as well
as a control torque, which will counteract the disturbing torques and orient the satellite to the
desired position. The torques are summed together below.

Ttotal = Tdisturb T Tcontrol = Tgg T TsR T Tmag T Taero T Tcontrol
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4.3 Disturbing Torques

The four disturbing torques studied in this thesis are: gravity gradient torque, solar radiation
pressure torque, magnetic torque and aerodynamic drag torque. These are the four most
prominent environmental torques experienced by a satellite in a Molniya orbit. Figure 4.3 shows
generally how the magnitudes of the four disturbing torques vary with altitude. Since the
Molniya orbit’s altitude is similar to a LEO orbit while at perigee and a GEO orbit while at
apogee, all four torques must be considered. The magnitudes shown in Figure 4.3 also vary
depending on the satellite shape and weight.

Aerodynamic

Gravity

Torque Influence

Solar Pressure

¥ Magnetic

1,000 ] 35,000
Altitude (km)

Figure 4.3: Disturbance Torque Effects vs. Altitude

In the following sections, the angular acceleration due to each of the disturbing torques will be
derived. Then, in order to implement the Kalman filter, the state matrix, F, made up of the
accelerations partial derivatives, must be determined.

4.3.1 Solar Radiation Pressure Torque

Particles and energy from the sun bombard the satellite throughout the orbit creating pressure
and torque on the satellite. The torque is created when the location of the satellite’s center of
mass is not the location of the satellite’s center of solar pressure, as it is in this thesis. The
variations in the satellite attitude due to solar radiation pressure torque are periodic and depend
on the reflectivity of the satellite as well as the direction of the sun.
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The solar radiation torque can be calculated using the following equation

E,
Tsg = — A(L + @) c0s(Binc) (Cps — cm)

where F, is the solar constant (1358 W/m?), ¢ is the speed of light, and A is the surface area
of the satelllte that is towards the Sun. The reflectance factor, g, the center of solar pressure, Cy;,
and the center of mass, cm, are all characteristics of the satellite and must be taken in to account
during its design. See Table 1.1 for these quantities. Last the incidence angle of the sun is @;,,,
which determines the direction of the disturbing torque

AN 3\

Vi

Figure 4.4: Sunlight on Satellite

Similarly to the solar radiation pressure perturbing force calculated in Chapter 3, the vector from
the sun to the satellite must be inputted in to the Kalman filter in order to determine the
disturbing torque created by the pressure. The vector from the sun to the satellite is

riO - risat
Tsat© =70 ~Tsat = | /O sat
rk@ - rksat
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Figure 4.5: Incident angles of Sunlight with respect to Body Frame

Then the incident angle of the sun with respect to the body frame can be defined by the angles «
and y shown in Figure 4.5 as

—1 /TsatO2
TsatO1

a = tan Y = sin" ' (Tsaro3)

Then the disturbance torque due to solar radiation, represented in the body frame is

Ul g A;cos (a)(Cps — cm),; E A;cos (a)A,
Ter? = [12] ==(1+ q) |A4zsin (@) (Cps —cm)z | = = (1 + q) | Azsin (@)A,
T3 ¢ Assin (y)(Cps — cm); ¢ Assin (y)A;

The center of pressure and center of mass components are equal except for along the b, axis.
Assuming the satellite is always oriented such that the normal vector of the solar arrays is always
pointing toward the Sun; the solar radiation pressure torque creates a motion only about the b,
axis, or pitch angle.

4.2.2 Gravity Gradient Torque

One of the assumptions of the two body problem was that the Earth and satellite were spherically
symmetric. Chapter 3 discussed the effects due to Earth not being spherically symmetric, now
the fact that the satellite is not spherically symmetric will be addressed. As previously explained,
Newton’s law of gravitational force states that the force due to gravity on a satellite is
proportional to the distance the satellite is to the central body. Since the satellite in this thesis is
not spherically symmetric, the portion of the satellite closest to Earth will experience a larger
gravitational force than the portion furthest from Earth. The difference between the gravity
experienced by the closest and furthest part of the satellite is called the gravity gradient.
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Figure 4.7: Gravity Gradient Torque

The gravity gradient creates a torque given as

g9
where
R 0 Ry3
03 = R°by = R°? |0 = [R23
1 R33
Therefore
0 —Rszs Ry [y 0 O7[Rys (I3=12)Rz3R33
ngo = 3(1)30;163 = 30)0 R33 0 _R13 0 12 0 R23 = 30)5 (11_13)R13R33
_R23 R13 O O O 13 R33 (12_11)R13R23

(I3 — 1) cos 65 cos 65 (cos 0 sin 6, sin 85 + cos 65 sin ;)
= 3w? (I; — I3) cos 65 cos 65 (sin 6, sin 85 — cos 6, cos B5 sin 6,)
(I, — I,)(sin 6, sin 85 — cos B, cos 5 sin 6, ) (cos 6 sin B, sin B3 + cos 5 sin 6 )
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4.2.3 Magnetic Field Torque

Magnetic field torque is caused by the interactions between the Earth’s magnetic field and the
residual magnetic dipole of the satellite. The torque depends on the Earth’s magnetic field and
therefore it varies depending on the satellite’s position in its orbit. The distubing torque due to
Earth’s magnetic field is

Tnag =D X B

where D is the satellite’s residual dipole and B is the strength and direction of the Earth’s
magnetic field at the radius of the satellite. Therefore, to calculate the torque acting on the
satellite a model of the Earth’s magnetic field, or a magnetometer, is required on board the
satellite. Using an on-board model of the Earth’s magnetic field is computational expensive but
does not require a magnetometer sensor on board. A magnetometer will be explained in the
following section.

4.2.4 Aerodynamic Torque

Aerodynamic torque is caused by particles in the Earth’s atmosphere bombarding the satellite. If
the satellite’s center of mass and center of drag are not co-located, the particles hitting the
satellite create a torque. Since the torque is caused by the Earth’s atmosphere, as the satellite’s
altitude increases, the aerodynamic torque decreases. The torque on the satellite is

Timag = EpCdsz(Cpa —cm)

where C; is the coefficient of drag for the satellite, A is the cross-sectional area and v is the
velocity. C,, is the center of aerodynamic pressure, p is the atmospheric density and cm is the
satellites center of mass. The atmospheric density model explained in Chapter 3 can be used
again here to determine the atmospheric density at the current location of the satellite. Similarly
to the other disturbing torques, knowledge of the location of the satellite is necessary to
determine the torque acting on the satellite.

To summarize, the four disturbing torques considered, in this thesis, are gravity gradient,
solar radiation pressure, magnetic and drag. These torques add together to form the disturbance
torque seen in the equation for total torque

Ttotal = Tdisturb T Tcontrol = Tgg T TsR T Tmag T Taero T Tcontrol

The next step is to define the control torque needed to maneuver the satellite in the desired
motion. Once the control torque is determined the final equations of motions will be numerically
integrated and used as the “prediction” phase of the Kalman filter implementation.
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4.4 Attitude Control

In order to perform a desired mission, a satellite must not only accurately determine its attitude
but control its attitude. The satellite in this thesis uses both control moment gyros and thrusters to
control the attitude. Control momentum gyros (CMG) are a commonly used in satellite attitude
control systems since they have low power requirements. CMGs are made up of a spinning rotor
and motorized gimbals that use the conservation of angular momentum to change the satellite
attitude. The spinning rotor is tilted by the gimbals to create a gyroscopic torque that changes the
satellite attitude. Another form of attitude control is thrusters. Thrusters are attached along all
three axis of the satellite and positioned at the satellite’s center of mass. Fuel consumption and
hardware degradation are the limiting factors of thrusters. In this thesis, it is assumed that the
satellite’s CMGs and thrusters are able to change the attitude of the satellite in the desired control
motion seen in Figure 4.11.

Satellite Maneuver
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Yaw (degree)

Figure 4.11: Desired motion of satellite

As derived in the previous section, the rotational equations of motion applied in this thesis are
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where the torque applied to the system is a sum of the disturbing torques as well as the
control torque seen below

Ttotal = Tdisturb T Tcontrol = Tgg T TsrR T Tmag T Taero T Tcontrol

This section will focus on developing the control torque needed to maneuver the satellite in a
spiral type motion seen in Figure 4.11. This motion will test the accuracy of the Kalman Filter
algorithm since the Euler angles change rather quickly.

The desired motion is

10e7%92tcos (11.4592t)

0, 10e~%02tsin (11.4592t)
63 sin (2.8648t)

where the angles are in degrees. The needed acceleration to perform this maneuver is

02| = [—0.002¢°00%g,

W32
—0.000265

[d)ll —0.002¢%00%tg,
w3

The time derivative of the state vector becomes

wq 1T X4
o)) X5
. w3 X6
X =1-0.002¢%00%g, | = [ —0.002¢%00% x,
—0.002¢%0%g, [ | —0.002£000%,
—0.00020; | | —0.0002x,

The satellites attitude is seen in Figure 4.12. This is the motion that will be used in the
Kalman filter.
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Satellite Attitude Manuever
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Figure 4.12: Satellite Maneuver

Now that the rotational equations of motion have been defined they can be used to find the
state transition matrix for the prediction phase of the Kalman filter. Next the sensors used to
input measurements in to the correction phase of the filter will be explained.

45 On-Board Attitude Sensors

In order to conduct the desired mission, the satellite must accurately determine and control the
attitude. A satellite’s attitude can be determined by a variety of on-board sensors. Each type of
sensor has its advantages and disadvantages. The four cases of attitude determination in the
thesis correspond to four sensors on board the satellite and are: magnetometer, Earth sensor, Sun
sensor and star trackers. How each sensor works and their typical errors are explained in the
following sections.

4.5.1 Magnetometer

A magnetometer determines the attitude of the satellite by measuring the magnetic field in the
satellite’s body frame and comparing the measured field to that of the predicated field in the
satellite’s orbital frame. The predicted magnetic field of the Earth in the satellite’s orbital frame
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is derived from a chosen model. Therefore, the Euler angles can be determined from the rotation
matrix needed to transform the magnetic field in the satellites orbital frame to the measured field
in the satellite’s body frame.

— pbo
Mbody_R Morbital

Therefore
-1
R = MbodyMorbital
Then
yaw = 6, = sin"*(R%¢
Rbo
it h, =0, = si -1/ 32
pitc 1 = sin™( o 92)

bo

Il = 65 = cos™ 1 (—=
ro 3 = COS (cosez)

An advantage to magnetometer attitude sensors is that they are lightweight and have low
power consumptions. A disadvantage to magnetometer sensors is the rather large inaccuracies,
about 1 degree, when compared to the other attitude sensors available. These errors arise from
the errors of the Earth’s magnetic field model. The magnetometer has the highest errors of the
attitude sensors used in this thesis.

45.2 Earth Sensor

An Earth sensor uses the location of the Earth to determine the attitude of the satellite. Typically,
infrared cameras are continuously determining the location of the Earth relative to the satellite’s
body frame. Then the location of the Earth relative to the satellite’s body frame is compared to
that of the orbital frame to determine the Euler angles. The math is similar to the magnetometer
derivation above, except for rather than a magnetic field vector, it the vector from the Earth to
the satellite’s body and orbital frame. Earth sensors are more accurate than magnetometers as
well as being low cost and reliable. The Earth sensor used in this thesis has typical errors of 0.2
degrees.

4.5.3 Sun Sensor

Similar to the Earth sensor, a Sun sensor determines the orientation of the satellite by comparing
the Sun’s position vector measured in the satellite’s body reference frame to the Sun’s position
vector known in the orbital reference frame. The sun sensor uses on-board photocells to
determine the incident angle of the Sun. The Sun sensor used in this thesis has errors of 0.15
degrees.
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454 Star Sensor

Star sensors determine the attitude of the satellite by capturing images of stars seen in the
satellite’s body frame and comparing them to a catalog of star constellations. A star sensor is
highly accurate but requires more power and is the heaviest of the four sensors used in this
thesis. Therefore, the engineers designing the attitude control system for the satellite must weigh
the cost and benefits of each of these four sensors in order to design the satellite to best meet the
mission requirements.

To summarize, four attitude determining cases will be studied corresponding to the four
attitude sensors explained above. A summary of the errors and update rates of the four sensors
are shown in Table 4.1. The update rate is important since not only are small errors required to
best determine attitude, but also short durations between measurement inputs in to the Kalman
Filter. Therefore, a very accurate sensor that only inputs measurements ever minute may be less
effective at determining attitude than a less accurate sensor that updates once a second.

Error Update rate
Magnetometers 1° 0.1 sec
Earth Sensor 0.2° 0.1 sec
Sun Sensor 0.15° 0.25 sec
Star Sensor 5.6x107%° | 0.25 sec

Table 4.1: Errors and update times for Attitude Sensors

4.6 Kalman Filter Implementation for Attitude Determination

Now that the acceleration of the Euler angles and the measurement devices used to determine the
attitude of the satellite have been explained, the Kalman filter can be implemented. First, the
observation matrix must be formed. Since the attitude sensors measure the position and velocity
of the Euler angles, the observation matrix is just the identity matrix.
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rd6; 06, 06, 060, 00, 06,7
d0, 06, 00, dw; 0w, Jws
26, 06, 06, 26, 06, 00,
d0, 06, 00, dw, Jdw, OJw;

90, 06, 00, 06, 06; 06, I[é (1) 8 g 8 8}

H:%: 00, 90, 00; Odw, Ow, OJdws :I 010 0 0|
0X dw; Odw; Odw; Odw; Jdw; OJw; | 0 001 0O |

30, 00, 086; Odw, 0w, 0ws l0 0 00 10

0 0 0 0 0 1

dw, OJdw, 0w, OJdw, OJdw, Jdw,
06, 060, 06; Ow; OJdw, OJdws
dw; Odwz Odwsz Jw; OJdwz OJws
(06, 00, 005 dw; OJw, Jws;]

The state matrix, F, is developed by linearizing the state vector by taking the partial
derivatives of each element with respect to the position and velocity components. For the
undisturbed rotational equations of motion

w1
. Wy
?1 w1 W3
6.)2 @2 I, =13
X— 93 _ (1)3 _ Il (1)2(1)3
0, Z_))l L-L
?2 wz I 1W3
0 I, -1,
I W1W2
3
the state matrix is
dw; Odw; Odw; OJw; Jdw; Jw;q]
06, 06, 005 dw; 0w, OJws
dw, Odw, Jdw, OJw, OJw, OJw, 0 00 100
0 0 O 0 1 0
a6, 06, 06; Odw; OJw, OJdws
0 0 O 0 0 1
a(lJ3 aa)g aa)g a(l)g a(l)3 a(l)3 12 —_ 13 12 — 13
F = 691 692 693 60)1 60)2 a(l)3 _ 0 11 w3 11 o))
= 6(1_)1 aa)l aa)l a(l)l 6(1)1 6(1)1 - 0 0 0 13_11 13_11
90, 96, 0865 Ow, 0w, dwsz| [0 0 O @3 @1
. . . . . . 0 0 O 2 2
dw, Jdw, Jdw, Jdw, Jdw, Jw, I -1, I, — 1,
691 692 693 a(l)l a(l)z a(l)3 13 (1)1 13 (‘)1 0
Jdwz Odwz Jdwz Odwz Jwz OJws
[06; 06, 004 Jw; OJw,; Jdwsl
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For the perturbed rotational equations of motion

wq
L W-
Ql W17 W3
92 (1)2 12 — 13 Tl
2] w5 WywW3 + 7
X =|23= = 1 Iy
01 (f)l I3 -1 T3
i ap) [ @193 + N
2 Lo 2 2
03 I -1 T3
wiwy +—
I5 I
the state matrix, F, is then
0 0 O 1 0 O
0O 0 O 0 1 0
0O 0 O 0 0 1
10ty 10t; 10t 1 dty I, =I5 10ty L—1; 1 dty
— — — i w3 +——— Wy +———
10t, 10t, 10dt, I3—-1 1 dt, 1 dt, -1 1 dt,
— — — w3 +—=— ——= o+
1 6T3 1 6T3 1 6T3 11 - IZ 1 6T3 11 - IZ 1 6T3 1 6T3
— — — W, +—— w; +—— —_——

Just as in the orbit determining Kalman filter each of the perturbation forces have individual state
matrices that can be added to one another.

F= Ftorque free T l:‘control + Fgg + FSR + Fmag + Fdrag

Where the state matrix corresponding to each torque is

coo
o000 &
coo

7, 10t

10t;, 10t;, 10t 10t; 1
F=|L06, 1,06, 1,00; 10w, 10w, 1 dws
10t, 10dt, 101, 10t, 10dt, 101,
1,00, 1,00, 1,005 l,00w; l,0w, L, 0w,
10t; 10t3 10715 10t; 1013 1 015
1,00, 1,00, 1,005 130w, l;0w, 0w,
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In Section 4.4, the time derivative of the state vector was formed in order to perform the desired
maneuver. The time derivative of the state vector is

w1 1T X4
w5 X5
. w3 X
X =1-0.002¢%00%g, | = | -0.002¢%00% x,
—0.002e%0% 9, | | —0.002¢%0%9x,
~0.00026; 1 | —0.0002x,

Therefore the state matrix is

dw; 0w, O0w; OJdw; 0w, O0wq]
06, 06, 00, Jw, OJdw, Jdws
dw, OJdw, 0w, OJdw, Jdw, OJw,
00, 060, 00; Ow; OJw, Jdws
dw; Odwz Jdwz Jw; OJdwz Ows
060, 060, 00, Jw, OJdw, Jdws
dw, Jdw; Jdw,; OJdw; Jdw; OJw,
060, 00, 00, Jw, Jdw, Jdws
Jw, Jdw, Jdw, Jdw, Jdw, 0w,
00, 060, 00, dw; OJw, OJws
dw; Odwz Jdwz Jdwz Jdwz 0wz
(06, 00, 004 dw; OJdw, OJws;l

0 0 O 1 0 0

0 0 O 01 0

_ 0 0O 0 0 1
~ | —0.002¢0-009t 0 0 0 0 O
0 —0.002¢0-009¢ 0 0 0O

0 0 —0.0002 0 0 0.

Now that the observation matrix and state matrix have been defined, the Kalman filter can be
implemented and run using the different types of attitude determining sensors to best estimate the
attitude of the satellite.
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4.7 Results of Attitude Determination Algorithm

Now that the Klaman filter algorthim has been developed, it can be run using different types of
attitude determing sensors. Figure 4.12 shows the controlled attitude manuerver used to test the
algorithm. This manueaver changes the pitch and yaw angles quite rapidly, which could lead to
inaccurate attitude estimations if the algorithm is not robust enough. The next four sections
correspond to the cases run for the four attitude sensors. First, the magnetometer sensor, which is
the most inaccurate.

4.7.1 Magnetometer

The magnetometer sensor used in this thesis has the errors and sample rate listed in Table 4.1.
The actual and estimated Euler angles and measurements are plotted in Figure 4.13. Zooming in,
Figure 4.14, shows how the estimated attitude uses the measurements to update the predicted
attitude but with fairly large errors. The errors are seen in Figure 4.14. The standard deviation of
the errors for the attitude determined using a magnetometer sensor is 0.2 degrees. The normal
distribution of the errors seen using a magnetometer is plotted in Figure 4.15.
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Figure 4.13: Satellite Attitude Determine Using Magnetometer
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Attitude Determined Using Kalman Filter with Magnetometer Measurements Every 100 ms
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Figure 4.14: Satellite Attitude Determine Using Magnetometer
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Figure 4.15: Errors in Satellite Attitude Determine Using Magnetometer
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Figure 4.16: Probability Distribution of Errors in Satellite Attitude Determine Using Magnetometer

4.7.2 Earth Sensor

The Earth sensor used in this thesis has the errors and sample rate listed in Table 4.1. The actual
and estimated Euler angles and measurements are plotted in Figure 4.17. Zooming in, Figure
4.18, shows how the estimated attitude is corrected with the inputted measurements to predict the
attitude. The attitude is estimated more accurately than with the magnetometer measurement
inputs. The errors in attitude for the three axes are seen in Figure 4.19. Notice that the errors are
larger when the angular rate of change is higher. This confirms the findings found in Chapter 3,
an increase in distance covered between measurement updates increases the errors determined by
the filter. The error distribution is plotted in Figure 4.20.The first standard deviation of the errors
for the attitude determined using an Earth sensor is 0.05 degrees.
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Attitude Determined Using Kalman Filter with Earth Sensor Measurements Every 100 ms
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Figure 4.17: Satellite Attitude Determine Using Earth Sensor
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Figure 4.18: Satellite Attitude Determine Using Earth Sensor
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Attitude Error with Filter with Earth Sensor Measurements Every 100 ms
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Figure 4.19: Errors in Satellite Attitude Determine Using Earth Sensor
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Figure 4.20: Probability Distribution of Errors in Satellite Attitude Determine Using Earth Sensor
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4.7.3 Sun Sensor

Below are the results of the attitude determining Kalman Filter algorithm using the sun sensor
attiude measurments every quarter of a second. From Figure 4.22, it is seen that the filter is
esitmating the attitude quite accuratly. The attitude errors from the algorithm are seen in Figure
4.23. The fisrt satandard deviation of the errors computed using the sun sensor is 0.06
degrees.The errors are similar to the Earth sensor, even though the sun sensor has higher
accuracy, since the sun sensor inputs measurements half as often as the earth sensor. Therefore it
is shown that both accuracy and time interval between measuemenrts are important in computing
the attiude of the satellite using the Kalman filter developed in this thesis. The error distribution
for the attitude determined by the sun sensor is seen in Figure 4.24.
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Figure 4.20: Satellite Attitude Determine Using Sun Sensor
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Attitude Determined Using Kalman Filter with Fine Sun Sensor Measurements Every 250 ms
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Figure 4.21: Satellite Attitude Determine Using Sun Sensor
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Figure 4.23: Errors in Satellite Attitude Determine Using Sun Sensor
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Normal Distribution of Errors for Sun Sensor
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Figure 4.24: Distribution of errors in satellite attitude determined using sun sensor

4.7.4 Star Sensor

Last but not least, the attitude of the satellite is determined using star tracker measurements every
quarter second. Star tracker measurements are far more accurate than the other three sensors used
in this thesis. Therefore, even with the time step being a quarter second rather than a tenth of a
second, the errors in attitude are far smaller with star tracker measurements than with the other
three sensors. The standard deviation of the errors in attitude determined by the Kalman filter
using star tracker measurements is 0.0006 degrees. The error distribution is plotted in Figure
4.28. A plot all four error distribution is seen in Figure 2.29.
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Attitude Determined Using Kalman Filter with Star Tracker Measurements Every 250 ms
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Figure 4.25: Satellite Attitude Determine Using Star Tracker
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Figure 4.26: Satellite Attitude Determine Using Star Tracker
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5 Attitude Error with Filter with Star Tracker Measurements Every 250 ms
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Figure 4.27: Errors in Satellite Attitude Determine Using Star Tracker
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Figure 4.28: Distribution of errors in satellite attitude determined using star tracker
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4.7.4 Summary

To summarize, both the accuracy of sensors as well as time between measurement updates
influences the total accuracy of the attitude determining Kalman filter developed in this thesis. It
is shown that star tracker sensor determines the satellite attitude with 300 times the accuracy then
the magnetometer. However with accuracy comes greater weight and power consumptions.
When designing the attitude control system of a satellite, the engineers will need to perform a
trade study on attitude accuracy requirements with weight and power availability to determine
the best sensors for the satellite.
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Figure 4.28: Summary of distribution of errors in satellite attitude determined
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Chapter 5

Conclusion

This thesis details the development and implementation of an attitude and orbit
determining Kalman filter algorithm for a satellite in a Molniya orbit. For the Kalman filter to
determine the orbit of the satellite, the equations of motion were propagated using the Cowell’s
formulation. Four types of perturbing forces were added to the two body problem in order to
increase the accuracy of the orbit prediction. These four perturbing forces are: the Earth’s
oblateness, atmospheric drag, lunar gravitational forces and solar radiation pressure. All four
perturbing forces were added to the model since the satellite is in a Molniya orbit and therefore
both the perturbing forces that occur at low altitudes and high altitudes must be considered. Next,
measurements of the satellite’s position are added to the Kalman filter in order to correct the
predicted orbit. Two cases were studied, the first being the implementation of site track
measurements, inputted when the satellite was over the ground station. It is shown that with each
ground site pass, the errors in the predicted orbit decrease. However, large errors, upwards of
ninety meters grow as time from last measurement input increases. The next case studied was
continuous measurement inputs from a GPS receiver on board the satellite throughout the orbit.
This algorithm greatly decreased the errors seen in the orbit determining algorithm. This is due to
the accuracy of the position measured by the GPS sensor and the constant measurement update
throughout the orbit. In summary, the orbit determining algorithm using GPS measurements
throughout the orbit is much more accurate than a site track orbit determining implementation.

Next the Kalman filter is applied to determine the satellite attitude. The rotational
equations of motion are propagated using the Cowell’s Formulation and numerical integration.
To increase the fidelity of the model four disturbing torques are included in the rotational
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equations of motion. These four disturbing torques are gravity gradient torque, solar pressure
torque, magnetic torque, and aerodynamic torque. The measurement input stage of the Kalman
filter used on-board attitude determining sensors. Four cases were studied, one for each of the
on-board sensors: Magnetometer, Earth sensor, Sun sensor, and star tracker. A controlled attitude
path was chosen to test the accuracy of each of these cases and it was shown that the algorithm
using star tracker measurements was 300 times more accurate than that of the magnetometer
algorithm.

Therefore, if attempting to design a light weight payload with a computationally
inexpensive orbit and attitude determining system, trade studies can be evaluated to determine
what type of sensors to use on-board the payload. If only a GPS sensor is used, for both the
attitude and orbit determining system, models of the location of the Sun and Moon, and Earth’s
magnetic field will be needed on board if calculating the perturbing forces and disturbing
torques. However, it is possible that the attitude and orbit can be determined without a GPS
sensor by using the site track method along with an on-board Sun sensor and magnetometer.
Trade studies between cases such as the ones described above can be performed in order to
determine the best orbit and attitude determining system to use. If a payload can accurately
determine the satellite orbit and attitude without interfacing with the host satellite, the number of
interfaces between the host and payload is greatly reduced. By reducing the number of interfaces,
the integration of the payload on to the host satellite is greatly simplified, reducing development
time and cost.

5.1 Future Work

Like in any model, assumptions were made to simplify the model and reduce computation time.
For future work, these assumptions could be changed or removed, adding to the complexity and
accuracy of the model. For example, the atmospheric model chosen in this thesis was time-
invariant, therefore did not take in to account the Sun’s diurnal and sun spot cycle. The
atmospheric model only took in to account the altitude of the satellite. Since both the
atmospheric drag perturbation force and aerodynamic disturbing torque calculations used this
model, the accuracy of both could be improved by introducing a more accurate model. Also, the
solar radiation pressure that created a disturbing torque on the satellite, as well as perturbing
force on the orbit, was found assuming the Sun was stationary over the orbit and duration of the
algorithm. Therefore, to make this algorithm self sufficient for the life of the satellite, the sun’s
incident angle measured by the Sun sensor could be inputted alongside the measurements into
the orbit determining algorithm. Similarly, the lunar gravitational effects on the orbit of the
satellite were determined assuming the Moon’s position relative to Earth remained constant over
the time of the satellite orbit.
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Another idea for future work would be to study how the Kalman filter accuracy would
change when using dynamic weights in the error covariance matrices, R and Q, rather than the
static ones used in this thesis. By adding dynamic weights or more accurate perturbation
accelerations, the complexity and accuracy of the model increases. Therefore, an engineer
developing a satellite attitude and orbit determining system will need to determine what level of
accuracy and therefore complexity is required for the specific satellite.
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APPENDIX

Development of State Matrix for Earth’s Oblateness

Below are the individual partial derivatives that make up the State Matrix pertaining to Earth’s
oblateness.
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