CALCULATIOR OF THE WAVE DRAG CUE TO LIFT FOR AN ARBITRAHY
RECTILINEAR-FLALFOR: SING-BODY CCuUSINATIOR
by
Halter B’.%isbnd
Theais submitted to the Graduate Faculty of the
Virginia Polytechnic Institute
in candidacy for the degres of
HASTER OF SCIENCE
in
Aeronautical Enginsering

APPROVEDs AFFROVED:
Director of Graduate Studies hHead of Departaent
Dean of Engineering Supervisor
June 1958

Blacksburg, Virginia



I.
II.
111,
Iv.
V.

VI,
ViI.
VIiI.
IX.

XI.

-2-

TABLE OF CONTENTS

LIST OF FIG vm [ 4 [ L4 [ ] L] L] [ L ] L L ] L] o .

I:‘T"‘OD’JCTIO:: ¢ & & o o ¢ O o6 o 6 o & & o

LIST OF SY‘J Elow L[] [ ] L] [ ) L] L] L] L ] L] [ ] L[] L] [ ]

4ETHOS OF AHALYSIS o o o o ¢ 0 o ¢ ¢ o o

A!K‘LYSIS..OOOCOOOOOOOOOO

A,

Body of Revolution « ¢ ¢ ¢ ¢ o o &
Wing With Subsonic Leading Zdges .
filng Sith Supersonic Leading Ldges
Twisted TADE o ¢ ¢ o ¢ o ¢ ¢ o o »
Body Induced Upwash o« « ¢ o o o o o

SAUPLE CALCULATIONS o o ¢ ¢ o ¢ ¢ ¢ o o o

DIS c us-‘; ION e & @& 6 o 6 ° 6 @ o O ¢ o 0 o

COSCLUS 10“3 @ o 6 ¢ &6 o © & 6 o O o o 0o o

ACKNOULEDGELENTS o o o o 0 ¢ 6 o 0 0 o o

BIBLImRAPlir e 6 &6 06 & o 0 & 0 0o 0o 0o o o

VITA

PAGE

15

16
20
25
27
28
36
39
Lo
Ll
L2



I. LIST OF FIGURES

FIGURBE

1. Gawalsyaumori;mmasooooooooooooooo

2. Pressures acting on the Obliqus Sections Lying in the

Bach Plan®8 « ¢ ¢ o ¢ o ¢ ¢ o ¢ ¢ 06 ¢ 06 0 0 6 0 0 0 0 @

3. Scheme of Integration for Deteraining the Oblique Section

'Lmooooooooooooooooo'oo.

L. Interference !iodel of Lagerstroa and Van Dyke .
S. Interference iodel Used in Analysis . « « « « &
6. uodel Used in Saaple Calculations . « « « « o &
7. Distribution of §l/2q for a Typical Wing Body

Configuration. © ®* 0% ¢ o ¢ ¢ ¢ o o o o o o o
8. Distribution of (l/2q for a Typical Ning-body

Combination. © ®L50 . . . ¢ v ¢ o o o oo
9. Distribution of pl/2q for & Typical Wing-Body

Coabination. « o o o o ¢ ¢ ¢ ¢ 6 6 0 0 ¢ o o o
10. Cozmparison of the Distributions of {l/2q for a

Sears-fiaach Eody of Fineness Hatio 12.5 and & Lyumetrically

Indcntedﬂody......................

*

[ ]

.

PAGD

13
29

30

k)

35

37



II. INTROCUCTION

A paper by lomax (ref. 1) shows that the wave drag of an object in
@ steady supersonic flow is identical at a fixed .ach number to theiwave
drag of a series of equivalent bodies of revolution. The sire..wise
gradient of cross-sectional area of these ejuivalent bodies of revolu-
tion is given by the suz of two quantities, nacely:

1. The streamwise gradient of area, measured in oblique planes tan-
gent to the ilach cones, along the given object,

2. A tara proportional to the resultant aerodynaxic force on the
object msasured in the sane oblique planes.

If the body is considerad to te planar (which is the case for most
slender wing-body coabinations) then the two Quantities above may be
treated separately and will yisld the wave drag duo to thickness and the
wave drag due to 1ift, respectively. The wave drag due to thickness can
be computed solely from a knowledge of the geonetry of the body as is
indicated by the transonic area rule (ref. 2) and the supersonic area rule
(refs. 3 and ). The wave drag due to 1ift, however, can be deterained
only if both the geometry and the pressure distribution on the body are
known. 7This knowledge always, of course, fixes tho drag of the body.

It will be the purpose of this thesis, then, to apply linearized
supersonic theory to rectilinear plan fora wing-body combinations in an
effort to derive expressions which will predict the shape of the equivalent
bodies of revolution without a prior knowledge of the pressure distribution,
Then it will be possible to deteruine both the wave drag dus to thickness
and the wave drag due to 1ift solely froa the geonetry of the wing-body
conbination.



III. LIST OF SYMPOLS

a Slope of ray from origi_xg, 8 jz‘
Slope of Mach linas
b ving span
G pressure coofficient,
local pressure - Free-stresn pressure
qQ
&, differential pressure coefficient, c,m - cpw
CR 100t chord
D vave drag
E'(m) cosplete elliptic integral of second kind of
zodulus \ll-_na
L(0) downstresn limit of distribution of B1f2q for
constsnt 0 '
=14 (0) upstream limit of distritution of P1f2q for
constent, ©

1 or 1(e,9) oblique section 1ift

M free~-stream Mach number

n 319&“%, B cot A
Slope of ¥ach lines

- Slope of trailing edge
Slope of Mach iines

q fres-strean dynamic pressure

r body redius
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average body radius in vicinity of wing-body Juncture

oblique section area

Slope of ray froz leading-edge tip  y,u
Slope of :ach lines * b Xa

Cartesian coordinates in body-axis system

Cartesian coordinates with origin at leading-edge tip
axial coordinate with origin at wing apex

angle of attack

roll angle of ifach cutting planc

angle of sweep of leading edge measured froa y-axis

angle of sweep of trailing edge measured from y-axis

intersection of iach cutting plane with body axis
aeasured from nose of configuration

intersection of #ach cutting plane with body axis
measured {roa wing apex

angular displaceacit of body radius p, from s-axis

angle bstween intersection of Yach cutting plane with
wing-chord plane and body axis, cot=l(; sin ©)

incremental element of length along intersoction of
¥ach cutting plane with wing-chord plane



- '] -
IV, JETHOD OF ANALYSILS

The wave drag of any lifting or nonlifting object in a supersonic
strean is given by (see ref. 1)

/; L(e) L(S) [ ]
- . - 3 - |}
TR / e Lx(e)dxz e

()
[_;"(xz,e) - ~2% 4 (xz,eﬂ 1n|xy - xp|

where G5"(x,8) 4is the second derivative with respect to x of the
obligue section area and 1'(x,3) 1is the rate of change of the obligus
scction 1lift with respect to x. The cvordinate systea is shown in
Figure 1,

Zquation (1) was derived frou the limsarized potential equation
for supersonic flow oy exgressing the wave drag in terms of the pertur-
bation velocities induced by the object on an enclousing oylindrical
control surface of infinito radius. This control surface is parallel
to the free-streaa direction., The only aprroxizations in equation (1)
are those basgic to linearized superscnic flow,

In tha case of a planar systean, that 1s, a systea in which the
surfaces ars everyshere close to & given plare, Lomdx has shown that

equation (1) reduces to



Figure 1.- General system of coordinates.
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Figure 2.- Pressures acting on the oblique sections lying in the
Mach planes
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D 1 2n . L(&) L(e) ]
a. -h—i‘/(; duf [ dxp 3"(x3,9) zn|x1 —x2| -

R -1y (8) -Ly(9)
(2)
1 2n ds L(a) L(Q) dx Y l'( 9) 1'( 9) | l
3 4 X3 ,6 X5,9) lnjxy =
Ln? / Ll(b) o ENC R (fE) b 22 1%

The first part of ecquation (2) yields the wave drag dus to trickness,
Inis coaponent of the total wave drag can be deterained by the zethod
of reference 5 from the streumwise gradient of the normally projected,
obliguely cut arcas, S'(Q,G). The sccord cozponent of the total wave
drag, the wave drag due to lift, can alsc te obtuined by the asthod of
reference 5 if the quantity 3'(‘,9) is replaced by -~ pl(g,s)/?q. In
refersnce 1 l(‘,é) is defined as ",,. the 1ift (the coaponent of nst
resultant force parallel to the & = constant plane and normal to the
frea stroan) on a given section formed by the intersection of a Lach
rlane with tie airplane surface,..” If the airplans is fixed and the
Zach plapes are rotated about the x-axis l(‘,é) repraseasts the
resultant obliquely cut section force noraal to tho f{ree svreaa ard
parallel to the pline 2 = coustant (ses Figurs 2).

Two siaplifyi g assuaptions which will be usod in the following
analysis are:

1. The wind axis specified in the theory of reference 1 will
be replaced by body axis siice the angle of attack is saill.

2. All pressures will be considered as acting on & projection

of the wing-body cumdination on the x,y-plans.
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Utilising the definition cof z(",e) and the siaplifying
assunptions listed above a general expression for the axial distribution
of jl/2q can be developed. 'iitn the aid of the graphical representation
of Figure 3 it is seen that

ﬁ.(iﬁ). .Tz.:s?a:.n.rfca" (3)
2|1 « [‘8in%

where d°9 indicates integration along the intersection of the :ach
cutting plans with the horizontal (or x,y) plane of the object. The
local 1ift coefficiont 4Cp is a function of both x amd y. Along
the 1line of integration, however, x = ;ysin® + ¢ (see Figure 3) ard

equation (8) can thus te rewritten in terms of y as follows,

_ ;szzgz,sz .- pcgaa /écp dy ()

since dy = d¥g/\/1 + ;2sin®c

It now becoxes nscessary to consider the manner in which the load
is distributed over the surfuce of a typical wing-body coabination.
lieference 6 indicates that the lift of a coaplete configuration, with the
wing at an angle of attack oy, and the body at anm angle of attack ap,
is egual to the 1lift of tne isoliated body plus the lift of the two con-
figurations on the right hand side of Figure 4. In each of these two
configurations the body is at an angle of attack of zero and extends to
infinity ahead of the wing; in ths orne cause the wing is at an angle of



Free stream

Figure 3.- Scheme of integration for determining the oblique section lift.
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Figure L.- Interference model of Lagerstrom and Van Dyke.
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Figure 5.- Interference model used in analysis.
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attack ay, and in the other case the angle of attack, ay, which varies
with the spanwise position along the wing. The ancle a,; 4is the upwash-
angle distribution around the isolated body at an angle of attack gy
and is given by (ses ref. 7)

ay = ap (E)® (5)

%hen deteraining the lineal distribution of jl/2q due to argle
of attack the following procedure will be used. The pressures on the
body alons will be determined froz slender body theory. The pressures
on a wing alone, in the region shown in Figure 5, will be coaputed, and
the pressures on the exposed wing dus to body upwash (wing will be treated
as if it were twisted with the angle of attack distribution gq;) will be
found. 7The total distribution of ;1/2q for a wing-body combination at
an anglo of attack will be the sun of the three coaponents discussed above.
It should be noted that the two wing configurations on the right hand
side of iigure 5 ars not equivalent to the corresponding wing configurations
in Figure L. A rigorous solution of the flow about the wing configuration
in Figure 1 has not been published. Therefore, in order to obtain useful
approximate values for the local 1lift coefficient on the wing and on the
body, two assuaptions are made. The first of these assuzptions is that
the cylindrical body can be replaced by a flat plate in the plane of the
wing (but upwash 1s still taken to be that around the cylindrical body).
The m assuzption is that the influence of the wing on the body is
confined to the area bounded by the iach linss extending froa the leading
and trailing edge wing-body Juncture.
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V. ANALYSIS

A. Eody of Revolution
The pressure distribution on a slender body of revolution due to
an angle of attack ag 4s given in reference 8 as

aCp = 8ap %’-‘; cos @ (6)

where ¢ is the angular diéplacoaent from the positive 2 axis.

If the body is slender the integrated load on a section formed by
the intersection of an oblique cutting plans with the body surface is
approximately the saze as the integrated load on a cross-section normal
to the body axis. Thus the distribution of {l/2q may be written as

" r/2 |
-'--poose/ 4C, r 8in ¢ dp (7
Q3 o) %
Upon substitution of equation (6) and completion of the reguired integra-
tion equation (7) bacomes

-8la. dr
% Lpagrooss <3

or (8)
das
2q n papcoss dt J

where sBody is the cross-sectional area distribution of the body norazal

to the free streaa,
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B. Wing With Subsonic leading Edges

Sketch 1.

The flov field over the wing shovn in sketch 1 can be determined
from conical flow relations. Yhen integrating the loading along the
cutting planc in arder to determine B1f2q the problem is simplified if
only half of the ving pansl {s considered at one time. Consider first
the right wing panel. The loading in region (1) (see ref. 9) is given
by the relatican

(9)

o knau
& BE'(m) [m2 - a2

Combining equation (9) end equation (4) ylelds

Feve gnzo. cos 0

409
(1) 1 + p2%1n®s E'(m) ‘[ Vo - &2

(10)

Bl
R
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Making the substitutions e = fy/fx, andl x,; = By sin 9 4+ ¢, and
performing the specified integration equation (10) deconcs

py[Fe¥- - 2fat, cos 0 -sin 9z° - a2
L (1) B(1 - z21n20)E'(n) | L - & 8in 0

la o Bo
sin 2 - or°gin 0
neangind (11)

|1 = z2oin0

L 4

hr !

The limits of integration a; end a8, arc tho inboard and outbosrd intere
scctions, respectively, of the Mech cutting plane with the boundsries of
region (1) for the right wing rancl. These limita are in tcras of the
conical coordinate a. The subserivt w indicates that thg coordinates
%, and ¢, are mcasured from the wing apex and not fram the nose of the
wing=body combination.

Equation (11) is also valid for the left wing penel. However, the
values for & and n will be negative.

In region (2) the integration of tho loeding along the intersection
of the lMach cutting plane and the ving involves the integration of a
cambination of complete and incomplete ellintic integrals. Thisg intee
gration 18 not straight forwerd ond will not be attempted here. However,
the lack of on expression for B1f2q {n this region generally will have
littlec effect upon the accuracy of the distridution for the total wing,
since the 1lift in this region is small in compariscn to the lift of the
total wing (see ref. 9).

When the ving has a subsonic trailing edge the yressure coefficiant
in region (3) 18 gliven by an expression not suitable for direct integration.



Thercfore, the chordwise rresgure distribution in this region vill be
approximated by a triangular distridbution. A comperison of the two
loadings 18 shown in sketeh 2.

L0
P(=)

Skotch 2.

It should be noted that the area under the two curves is the seme 8o
that the total lift {5 unaffected by the use of the approximate rressure

distridution.
The approxinmate pressure coefficient in regton (3) is

8(1/ny = 8in 0)y + (cg = &)

“a3) * “p(a) S/ < Dy (2
vhere
P hafa
P BE'(n) |22 - a2
and

8y
By +cR

a=s




-ly =
Thorefore,

-1 (8y + cg) L(l/“t - 8in 0)gy + {cg - 5,,21
ﬂzzv(m)(llnt - B) y\!(uz - 0832 + 2&‘2%( . enanz

Ap(3) = (13)

Performing the integration of Acp(” along the cutting plane in the oenney
prescrided by equation (&) yields

.E&\ _ofacos s |(ifa - etn6)
R -0 | (-

{(a® - 10832 + 2p0%cgy ¢ ocp® +

B(-(xnz - 1)(cg - &) + °R(1/“‘h - sin 9)>Mu’.l<a(z::2 -l)y ¢ m2c3> )

PR} &cn

N

(cR - t.v) \]Da(ma - l)y2 * annzcay onzcna + mep °

log + fn
n y

41
(138)

If the area of region (3) 1s small cogpared to the total wing area a
further approximation of the loading in regicn (3) can de used. Assume
that the wing has & new trailing edze given by the line which bisocts the
angle formed by the old trailing edge and the Mach line emanating from the

trailing edoe vertex (sec sketch 3). Bext asgune that all of the wing
ahced of the new tralling edge and outside the influence of the tip has a
region (1) loading and compute the distridution of Pi/2q on this dasis.
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Sketch 3.
Other regions of interacting flow fields, such as regions (4), (%),

(6), ete., (aee sketch 1) will be considered to have no lifting pressures
and will be cmitted from these calculations. This assusption should
add 1ittle error to the total exia! distriduticon of Bi1/2q 1f these
regions are gmall., Refercnce 9 indicates that the contribution of these

regions to the total 1ift is pegligible.

C. Wing With Supersonic leading Edge

g% s
;’;/ ( N G

>

1/ (1)
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In region (1) the flow is the same as the flow over & swept wing
of infinite aspect ratio. The local lift coefficient is given by

AC, .. = lDE (1)
P(1) pmz -1

Substituting the value of the local 1ift coefficient (eq. (1)) into
equation (L) and perforaing the specified integration yields

°5£ - . D3 COS eyyo (15)
4@ 22 -1 i

In regilon (2) the ex;rossion for the local 1lift coefficient is

(see ref. 1C)

» “1(1 - . =11 + aa
ch(z) W——'—:z;"—;._l[coa 1(}-;-_-“-1;;) cos (l;-:‘-‘;_)-\ (16)

Combining equations (16) and (L) results in the exrression for the

distribution of jil/2q.

- gg_ - - 240 co8d (a - 2°sin 6) [coa’le;ﬂ> »
](2) pr(l - azai.nze)\]nz -1 "¢

m+a 3 -4a Q + 8

a
2 /—53-:-1- un-l(f_:_ﬂg_é.> ° 7)
l -~ ainzg - a sin @ ay

m-1<1._:_aa>] - m{cos'l (L.m) - cos'l(l.t_‘.ﬂ) .



In reference 11 the differential pressure coefficient in region (3)
13 shown to de

Foesy = Fogay * T o
vhere
o ..-.‘_m.—mol &QltOEJ (19)
Pr PR - 1 l g
> x.,
Sketch 5.
end t = fy,/x, .

In region (4) the differentinl cressure cocfficient is
“oqu) = oz *“Cre (20)

The distribution of B1/2q for reglon (3) can be determined by
first caolculating the distribution as if 1t vere region (1) end edding
to 1t the distribution derived from equation (19). Similarly the
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dtotridution of B2 for regton (U) can be determined by calculating
the distridution as 1f {t were reglon (2) and edding to it the distridbue
tion obtained from cquation (19).

In order to simplify the intogration equation (19) has been approxie
mated by the following expression,

- S [ - 7 I ) —
T aJ;e‘.—;[l av-sb/an+maane] =)

A comparison of the two curves defined by equations (19) and (21) is
shown in sketch 6.

g A

Sketeh 6.

The 1ift forces on 8 ty»ical lateral section guch ags that shown in
skotch 6 arc cqual for the two loed distributions 1llustrated. They
are equal since the areas under the two curves are equal, The error
in Bif2q introduced by the approcimate form of the loading will be
small since the load oan the tip is only a emgll part of the loed on
the entire wing. Also when 0 s O° <the error will be zero if the



integration proceeds from the iach line emanating froa the tip leading
edge to b/2, ahich is the case everywhere except at the trailing edge
and at the inner boundary of regicn (5). 7he error will increase slightly
as 9 increases.

Ferforming the integration of equation (21) along the cutting rlane
as indicated by eguation (L) results in the following expressicn

_ 8 Cw8)| | 20a coss (ﬂg_&_’_l) y -

q |, Va® -1 sin 6
‘b/2\8in & - t ¥
1b/2\sin &)’ 'logo(l'-fb/&n0 iy sin ©) ° (22)
¢ sin%e Yi

Yhen © = 09 it is =zore convenient to use the fora

- ¥l (g,,QO)
2q

o 2a_ )y, ___pbf2 n)y, Eye Yo (23)
t Vm€ -1 ( bw - b/2 2Cy - (b/2) | yy

The 1ift in region (5) is negligible (scee ref. 1ll) in comparison
to the lift of the whole wing and will be treated here as if it added
no 1ift at all.
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D, Twisted Wing

For the case of an arbitrarily twisted wing the pressure distribution
will be deternminsd bty supersonic strip theory, due to the lack of a better
method. In supersonic strip theory each chordwise section of the wing is
treated as if it was a section of a two-dimensional wing. That is, the
loading on a section is proportional to the angle of attack of that section.
If the wing is twisted or 1lies partially or wholly within the influence
of some disturbing element (such as the wing apex) strip theory will not
yield a good approximation of the pressure distribution. liowever, if the
wing bas supersonic edges the total 1ift of the wing will be correctly
predicted by strip theory. This result is a conseyuence of a theorem
and a corollary about the reservation of 1ift which are given in roference §,
and are given beslow.

Theorea 1: For a wing with supersonic edges whose trailing edge
is perpendicular to the flow direction, the lift ccefficient due to a
deflected elexent has the tso-dizensional value h& » when based on the
area of the deflected element. In general this arﬁs carries only part of
the generated lift. l:owever, the centor of 1lift is at the centroid of
the element.

Corollary 1: For & wing with a planfora as described in Theorem I
but with an ardbitrary distribution of local angle of attack a the 1lift
coefficient is

whers C; = total 1lift coefficient, S = wing areca and a..' ® average angle
of attack. The integration is extended over the total area of the wing.
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Froofs of the above theorem can be found in reference 6. 4
further consequeace of the above tlieorea for wings with sll supersonic
edges is that an integretion with respect to the ceonical variable a
froa 0 to m ylelds the section 1lift coefficicit le,ye Thus an
integration of the nressures on such a wirng along a section formed by
the intersection of the ‘lach cutting plane with the wing chord plane
which procecds froa the body axis (a = U) to the wing leading edge
(a = =), will equal to E%?! times the length of the section. If
strip theory is used instead of a more exaci determination of the
rrossure distribution, the ubove inteurution will yield the saze result.
it appears, therefore, thut strip theury is capable of providing a
reagsonable approxination of the distribution of ,1/2q on & wing wxith
supersonic edges. 7The largest errors will protably occur for wings of
high aspect ratio and highly swept trailing edges.

The local 1ift coefficient on an arbitrarily twisted wing is given

by strip theory by
L
4Cp = , (24)

The distribution of ;1/2q on a twisted wing can be obtained in
the sare manner 28 for an untwisted wing., ilacely, by substitution of the
vressure coefficient into equaticn (L) and by perforaing the required

integration. This has been done, and the result is given below as

Y
- B a2 coss Jr °ady (25)
2q ¥i
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If the function a 4is not easily integrated, ths distrivution of }i/2q
can be obtained by plotting the variation of ¢ with y and graphically
integrating petween the desired liaits.

o

E. Body Induced Upwash

The sparwise distribution of angle of attack due to body induced
uowash is given by the expression (equation (6))

2
=0 3

“here ay 1is the angle of attack of the body and r is the body radius.
Substituting equation (6) into the expression for the distribution of

§l/2q for a twisted wing, derived in the preceeding section, and per-
foraing the specified integration yields

- £l o -
£ 2031'20009 (%; .’li.) (26)

or in terms of the conical coordinate a

N S .
- % .. 2fa;rccosd (‘o - ‘1) @7)

3 84



VI. SAYPLE CALCULATIONS

In order to facilitato the use of the expressions derived in the
preceeding sections of this thesis sanpls calculations have been made
for the distribution of [l/2q for a typical configuration. A sketch
of this configuration with the pertinent dimensions is presented in
Figure 6. The calculaticns are for a tach nuaber of X V2 and for an
angle of attack a = 4°, The calculations are presented below,

As was pointed out in the ".dethods of Analysis" section, the
distribution of pl/2q for a wing-body conbination will be determined
from the wing-body interference model capicted in Figure 5.

1. Body contribution.~ The contribution of the body to the
distribution of £l1/2q 4is given by equation (C)

ds
gy -2 body

The body used in this example is the Sears-HaacK minimua drag body for
a given lenzth and volume (see ref. 12). The cross-sectional area dis-
tribution of this body is

$ = Eg-g"- (5 + ez - ueene)?

and the rate of change of the area in the axial direction is

2
g - 21!_!'_. - L 4 - 2
@ 22“ (1 2;/1) V3 « LE/L - LE/L
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Figure 6.- Model used in sample calculations.
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Body contribution

— — — Rigid wing contribution (right wing)
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Figure 7.- Distribution of Bl/2q for a typical wing body configuration.
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Body contribution

Figure 8.- Distribution of Bl/2q for a typical wing-body combination.
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Thus = g—& - - gp_ag_rm%’r}_go_gg Q- 8/1.)\/3 + L8/L - L82/12
Substituting the conditions of the proulea into the above equation ylelds
the contribution of the body to the distribution of {l/2q which is pre-
sented in Figures 7 and 8.

Il. Contribution of a rigid wing alone.~- Figurs 6 indicates that
at & dach nusber i =\2 the wing has subsonic leading edges while the
trailing edges are supersonic. Thus only region (1) and region (2) 3353'
loadings exist on the wing surface. 7The contribution of the rigid wing
alons to the distribution of [l/2q 4is then given by equation (11)

_st|F™ _ . 2naty cos © Lsm §yn2 - a2 .
291 (1) pQ1 - a281120)E" (xn)Ll - a sin ©

(11)

When © = 0° the intsrscction of the .iach cutting planc with the
x,y-plars is porpendicular to the stream diroction and the distribution
of §l/2q, as deteramined frcn the equation above, will ba the sazne for
both the right and left wing panels. This is obvious froa the symzotry
of the configuration. The liaits of integraticn ap amd a4 are
determined froa the intersection of the cutting plano with the boundaries
of the region of interest, The cutting plane for €« 0° and L« 8 is
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shown in Figurs 6. The outboard limit for this cutting plane, in terms
of the conical coordinite a = [y/x, is 0.842. This, of course, is the
value of the sweepback paranster a2 since the outboard limit lies along
the wing leading edge. The inbcard linit lies along the body axis and
is equal to zero. The contribution of the right half of the rigid wing
to the distribution of {l/2q has been conputed for the conditions of
the problea and is presented in Figure 7.

%hen © 1is different froau zero the contributions (to the distri-
bution of §1/2q) of the right half and the left half of the rigid wing
alone are not equal. The cutting plane for © = S° and ¢ e § is
shown on Figure 6. The outboard linit of integration for the right half
of the wing lies along the lach line emanating froa the wing tip and is
given by &, = 0.77Lh. For the left half of the wing the outboard limit
lies along the wing leading edge and 1s equal to -0.842. The inboard
linits for both wing halves lie along the body axis and are equal to zero.

The contributions to the distribution of ji/2q of the right and
left halves of the rigid wing alone have been cozputed froa equation (12)
using ths linits defined above and are rresented in Figure 8.

11I. Contribution of body induced upwash.- The contribution of
body induced upwash to the distribution of jl/2q can be deterained

from ejuation (27);

(27)
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The valuss of a5 and a4y are deternined froa the intersectiocn of the
dach cutting plane with the boundaries of the region which is composed
of all the wing surface outboard of the average body radius r,. %*hen
@ = 0° the contribution of ths right and left exposed wing panels to
the distribution of §l/2q are identical due to the symnetry of the
configuration. For the cutting plane defined by © = 0° and 84 = 8,
the linits of integration are ap *m = 0.842 ard a3 = froAy = 0.1675
(see Figure 6). The contribution of the right exposed wing pansl has
been coaputed for the conditions of the problem and i3 yresented in
Figure 7.

Yhen 8 1is different fron gero the contributions of tho two
exposed wing panels are no longer equal and must be deteramined separately.
For © =459 and gy = 8, the limits of integration for the right exposed
wing parel are ag = 0,790 and a4 = 0.166. For the left exposed wing
panel these values are ap = -0.542 and a4y = -0.216 (see i'igure 6).
The contributions of the right and left exposed wing panels have been
computed and are presented in Figure 8.

Iv. Total distribution of ;l/2q.- The total distribution of
pl/2q 48 obtained simply by sumning the contributions of the variocus
parts of the wing-body interference model for like values of & and ¢,
The total distributions of ,1/2q for the conditions of this problea
with & equal to (° and L5° are presented in Figure 9.
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Figure 9.- Distribution of BZ/Qq for a typical wing-body combination.
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VII. DISCUSSIOH

In this thesis a nsthod has been developed whereby the wave drag
dus to 1ift of a wing-body coabination can be detsramined sclely froa the
geometry of the configuration. The various expressions for ji/2q
(froa which the wave drag due to 1lift is calculated) were derived froa
linsarized supersonic flow relations. Thus this method can be expscted
to apply to any slender rectilinear planfora wing~body combination to
which linearized supersonic theory is applicable.

At Mach numbers approaching unity lirearized supersonic theory
loses its validity and consequently this method would be axpected to
lose its validity also. liowover, the term § = 42-1 becomes szall as
tho iach number nears one and the wave drag due to lift, which is
proportional to ;2, becomes only a saall part of the total drag.
Therefore, it is possible to use this method for ilach nuabers close to
one without incurring excessive errors in the total wave drag.

The results of the saaple calculations (see Figures 7, 8, and 9)
indicate that the éoutribution of the body to the distribution of
pt/2q 4s small. Tho body used in these calculations was a Sears-Haack
body of fineness ratio 12.5. In order to illustrate the effect of a
change in body shape on the distribution of [l/2q, calculations of
£1/2q were made for an indented Sears-Haack body (Fig. 10) and compared
with the results for the Sears-iiaack body. 7The change in body shape
had a considerable aeffect upon the contridution of the body to the dis-
tribution of [1/2q. It should be mentioned that the effoct on the wing
of the change in body pressures has not been considered. This induced
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Figure 10.- Comparison of the distributions of Bl/2q for a Sears-HaacK
body of fineness ratio 12.5 and a symmetrically indented body.
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effect will probably be as large, if not larger, than the effect of the
change in body shape on the body. Thus it secas likely that the total
effect of a change in body shape is actually several times larger than
that calculated and presented in Figure 10. lomever, the contribution

of the body change to the distribution of (1/2q, including induced
effects, is szall in comparison to the total distribution of ;i/2q

for the complete configuration. Samall enough, in fact, to be neglected
if the body is sx00th and slender. It appears, then, that a symuetrical
chiange in body shape, such as indentation, which has a considerable effect
upon the wave drag due to thickness, will have only a slight effect upon -
the wave drag due to lift.

Since the effects of changes in body shape are small the wave drag
due to 1ift, for the type of configuration studied in this thesis, depends
almost entirely upon the wing planform. The method developed herein can
be used to deterunine the variation of the wave drag due to 1lift with the
various planfora parameters such as sweepback, aspect ratio, and taper

ratio,



- 35 -
VIII. CONCLUSIOKS

A method has been developed in this thesis whereby the wave drag
due to lift of a wing~body combination can be deterained solely from the
geometry of the configuration. The cases of supersonic and subsonic
leading edges have both boen treatsd. Saaple calculations have been
made for a typical wing-body configuration and the results indicate
that syanetrical changes in body shape, such as indentation, which may
have a considerable effect upon the wave drag dus to thickness, will
have only a slight effect uron the wave drag due to 1ift. The wave drag
due to lift of a wing-body combination, for which the body is fairly
saooth and slender, is shown to depend almost entirely upon the wing
planform.
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